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PREFACE 


The  Space  Propulsion  and  Power:  Operational  Effectiveness  and  Cost  Stucfy  (DECS) 
was  proposed  by  Capt  Fred  Kennedy  of  Phillips  Laboratory  (PiyVTP)  in  the  fall  of  1993. 
In  discussions  with  the  Office  of  Aerospace  Studies  (OAS),  the  initial  OECS  scope  was 
enlarged  from  an  investigation  of  a  single  innovative  upper  stage  propulsion  and  electrical 
power  concept  to  include  all  potentially  competitive  contemporary  concepts.  OECS 
funding  became  av^lable  from  PLATP  in  June  of  1994,  and  the  Air  Force  propulsion, 
development  planning,  and  operational  communities  found  the  resources  and  desire  to 
make  the  study  a  reality.  Under  OAS  lead,  the  OECS  kickoff  took  place  that  month. 

While  direct  Air  Force  support  was  crucial  to  OECS  success,  the  contractual 
participation  of  the  Rocketdyne  Division  of  Rockwell  International  led  by  Mr.  Mike  North 
and  the  support  of  Mr.  Glen  Law  and  others  of  the  Aerospace  Corporation  were 
indispensable.  A  separate  list  of  OECS  participants  is  included  in  this  volume.  The  OECS 
was  truly  a  team  effort,  which  OAS  was  privileged  to  coordinate. 

We  desired  to  be  thorough  in  documenting  the  OECS,  as  the  value  of  poorly 
documented  analyses  quickly  fades.  Because  of  this,  some  may  find  the  level  of  detail 
included  to  be  daunting.  For  those  who  want  nothing  but  the  “answers,”  Chapter  8 
provides  a  concise,  stand-alone  summary.  For  those  wanting  more  background,  we 
suggest  the  introduction  in  Chapter  1 . 

A  primary  goal  of  the  OECS  was  to  provide  reliable  technology-planning  guidance. 
Success  in  achieving  the  goal  was  ensured  by  employing: 

•  Advocate-sponsored  technology  concepts 

•  One  methodology  across  all  technologies 

•  Open  decision  making 

•  Advocate  review  of  study  inputs  and  outputs 

•  Consistent  effectiveness  and  cost-effectiveness  comparisons 

These  circumstances  did  not  come  cheaply,  either  in  execution  time  or  manpower. 

But  sound  analysis  of  complex  problems  is  never  quick  or  cheap.  Slightly  more  than  a  year 
was  required  from  kickoff  to  final  briefing,  and  this  document  has  been  in  preparation 
many  additional  months.  Coordination  meetings  were  frequent  and  occasionally 
contentious,  yet  we  persevered.  And  as  should  be  the  norm  rather  than  the  exception,  the 
models  and  methodologies  developed  for  the  OECS  are  being  applied  to  a  new,  more 
complex  scenario — a  scenario  based  on  reusable  orbital  transfer  vehicles  (ROTVs). 
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1.  INTRODUCTION 


1.1  BACKGROUND 

For  years  the  military  and  civilian  space  propulsion  communities  have  investigated 
innovative  upper  stage  and  on-orbit  satellite  propulsion  concepts  as  alternatives  for 
existing  postbooster  propulsion.  These  technologies  promise  possible  stepdown  to  a 
smaller  booster — ^thus  saving  launch  costs — or  enhanced  payload  capability  without 
stepping  up  to  a  larger  booster.  The  drawbacks  of  the  technologies  are  developmental 
costs,  less  responsiveness  due  to  low  thrust  and  thus  longer  transfer  time,  large  propellant 
tank  volumes,  and  some  environmental  and  political  concerns.  The  Space  Propulsion  and 
Power:  Operational  Effectiveness  and  Cost  Study  (OECS)  compares  these  technologies  to 
current  practice  and  to  one  another  for  effectiveness,  cost,  and  cost-effectiveness. 

While  the  innovative  technologies  are  at  various  levels  of  maturity,  all  probably  could 
achieve  flight  demonstration  within  seven  years  and  initial  operational  capability  (IOC) 
within  ten  years  given  suitable  development  funding.  Because  four  of  the  technologies 
provide  electrical  power  as  well  as  propulsion,  electrical  power  is  included  as  a  primary 
component  of  the  study. 

The  major  OECS  innovative  propulsion  and  power  technology  combinations  are: 

•  Advanced  cryo  (advanced  cryogenic  propulsion  and  photovoltaic  power) 

•  Nuclear  bimodal  (nuclear  thermal  propulsion  and  thermoelectric  power) 

•  Solar  bimodal  (solar  thermal  propulsion  and  thermionic  power) 

•  Solar  thermal  (solar  thermal  propulsion  and  photovoltaic  power) 

•  Nuclear  electric  (nuclear  electric  propulsion  and  thermionic  power) 

•  Solar  electric  (solar  electric  propulsion  and  photovoltaic  power) 

Figure  1-1  organizes  propulsion  technologies  under  the  headings  “Chemical,” 

“Solar,”  and  “Nuclear.”  The  advanced  cryogenic  innovative  technology  (“Advance 
Cryo”)  represents  an  incremental  improvement  on  the  baseline  cryogenic  technology 
(“Current  Cryo”).  The  remaining  innovative  technologies  are  solar  and  nuclear.  The 
OECS  solar  and  nuclear  electric  thrusters  are  arcjets  and  ion  engines.  Arcjets  are 
examples  of  electrothermal  propulsion,  and  ion  engines  are  examples  of  electrostatic 
propulsion. 
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Figure  1-1.  OECS  propulsion  technologies. 

Nuclear  thermal  technology  was  not  investigated  because  the  Air  Force  program 
has  been  canceled  and  because  the  nuclear  bimodal  system  employs  nuclear  thermal 
propulsion.  The  electromagnetic  technologies  were  not  considered  because  it  is  doubtful 
they  could  meet  the  OECS  technology-demonstration  and  IOC  requirements. 

The  baseline  launch  systems  consist  of  existing  operational  systems:  Delta  H,  Atlas 
HAS,  and  Titan  IV  with  the  solid  rocket  motor  upgrade  (SRMU).  All  study  technologies 
are  assessed  in  a  system-level  context  that  includes  aspects  of  ground  operations,  boosters, 
upper  stages,  and  satellite. 

The  OECS  is  the  most  ambitious  of  three  related  studies  funded  by  Phillips 
Laboratory’s  Bimodal  Program  Office  (PLATTP).  The  others  are  the  Launch  Vehicle 
Step-Down  Study,  conducted  by  W.  J.  Schaffer  Associates,  and  the  On-Orbit  Asset 
Management  Study,  conducted  by  Lockheed  Martin  Astronautics.  The  Launch  Vehicle 
Step-Down  Study  assesses  the  impact  on  launch  vehicles  of  using  the  OECS  innovative 
technologies  to  move  payloads  from  existing  launch  vehicles  to  smaller,  less  expensive 
ones.  The  goal  of  the  On-Orbit  Asset  Management  Study  is  to  investigate  the  novel  on- 
orbit  operational  advantages  of  the  innovative  technologies. 

Much  of  the  OECS  methodology  is  based  on  the  Solar  Electric  Propulsion 
Assessment  (Chan  et  al.)  and  the  Comprehensive  On-Orbit  Maintenance  Assessment 
(Feuchter  et  al.,  1989). 

1.2  GOALS  AND  SCOPE 

The  primary  OECS  goal  is  to  provide  as  accurate  a  comparison  of  the  capabilities, 
cost,  and  cost-effectiveness  of  the  iimovative  technologies  as  resources  and  current 
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1.2  GOALS  AND  SCOPE 


The  primary  OECS  goal  is  to  provide  as  accurate  a  comparison  of  the  capabilities, 
cost,  and  cost-effectiveness  of  the  innovative  technologies  as  resources  and  current 
knowledge  permit.  This  goal  was  pursued  by  sharing  all  pertinent  technology  and  cost 
data  among  all  participants,  employing  a  common  analytical  methodology,  and  generating 
as  consistent  a  set  of  cost-estimating  relationships  (CERs)  as  possible. 

The  OECS  focuses  on  DOD  missions.  The  study  examines  three  propulsion  tasks: 
orbital  transfer  to  final  mission  orbit,  on-orbit  stationkeeping,  and  on-orbit  maneuvering 
to  new  orbits.  These  tasks  are  referred  to  throughout  this  report  as  lift,  hold,  and  move, 
respectively.  Satellite  electrical  power  requirements  are  also  assessed  because  some  OECS 
technologies  use  the  same  energy  source  to  provide  propulsion  and  electrical  power. 

1.3  STUDY  TEAM 

The  OECS  brought  together  the  potential  technology  user.  Air  Force  Space 
Command  (HQ  AFSPC/XPX);  the  space  systems  acquirer.  Space  and  Missile  Systems 
Center  (SMC/XRT);  the  propulsion  technology  developers  within  Air  Force  Materiel 
Command,  Phillips  Laboratory  (PLA^TP  and  OL-AC  PL/RK);  and  major  elements  of 
the  space  analytical  community.  The  Office  of  Aerospace  Studies  (AFMC  OAS/DRA) 
provided  the  study  leadership.  The  Aerospace  Corporation  and  Rocketdyne,  a  division 
of  Rockwell  International,  provided  technical  and  cost  support. 

1.4  STUDY  PANELS 

Five  panels  were  established;  mission/threat,  technology/concepts,  analysis,  cost, 
and  policy/safety.  Each  major  participating  organization  chaired  at  least  one  panel.  The 
Aerospace  Corporation  provided  system  design/sizing  and  cost  support.  Rocketdyne 
provided  a  consistently  derived  set  of  CERs  and  a  single-source  familiarity  with  all 
technologies. 

Figure  1-2  shows  the  interactions  among  the  panels.  The  width  of  the  arrows 
indicates  the  relative  degree  of  interactions.  The  policy  and  safety  panel  is  shown  in 
the  background  to  indicate  its  results  provided  ancillary  information  as  opposed  to 
influencing  technical  comparisons.  Primary  participants  in  each  panel  are  listed  beginning 
with  the  organizational  panel  chair.  The  design  sizing  model  occupies  a  central  place  on 
the  figure,  as  it  did  in  the  study.  This  model  incorporates  all  technologies  and  provides  a 
consistent  set  of  upper  stage  and  satellite  designs. 
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Figure  1-2.  Primary  relationships  between  OECS  panels. 


1.5  COMPARISONS  OF  TECHNOLOGY  PERFORMANCE 

Because  of  the  diverse  OECS  propulsion  technologies,  a  broad  perspective  of  the 
term  upper  stage  has  been  adopted  in  this  report.  Some  OECS  upper  stages  separate  from 
the  satellite  and  others  are  integral  to  the  satellite.  This  diversity  makes  it  impossible  to 
make  even  a  rough  comparison  of  technology  performances  by  citing  total  mass  on  orbit. 
For  comparable  satellite  performance,  the  total  mass  on  orbit  of  one  technology  may 
represent  a  satellite  separate  from  its  upper  stage  (as  is  done  today),  while  another 
technology  may  include  a  massive  nuclear  reactor  or  solar  mirrors  that  remain  with  the 
satellite. 

Homogeneity  in  comparisons  is  reestablished  by  considering  on-orbit  payload  mass 
and  payload  electric  power  in  place  of  total  mass  on  orbit.  Figure  1-3  uses  the  terms 
satellite,  payload,  and  bus  to  emphasize  the  nature  of  this  paradigm  shift.  The  satellite 
(total  mass  on  orbit)  is  composed  of  the  payload  and  bus.  The  bus  supports  the  payload. 
The  payload  is  the  mission  equipment — ^the  reason  for  launching  the  satellite.  We  have 
shaded  the  payload  block  to  emphasis  the  paradigm  shift.  The  bus  consists  of  seven 
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°  Command  and  data  handling 


Figure  1-3.  Satellite  organization. 

subsystems,  including  on-orbit  propulsion  and  electrical  power.  Bus  subsystems  are 
discussed  in  Chapter  6  and  Appendix  B. 

1.6  GROUND  RULES 

Several  ground  rules  were  proposed  and  adopted  during  the  study.  The  most 
significant  are  outlined  below. 

Ten-Year  Initial  Operational  Capability  (IOC):  Only  technologies  with 
reasonable  potential  to  achieve  a  flight  demonstration  in  seven  years  and  an  initial 
operational  capability  within  ten  years  were  considered.  This  does  not  mean  that  all 
the  technologies  have  the  same  developmental  risk. 

Existing  Boosters:  The  OECS  is  not  a  booster  study;  rather,  it  is  a  comparison  of 
upper  stage  lift,  on-orbit  hold  and  move  propulsion,  and  electrical  power  technologies. 
Therefore,  only  existing  boosters  will  be  used.  Consideration  of  incremental  changes  to 
existing  launch  vehicles  or  new  launch  vehicles  would  change  the  details  of  the  results  but 
would  not  change  the  relative  capabilities  and  costs  of  the  innovative  technologies. 
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Technology  Limitations:  Known,  quantifiable  technology  limitations  (e.g.,  thruster 
lifetime,  radiation  degradation  of  photovoltaic  cells)  are  accounted  for  in  propulsion  and 
electrical  power  designs.  Less  understood  or  potential  limitations  are  discussed 
qualitatively  (see  Chapters  3  and  5). 

Photovoltaics:  The  study  assumes  that  photovoltaic  technology  advancement  is 
the  same  for  all  applications,  including  baseline  applications.  This  provides  the  fairest 
comparison,  as  it  is  reasonable  to  expect  photovoltaic  technology  to  be  continually 
advancing  independent  of  the  development  of  any  iimovative  technology. 

Equal  Reliability:  All  launch  vehicles  are  assumed  to  be  equally  reliable.  Known 
upper  stage  limitations,  such  as  limited  thruster  lifetime  or  radiation-induced  photovoltaic 
degradation,  have  been  allowed  for  in  the  system  designs  and  their  projected  employ¬ 
ments.  These  limitations  are  discussed  in  Chapter  3  and  Appendix  B. 

Innovative  Technology/Payload  Interaction:  Each  innovative  technology  wall 
influence  payload  design  in  some  manner.  The  OECS  assumes  that  none  of  these 
interactions  significantly  impacts  the  use  of  the  technology  (known  impacts  are  factored 
into  system  designs,  e.g.,  radiation  shielding  for  nuclear  systems).  Investigating  this 
assumption  is  beyond  the  scope  of  this  study. 

Upper  Stage  Scaleability:  With  the  exceptions  of  the  advanced  cryogenic  and 
nuclear  bimodal  technologies,  innovative  upper  stage  designs  are  scaled  (sized)  exactly 
to  the  mission,  payload  mass,  and  payload  electrical  power.  Advanced  cryogenic  has  three 
designs;  one  each  for  Delta,  Atlas,  and  Titan.  Nuclear  bimodal  has  a  singular  reactor 
design.  Scaleability  is  discussed  in  more  detail  in  Chapter  3  and  Chapter  4. 

Innovative  Employment:  The  OECS  scenarios  or  operational  reference  missions 
(ORMs)  were  selected  because  they  represent  known  usefijl  mission  orbits.  The  structure 
of  the  study  encourages  independent  consideration  of  how  increased  payload  mass  or 
electrical  power  on-orbit  might  be  used.  However  identifying  new  applications  is  not  a 
study  goal. 

Fairing  Volumes:  The  OECS  has  roughly  estimated  the  necessary  fairing  volumes 
associated  with  each  combination  of  technology,  mission,  launch  vehicle,  and  payload. 
Potential  problems  with  fairing  volume  have  been  noted,  but  these  problems  do  not  restrict 
estimates  of  technology  performance. 
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1.7  SCHEDULE 

The  DECS  kickoff  meeting  occurred  in  June  of  1994.  The  final  briefing  was  given 
initially  in  July  of  1995. 

1.8  REPORT  OVERVIEW 

The  study  team  identified  six  critical  steps  in  accomplishing  the  OECS.  These  steps 
are  listed  below  with  a  brief  description  of  the  chapters  in  which  they  are  addressed. 

1.  Examine  a  comprehensive  range  of  potential  operational  scerKoios. 

Chapter  2  discusses  potential  uses  for  the  innovative  technologies  and 
develops  potential  operational  scenarios. 

2.  Seek  a  uniform  level  of  optimism  in  technology  assumptions. 

Chapter  3  gives  an  overview  of  each  technology. 

3.  Identify  a  comprehensive  range  of  realistic  technology  combinations, 

and 

4.  Employ  technologies  correctly. 

Chapter  4  presents  an  overview  of  the  analysis  along  with  details  of  many 
issues  critical  to  understanding  the  analysis. 

5.  Employ  effectiveness  and  cost-effectiveness  methodologies  that  are 
independent  of  the  technology. 

Chapter  5  details  the  methodology  and  results  of  the  effectiveness  analysis. 

6.  Strive  for  consistent  cost  assumptions. 

Chapter  6  describes  the  methodology  and  results  of  the  cost  analysis. 

The  main  body  of  the  report  concludes  with  Chapter  7,  which  presents  the  results  of  the 
cost-effectiveness  analysis,  and  Chapter  8,  which  is,  in  effect,  an  executive  sununary. 

This  document  also  contains  five  appendices:  Appendix  A  discusses  the  relation¬ 
ship  between  satellite  mean  mission  duration  and  design  life;  Appendix  B  addresses  the 
sizing  relationships  in  the  aerospace-design  sizing  model;  Appendix  C  deals  with  the 
response  surface  metholology  equations  for  estimating  constellation  availability  and 
number  of  satellites  bought;  Appendix  D  presents  the  fairing  volume  calculations  for  the 
innovative  technologies;  and  Appendix  E  has  the  acquisition  cost  estimates  for  establishing 
and  maintaining  a  constellation  for  15  years.  A  sixth  appendix.  Appendix  F,  is  available  in 
electronic  format  to  US  government  agenciesuind-theif-eentrnctors-.  Appendix  F  consists 
of  a  series  of  Microsoft  Excel™  spreadsheets  containing  the  cost-estimating  relationships 
(CERs). 
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2.  OPERATIONAL  REFERENCE  MISSIONS 


2.1  INTRODUCTION 

The  DECS  Mission  Panel  incorporated  operational  missions  into  the  OECS  through 
the  use  of  operational  reference  missions  (ORMs).  The  ORMs  define  generalized  mission 
orbits  representing  one  or  more  satellite  constellations  that  are  operational  or  potentially 
operational  and  militarily  useful.  The  ORMs  ensure  a  real  world  flavor  to  the  study.  They 
help  us  select  appropriate  satellite  and  constellation  parameters,  choose  analysis  measures, 
select  methodologies,  and  cost  the  technologies. 

The  following  list  identifies  essential  technology-independent  operational  parameters 
for  constellations  and  satellites.  The  first  two  parameters  affect  the  number  of  satellites 
bought  over  the  lifetime  of  the  constellation.  The  last  three  are  basic  yardsticks  for 
defining  the  performance  of  propulsion/power  technologies. 

•  Constellation  size 

•  Satellite  mean  life 

•  Satellite  payload  mass 

•  Satellite  payload  electrical  power 

•  Satellite  on-orbit  mobility 

The  mission  panel  was  originally  constituted  as  the  mission/threat  panel.  No  hostile 
threat  analysis  was  performed — ^the  panel  did  not  have  the  specialized  knowledge  to 
evaluate  potential  threats  with  respect  to  the  technologies.  This  does  not  imply  that  threats 
will  not  vary  with  technologies  or  ORMs.  Differences  in  technology  hardness  and 
exposure  times  clearly  exist,  even  if  they  are  not  well  quantified. 

2.2  DEFINITION  CRITERIA 

There  are  several  ways  to  group  operational  constellations  into  ORMs:  by  orbital 
parameters,  payload  lift  AV  (velocity  change)  requirements,  electrical  power  needs, 
mission  function,  etc.  The  OECS  ORMs  are  grouped  by  orbital  parameters — primarily 
semimajor  axis  and  inclination,  with  eccentricity  a  consideration  in  some  situations.  This 
decision  was  made  because  the  mission  orbit  adequately  describes  the  lift  aspects  of  the 
study  and  because  only  a  small  number  of  satellite  orbits  have  historically  been  useful 
given  temporal  and  geometric  operational  requirements. 

2.3  ORM  OVERVIEW 

The  mission/threat  panel  selected  four  general  ORM  groups:  geosynchronous  Earth 
orbit  (GEO),  mid-Earth  orbit  (MEO),  low  Earth  orbit  (LEO),  and  highly  eccentric  orbit 
(HEO).  Interplanetary  missions  were  excluded  since  they  consist  primarily  of  civilian 
applications.  Six  ORMs  were  identified  within  these  groups,  as  shown  in  Figure  2-1. 
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Figure  2-1.  Satellite  groupings  into  ORMs. 


Most  military  missions  occur  in  three  ORMs; 

.  ORMl;  GEO 

•  ORM  2a:  MEO-Global  Positioning  System  (MEO-GPS) 

.  ORM  3a:  LEO-Polar  (LEO-P) 

HEO  (ORM  4)  was  included  since  it  is  a  high  energy,  militarily  useful  orbit  (as 
demonstrated  by  the  Russian  Molniya  satellites).  Two  other  ORMs — MEO-Low  (ORM 
2b)  and  LEO-Big  (ORM  3  b) — ^were  initially  included  to  encompass  emerging  non-GEO 
communications  systems.  These  systems  include  Iridium®,  Globalstar™,  and  Odyssey™. 
Limited  OECS  resources  prevented  the  analysis  of  these  ORMs. 

To  describe  each  ORM,  the  mission  panel  defined  a  number  of  characteristics  about 
the  orbit  and  the  satellites  likely  to  be  found  there.  The  orbit’s  semimajor  axis,  inclination, 
and  eccentricity  define  lift  requirements.  In  most  cases,  the  orbit  is  that  of  a  specific 
satellite  type  found  in  the  ORM;  in  others,  it  represents  a  generic  orbit.  Stationkeeping 
(hold)  can  be  determined  from  the  satellite’s  orbit  and  attitude  control.  To  characterize 
move  requirements  for  each  ORM,  the  mission/threat  panel  defined  a  “standard  move” 
based  on  current  satellite  operations  and/or  capabilities.  The  panel  also  assessed  the 
importance  of  lift,  hold,  and  move  propulsion  requirements  for  each  ORM,  assigning  a 
qualitative  rating  to  each  of  high,  moderate,  or  low.  Constellation  size,  including  on-orbit 
spares,  rounds  out  the  general  description  of  the  ORM. 

A  number  of  parameters  further  characterize  the  ORM.  Ranges  of  these  parameters 
describe  the  satellites  and  constellations  typical  of  the  ORM  and  define  the  parameter 
space  for  the  cost-effectiveness  analysis.  The  parameters  are; 

1 .  Total  Number  of  Satellites,  TNS  (#).  This  parameter  determines  the  size  of  the 
buy.  Large  buys  introduce  economies  of  scale  because  of  production  learning. 
In  the  OECS,  total  number  of  satellites  is  defined  as  the  average  number  of 
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satellites  required  to  establish  and  muntmn  a  constellation  for  15  years.  This 
number  is  identical  to  the  total  number  of  launches.  TNS  ranges  were  estimated 
for  each  ORM  using  the  GAPJPLUS  simulation  model.  TNS  is  a  function  of 
constellation  size,  number  of  spare  satellites,  prelaunch  preparation  times, 
launch  rates  and  reliabilities,  satellite  transfer  and  on-orbit  checkout  times,  and 
satellite  reliabilities. 

2.  Mean  Mission  Duration,  MMD  (yr).  MMD  is  the  average  life  of  the  satellite, 
and  it  can  be  related  to  the  satellite’s  design  life.  The  terminology  for  satellite 
reliability  is  not  standardized.  Under  one  interpretation,  a  satellite  should  not 
die  before  its  design  life  (its  average  life  can  then  exceed  the  design  life  through 
conservation  and  margin).  Under  another  interpretation,  design  life  is  a 
truncation  time — the  satellite  will  not  survive  past  its  design  life  due  to,  for 
example,  mechanical  wearout  or  exhaustion  of  consumables.  For  the  OECS,  we 
have  chosen  the  latter  interpretation  and  have  made  additional  assumptions  to 
directly  relate  mean  mission  duration  and  design  life.  See  Appendix  A  for  a 
detailed  discussion. 

3.  Number  of  Standard  Moves,  Nmov  (#)•  This  parameter  defines  a  range  of 
standard  moves  that  a  satellite  in  an  ORM  may  have  to  perform.  For  ORMs 
with  very  limited  move  opportunities,  a  single  value  is  given.  US  satellites 
typically  have  not  had  a  large  capability  for  on-orbit  maneuvering — they  are 
placed  in  an  operational  orbit  and  remain  there.  The  obvious  exceptions  are 
satellites  requiring  end-of-life  disposal  to  a  nonoperational  orbit  and  those 
moved  (usually  prior  to  or  during  conflict)  to  redistribute  constellation 
coverage.  For  coverage  redistribution,  the  amount  of  propellant  expended  is 
typically  a  function  of  how  fast  the  maneuver  is  performed  (degree/day),  not 
the  distance  of  the  maneuver.  All  maneuvers  are  made  at  the  expense  of 
potential  station-keeping  propellant  (hence  possibly  affecting  satellite  life). 

All  moves  are  expressed  in  terms  of  impulsive  AV. 

4.  Pc^loadMass,  MPL  (kg).  Payload  mass  is  the  mass  of  the  mission  portion  of  a 
satellite.  It  excludes  satellite  structure  and  housekeeping  functions;  it  includes 
mission  hardware  and  all  hardware  directly  associated  with  the  payload,  such  as 
payload  cooling  systems  (see  Section  1.5). 

5.  Payload  Electrical  Power,  PPL  (kW).  Payload  electrical  power  refers  to  the 
sustained  end-of-[design]-life  (EOL)  power  requirement  of  the  payload 
subsystem.  EOL  payload  electrical  power  plus  EOL  bus  electrical  power 
defines  total  EOL  satellite  electrical  power.  EOL  requirements  are  met  by 
overdesigning  satellite  beginning-of-life  (BOL)  electrical  power  to  account 
for  time-related  power  system  degradation  (e.g.,  radiation-induced  solar  cell 
deterioration). 
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2.4  ORM  MATRIX  AND  RATIONALE 

The  ORM  matrix  in  Table  2-1  summarizes  data  for  each  ORM.  A  discussion  of  the 
matrix  and  supporting  rationale  is  provided  below. 

2.4.1  ORM  1  (GEO) 

Both  military  and  civilian  missions  are  performed  in  GEO:  early  warning, 
accomplished  by  the  Defense  Support  Program  (DSP)  satellites;  communications, 
accomplished  by  the  Defense  Satellite  Communications  System  (DSCS),  Nfilstar,  Ultra- 
High  Frequency  (UHF)  Follow-On  (UFO),  and  many  civil  systems;  and  weather, 
performed  by  the  National  Oceanic  and  Atmospheric  Administration’s  GOES 
(NOAA/GOES).  GEO  Constellation  sizes  typically  range  from  three  to  five  satellites.  A 
minimum  of  three  is  required  for  complete  equatorial  coverage,  and  five  provide  some 
overlap  and  coverage  to  all  but  the  Earth’s  polar  regions.  For  example,  NATO  III  is  a 
four-satellite  communications  system  and  the  Fleet  Satellite  Communications  System 
(FLTSATCOM)  is  a  five-satellite  constellation  (Muolo,  pp.  92-93).  On-orbit  spares,  if 
any,  number  one  or  two.  (For  OECS  purposes,  we  use  constellation  size  to  represent  the 
minimum  number  of  satellites  required  to  perform  the  mission.)  Active  spares  may  be  used 
to  increase  constellation  avdlability.  AF  Space  Command  does  not  differentiate  between 
mission  satellites  and  spares.  The  command  includes  both  when  referring  to  constellation 
size,  while  recognizing  that  not  all  satellites  may  be  necessary  to  meet  requirements. 

GEO  altitude  is  35,786  km,  which  gives  satellites  a  period  of  one  sidereal  day. 
According  to  information  furnished  by  Glenn  Law  of  Aerospace  Corporation,  the  typical 
orbit  is  circular  and  equatorial,  but  some  GEO  satellites  are  slightly  inclined  when  north- 
south  stationkeeping  has  a  high  tolerance.  For  the  OECS,  the  mission  panel  used  a  circular 
equatorial  orbit.  Lift  AV  requirements  are  high,  from  4,285  m/s  for  impulsive  maneuvers 
to  5,913  m/s  for  continuous,  low-thrust  electric  propulsion.  Tight  stationkeeping 
tolerances,  similar  to  DSCS,  were  assumed  for  GEO.  These  tolerances  require 
51.38  m/s  AV  per  year  for  north-south  stationkeeping  and  5  m/s  per  year  for  east- west 
stationkeeping  and  attitude  control.  The  standard  GEO  move  is  based  on  two  maneuvers 
all  GEO  satellites  are  likely  to  perform:  a  slow  move  from  a  test  location  to  an  operational 
slot  (1  deg  per  day)  and  a  disposal  move.  The  first  requires  about  5.7  m/s,  and  the  latter 
about  20.06  m/s  (assuming  a  DSCS  Ill-like  disposal)-— for  a  total  of  25.8  m/s.  (See  the 
sidebar  “Satellite  On-Orbit  Maneuvers.”) 

System  characteristics  are  based  on  a  number  of  existing  or  planned  GEO  satellite 
constellations  (Table  2-1).  GAP_PLUS  estimated  the  total  number  of  satellites  based  on 
a  constellation  availability  of  90%.  Based  on  the  relevant  parameters,  a  range  of  5-25 
satellites  was  appropriate  (see  Chapter  5,  MOE-1,  for  a  detailed  discussion).  An  orbital 
analysis  determined  the  range  of  moves.  The  analysis  was  performed  using  standard  GEO 
repositioning  maneuvers:  a  satellite  transfers  to  a  higher  or  lower  circular  orbit,  waits  until 
it  has  reached  its  new  position,  and  then  transfers  back  to  its  original  altitude.  The 
intermediate  circular  orbit  is  necessary  to  avoid  moving  in  and  out  of  the  GEO  band. 
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Satellite  On-Orbit  Maneuvers 

There  are  several  possible  reasons  for  maneuvering  a  satellite  in  its  mission  oibit; 

1.  Oiec&'Ou/.  Some  satellites,  ^ically  those  in  GEO,  are  initially  placed  in  a  test  location, 
checked-out,  and  then  maneuvered  to  Uieir  operational  location.  This  maneuver  has  low  AV 
requirements. 

2.  Disposal.  At  the  end  of  a  satellite’s  life,  the  satellite  is  either  moved  into  a  disposal  oibit  or  de- 
oibited.  Typically,  the  disposal  oibit  is  at  a  higher  altitude.  This  type  of  maneuver  is  important  for  large 
constellations  or  in  the  crowded  GEO  band.  The  maneuver  itself  can  be  complex:  GEO  satellites,  for 
example,  typically  transfer  to  a  higher  oibit  using  an  elliptical  transfer  oibit,  circularize,  then  repeat  the 
process  until  the  desired  disposal  oibit  is  reached  (300  nm  above  GEO  in  the  case  of  DSCS  III).  This 
complex  maneuver  is  required  since  the  amount  of  propellant  remaining  is  uncertain.  Circularizing  at 
intermediate  orbits  ensures  that  if  the  lull  maneuver  cannot  be  completed,  the  satellite  will  not  be 
trapped  in  an  elliptical  orbit  that  intersects  the  GEO  band. 

3.  Crisis  Coverage.  Satellites  can  be  repositioned  or  constellations  optimized  to  provide  mission- 
essential  coverage  in  times  of  war,  crisis,  or  operational  need.  GEO  satellites  were  repositioned  in 
support  of  Desert  Storm. 

4.  Emergency  Stabilization  (Safing).  Propellant  can  be  allocated  to  spin-up  a  tumbling  satellite, 
allowing  the  satellite  to  rotate  predictably.  When  spun  down,  the  satellite  can  be  reoriented.  This  is  the 
case  with  GPS. 

5.  On-orbit  sparing.  A  satellite  would  be  placed  in  a  storage  oibit  and  then  moved  to  replace  a 
failed  satellite. 

6.  Evasion.  An  evasive  maneuver  avoids  a  threat,  whether  hostile  or  natural.  Threat  avoidance 
requires  tactical  warning  (i.e.,  knowledge  that  the  threat  is  coming)  and  the  ability  to  outmaneuver  the 
threat.  In  the  case  of  a  long-term  nuclear  effect,  there  also  would  have  to  be  a  “safe”  oibit  that  would 
permit  meaningful  operations.  Since  these  conditions  are  difficult  to  meet,  satellites  ^ically  enhance 
their  survivability  through  increased  hardening. 

7.  Spoofing.  A  spoofing  maneuver  would  be  used  to  avoid  satellite  oibital  characterization.  One 
could  envision  using  this  type  of  maneuver  to  cause  uncertainty  in  estimating  a  satellite’s  fly-over  time. 

8.  Constellation  dispersal.  O)nstellations  with  large  numbers  of  satellites  in  an  orbital  plane 
may  launch  several  satellites  on  a  single  launch  vehicle.  These  maneuvers  would  disperse  the  satellites 
into  their  operational  positions  after  being  dropped  off  by  the  launch  vehicle:  the  satellites  would  be  in 
elliptical  transfer  oibits  and  individually  circularize  when  they  arrive  at  their  operational  locations. 

9.  Constellation  downsizing.  Through  maneuvers,  satellites  would  be  able  to  position  themselves 
where  needed  as  they  are  needed,  thereby  decreasing  the  requirement  for  larger  constellations. 

Of  these  maneuvers,  only  the  first  four — check-out,  disposal,  crisis  coverage  (to  some  extent),  and 
emergency  stabilization — represent  current  requirements. 


The  upper  limit  of  the  chosen  move  range  is  based  on  a  60-deg/day  move  performed  by 
a  DSCS  n  satellite  in  support  of  Desert  Storm,  which  nearly  exhausted  its  on-board 
propellant  (Newman).  Most  GEO  satellites,  however,  only  perform  1-3  deg/day  moves 
(0.22-0.66  standard  moves).  Table  2-2  provides  a  summary  and  rationale  for  the  chosen 
ranges  of  all  the  GEO  parameters. 


Table  2-2.  ORM  1  (GEO):  Typical  System  Characteristics  and  Their  Translation  to 

OECS  Parametric  Ranges 


Characteristic 

Examples 

OECS  Range/(Rationale) 

Total  #  Satellites 
(TNS) 

3-satellite  constellation  (w/wo  spare) 

MMD  «  5  yr:  TNS  «  12-15 

MMD  ts  14  yr:  TNS  »  5-6 

5-satellite  constellation  (w/wo  spare) 

MMD  «  5  yr:  TNS  «  20-23 

MMD  «  14  yr:  TNS  «  8-10 

5-25  (reasonable  range) 

Mean  Mission 
Duration  (MMD), 
Design  Life 

DSCS  ni:  7-yr  MMD,  lO-yr  design  life 

UFO:  12.6-yr  MMD,  14-yr  design  life 

Intelsat  7A:  10.9-yr  design  life,  16-yr  fuel 

Intelsat  8: 14-18-yr  design  life 

5-14-yr  MMD,  6-16.8-yr 
design  life  (covers  present 
and  near-term  satellite 
reliabilities) 

#  Standard  Moves 

Standard  Move  (25.8  m/s) 

Disposal  (20.06  m/s):  0.78  move 

Check-out  (»  5.7  m/s):  0.22  move 

Additional  moves  (deg/day) 

±1  (5.7  m/s):  0.22  move 
±3  (17.0-17.2  m/s):  0.67  move 
±5  (28.2-28.7  m/s):  1.10  moves 
±10  (55.9-58.0  m/s):  2.25  moves 
±60  (308-385  m/s):  12-15  moves 

1-15  (every  GEO  satellite 
typically  performs  one 
standard  move;  15  moves 
also  includes  one  60- 
deg/day  transfer  using  avg. 
DV) 

Payload  Mass 

DSCS  HI:  230  kg  (500  lb) 

Milstar  IE:  2079  kg  (est.) 

DirecTV:  1270  kg  total  satellite 

Intelsat  7 A:  1748  kg  total 

200-2000  kg 
(encompasses  range  of 
satellites  from  DSCS  III  to 
newest  planned  Milstar) 

Payload  Power 

DSCS  III:  500  W 

Milstar  III:  2.13  kW  (est.) 

DirecTV:  4.07  kW  (est.) 

Intelsat  7A:  3.75  kW 

0.5-5  kW  (encompasses 
range  of  DSCS  III  to 
advanced 

telecommunications 
satellites,  plus  1  kW 
margin) 
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2.4.2  ORM  2a  (MEO’GPS) 

The  Global  Positioning  System  (GPS)  is  one  of  two  ORMs  identified  at  MEO.  The 
GPS  constellation  consists  of  24  satellites  in  six  planes  inclined  at  approximately  55  deg. 
Since  only  21  satellites  are  required  to  provide  three-dimensional  position  and  time 
information  for  the  entire  Earth,  one  satellite  in  alternating  planes  functions  as  an  active 
spare — Whence  our  description  of  21  (+3)  satellites.  The  satellites  are  in  circular,  semi- 
synchronous  (12-sidereal  hour)  orbits  at  an  altitude  of  approximately  20,183  km. 

Impulsive  lift  AV  requirements  are  high:  3,512  m/s  (3,813  m/s  for  continuous,  low- 
thrust  electric  propulsion^  On-orbit  propulsion  requirements,  on  the  other  hand,  are 
relatively  low.  The  orbital  altitude  and  the  nature  of  the  mission  do  not  require  much 
stationkeeping:  Aerospace  Corporation  estimates  0.15  m/s  per  year  (Chao).  Maneuvers 
are  also  minimal.  Even  though  the  Block  IIR  satellites  will  carry  100  kg  of  hydrazine 
propellant,  GPS  satellites  are  frequently  retired  with  most  of  this  propellant  still  on-board 
(Slokum).  GPS  satellites  have  at  least  two  required  maneuvers:  disposal  to  at  least  93  km 
(50  nm)  above  the  GPS  orbit  and  one  or  two  safing  maneuvers  that  spin  up  the  satellite  to 
25  rpm  in  case  of  an  emergency  (Skokum).  The  GPS  standard  move  is  thus  an  aggregate 
of  these  two  maneuvers:  27.17  m/s  (6.73  m/s  for  disposal,  10.22  m/s  per  safing  maneuver 
for  two  maneuvers).  Although  unlikely,  should  two  satellites  in  the  same  plane  fail,  the 
two  remaining  satellites  may  be  repositioned  to  improve  constellation  performance. 

GPS  system  characteristics  are  based  on  estimated  characteristics  of  the  Block  HR 
and  nF  satellites.  (The  HR  satellites  are  replacements  for  the  current  Block  HA  satellites; 
HF  is  the  follow-on  to  the  HR.)  The  total  number  of  satellites  to  populate  and  maintain  a 
GPS-like  constellation  is  estimated  to  be  between  45-70  satellites  with  veiy  high 
corresponding  constellation  availabilities.  The  maneuver  range  is  based  on  estimated  IIR 
on-orbit  capabilities  and  does  not  necessarily  reflect  operational  requirements.  The  other 
parameters,  as  described  in  Table  2-3,  cover  a  wide  range  of  values.  While  the  upper  limits 
on  payload  mass  and  electrical  power  may  seem  high  given  the  likelihood  IIP  satellites  will 
be  smaller  than  DR  satellites,  the  values  are  still  reasonable  for  the  purposes  of  the  study. 

2.4.3  ORM  2b  (MEO-Comm) 

The  second  ORM  at  MEO  is  at  a  lower  altitude  than  GPS,  having  a  6-hr  period 
instead  of  GPS’s  12-hr  period.  Although  identified  by  the  mission/threat  panel  as 
interesting,  resources  were  not  available  to  include  it  in  the  analysis  process.  No  systems 
currently  occupy  this  region.  However  two  companies  are  proposing  communications 
systems:  TRW-Teleglobe’s  Odyssey  system  and  the  International  Maritime  Satellite 
(INMARSAT)  Organization’s  INMARSAT-P  system  (now  INMARSAT  ICO  [Inclined 
Circular  Orbit]).  The  mission/threat  panel  decided  to  break  out  this  ORM  from  GPS 
for  two  reasons:  (1)  the  orbit  is  lower  than  that  of  GPS;  and  (2)  the  orbit  sits  within 
the  Van  Allen  belts,  and  the  harsher  environment  will  have  a  significant  impact  on 
photovoltaic  power  systems  and  other  electric  components.  The  MEO-Comm  orbit  is 
based  on  Odyssey’s  12,000  km  altitude  and  50-deg  inclination  in  three  orbital  planes. 
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Table  2-3.  ORM  2a  (MEO-GPS):  Typical  System  Characteristics  and  Their 
Translation  to  OECS  Parametric  Ranges 


Characteristic 

Examples 

OECS  Range/(RationaIe) 

Total  #  Satellites 
(TNS) 

21-satellite  constellation  with  3  spares 

MMD  »  7  yr:  TNS  «  72 

MMD  «  10  yr:  TNS  »  57 
(GPS  requires  about  48  satellites  per  block) 

45-70  (reasonable  range) 

Mean  Mission 
Duration  (MMD), 
Design  Life 

DR:  MMD  approx.  7.5  yr,  wearout  at 
approx  10  yr  (est.) 

8-12-yr  MMD,  9.6-14.4-yr 
design  life  Gow  end  of  range 
reflects  GPS  HR;  high  end 
reflects  reasonable  advances 
in  solar  cell  and  battery  life) 

#  Standard  Moves 

Standard  Move  (27.16  m/s) 

Disposal  (6.73  m/s):  0.25  move 

Safing  (2  at  10.22  m/s):  0.75  move 
Additional  moves  (deg/day) 

±1  (3.6  m/s):  0.13  move 
±5  (17.9  m/s):  0.66  move 

Two-satellite  failure  scenario,  within 

4  days  (80.54  m/s):  3  moves 

1  day  (322.5  m/s):  11.9  moves 

1-6  (GPS  has  an  estimated 
allocation  of  approximately 
one  standard  move,  and 

Block  HR  has  an  estimated 
capability  for  about  six 
moves) 

Payload  Mass 

nR:  360  kg  payload 

IDF:  approx.  200-250  kg  (est.) 

200-500  kg  (encompasses 
current  GPS  plans  plus 
additional  margin  for 
growth) 

Payload  Power 

HR:  850  W  (est.  680-760  W  for  payload) 

IIP:  lower  than  HR 

Estimate  1000-1200  W  total  power 
growth  for  a  HR-equivalent  satellite 
(800-1080  W  for  payload) 

0.5-1. 5  kW  (encompasses 
current  GPS  plans  plus 
reasonable  margin  for 
growth) 

Odyssey  is  comprised  of  12  satellites  arranged  in  three  planes.  According  to  TRW,  9 
satellites  are  required  to  provide  worldwide  coverage;  12  satellites  are  required  to  provide 
dual  worldwide  coverage.  The  MEO-Comm  orbit  is  based  on  Odyssey’s  12,000-km 
altitude  and  50-deg  inclination. 

Lift  requirements  to  this  orbit  are  slightly  lower  than  for  GPS.  Stationkeeping  is  also 
low.  For  example,  Odyssey  is  planning  1.5  ni/s  per  year  (Pritchett).  The  standard  move 
is  30  m/s,  which  is  based  on  Odyssey’s  15  kg  of  on-orbit  maneuver  propellant  (Pritchett). 
Table  2-4  summarizes  the  ORM’s  characteristics. 
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Table  2*4.  ORM  2b  (MEO-Comm):  Typical  System  Characteristics  and  Their 
Translation  to  OECS  Parametric  Ranges 


Characteristic 

Examples 

OECS  Range/(RationaIe) 

Total  #  Satellites 
(TNS) 

12-satellite  constellation  with  3  spares 

MMD  «  8  yr:  TNS  «  39  satellites 

MMD  « 14  yr:  TNS  «  22  satellites 

20-40  (reasonable  range) 

Mean  Mission 
Duration  (MMD), 
Design  Life 

OdyssQr;  12-yr  MMD,  IS-yr  design  life 
Iiunarsat-P:  10-year  life 

8-12.5-yrMMD,  9.6-15-yr 
design  life  (encompasses 
range) 

#  Standard  Moves 

Standard  move  (30  m/s) 

Disposal  to  90  km  (12  m/s):  0.4  move 

1-2  (approximate  capability 
of  Odessa  ^em) 

Pt^loadMass 

O^^ssey:  3800  kg  total  (wet),  1 135  kg 

BOL 

Inmarsat-P:  1244  kg  BOL 

500-2000  kg  (encompasses 
range  including  gro\^) 

Payload  Power 

Odyssey:  approx.  3  kW  payload, 

3.5  kW  total  EOL  (another  source 
lists  1800  W  total) 

Inmarsat-P;  3760  W  total 

1-4  kW  (encompasses  range 
including  growth) 

2.4.4  ORM  3a  (LEO-Polar) 

The  first  LEO  ORM  is  LEO-Polar  (LEO-P),  representing  a  circular  near-polar  orbit. 
Most  of  the  unmanned  LEO  missions  fall  into  this  ORM.  Low-inclination  LEO  missions 
tend  to  be  manned  or  involved  experimental  payloads  (Thompson,  pp.  54-59).  The 
LEO-P  ORM  is  sun-synchronous,  meaning  that  the  inclination  is  set  to  a  special  value 
(slightly  larger  than  90  deg)  that  takes  advantage  of  orbital  precession  to  keep  the  orbit’s 
orientation  constant  with  respect  to  the  sun.  Thus,  the  orbit  periodically  passes  over  a 
point  on  the  earth  at  the  same  local  time.  LEO-P  missions  include:  weather,  accomplished 
by  satellites  such  as  the  Defense  Meteorological  Satellite  Program  (DMSP);  and  earth 
observation,  accomplished  by  the  US  Landsat  and  French  SPOT  satellites.  Constellations 
tend  to  be  small — one  to  three  satellites.  We  assume  there  are  no  on-orbit  spares. 

The  LEO-P  orbit  is  arbitrarily  based  on  the  DMSP  system.  This  orbit  is  circular  at  an 
altitude  of  850  km  and  an  inclination  of  98.7  deg.  Lift  AV  requirements  are  low  compared 
to  the  other  OECS  orbits.  Stationkeeping  requirements  are  also  low.  Atmospheric  drag 
is  almost  negligible  at  850  km  for  LEO  mission  durations  and  typical  spacecraft  sizes 
(Kechichian).  Solar  pressure  perturbations  are  minor.  Solar  attraction  does  shift  the  orbit’s 
inclination,  affecting  its  sun-synchronous  property  (Chobotov,  pp.  250-251).  The  effect 
can  be  minimized  by  biasing  the  satellite’s  initial  orbit  (as  is  done  by  DMSP)  or  by 
modifying  altitude  (Chao).  Maintaining  satellite  phasing  becomes  a  priority  for  satellite 
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constellations,  but  this  can  be  done  by  adjusting  altitude  (Chao).  Overall,  requirements  are 
very  low — ^less  than  1  m/s  per  year  for  the  DMSP/NOAA  follow-on.  Based  on  this 
information,  the  mission/threat  panel  choose  1  m/s  per  year  for  the  ORM. 

Maneuver  requirements  are  also  low.  (DMSP  carries  very  little  on-board  propellant.) 
Two  types  of  maneuvers  seem  possible  for  LEO-P:  disposal  and  coverage  changes.  Since 
the  AV  associated  with  quickly  changing  coverage  patterns  can  be  very  high,  the 
mission/threat  panel  decided  to  confine  LEO-P  maneuvers  to  disposal  only.  LEO  satellites 
eventually  reenter  the  atmosphere,  and  a  disposal  maneuver  would  lower  the  satellite’s 
orbit  to  facilitate  reentry.  The  standard  move  was  defined  as  20  m/s,  which  is  based  on  the 
approximate  total  AV  capabilities  of  a  DMSP  Block  5D3. 

Table  2-5  summarizes  the  characteristics  of  LEO-P  satellites  used  for  the  study.  Most 
are  reasonable  ranges  based  on  current  and  planned  systems.  The  range  for  the  number  of 
moves  encompasses  the  total  on-orbit  AV  capabilities  of  a  number  of  satellites.  Since  sun- 
synchronous  satellites  vary  in  altitude,  some  satellites  need  more  stationkeeping  for  drag 
make-up.  Thus,  the  six  moves  can  represent  a  high-altitude  satellite  with  lots  of 
maneuverability  (or  a  reentry  facilitating  maneuver)  or  a  lower-altitude  satellite  with 
higher  stationkeeping  than  our  1  m/s/yr. 

2.4.5  ORM  3b  (LEO-Big) 

The  second  LEO  ORM,  LEO-Big,  captures  a  number  of  emerging  missions  at  LEO 
that  will  be  accomplished  by  large  constellations  (in  the  communications  arena,  the  so- 
called  Big  LEO  missions).  These  systems  include  Motorola’s  Iridium  system  (involving 
66  satellites)  and  Loral-Qualcomm’s  Globalstar  concept  (involving  48  satellites  plus 
8  on-orbit  spares).  In  addition,  a  Space-Based  Infrared  System  (SBIRS)  may  have  a  LEO 
component  involving  16  to  24  satellites  according  to  an  early  TRW  concept  (Weber,  pp. 

3,  16).  As  was  the  case  for  MEO-Comm,  limited  OECS  resources  prevented  the  inclusion 
of  LEO-Big  in  the  analysis  process. 

LEO-Big  is  very  similar  to  LEO-P  except  for  constellation  size.  Iridium  is  roughly  at 
our  LEO-P  altitude.  Globalstar  places  its  satellites  in  a  900-km  circular  orbit  before  using 
on-board  propellant  to  raise  them  to  1400  km.  The  Globalstar  strategy  is  to  leave  spares  in 
the  lower  orbit  and  raise  them  as  needed.  The  lower  altitude  experiences  perturbations 
which  position  the  spare  in  the  necessary  orbital  plane.  The  standard  move  is  based  on  the 
AV  required  to  move  the  satellite  to  1400  km  (like  Globalstar).  The  range  of  moves  for 
Globalstar  is  based  on  the  amount  of  on-board  propellant. 
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Table  2-5.  ORM  3a  (LEO-Polar):  Typical  System  Characteristics  and  Their 
Translation  to  OECS  Parametric  Ranges 


Characteristic 

Examples 

OECS 

Range/(RationaIe) 

Total  #  Satellites 
(TNS) 

1-satellite  constellation  (no  spare) 

MMD  «  5  yr:  TNS  «  4 

3  satellites  (no  spares) 

MMD  »  3  yr:  TNS  «  12 

2-15  (reasonable  range) 

Mean  Mission 
Duration  (MMD), 
Design  Life 

NOAA/DMSP:  7-yr  design  life 

SPOT  4;  5-yr  design  life,  approx.  4-yr 

MMD 

4-7-yrMMD,  4.8-8.4-yr: 
design  life  (reasonable 
range) 

#  Standard  Moves 

Standard  Move  (20  m/s) 

NOAA/DMSP  (23.4  m/s  total  AV. 

6.3  m/s  for  stationkeeping) 

Approx,  total  AV  capabili^  (est.) 

Landsat  6  (60  m/s): 

SPOT  4  (120  m/s): 

Disposal  to  450  km  perigee  (106  m/s): 

1-6  (reflects  range 
of  satellite  total 
capabilities;  adequate  for 
de-oibital  disposal  or  to 
account  for  additional 
stationkeeping  for  lower 
altitude  satellites) 

Payload  Mass 

NOAA/DMSP:  888-kg  payload  mass 

Landsat  6:  16S0-kg  diy  mass  (approx.) 

SPOT  4:  1400-kg  payload,  2500-kg 
total  mass 

Radarsat:  1366  kg 

500-1500  (reasonable 
range) 

Payload  Power 

NOAA/DMSP:  1.06-kW  payload  power 
Landsat  6:  1.26  kW  total  (EOL) 

SPOT  4:  2.2  kW  total  (EOL) 

Radarsat:  3  kW  total 

0.5-2.0  kW  (reasonable 
range) 

The  ORM’s  orbit  is  based  on  the  Globalstar  concept  due  to  its  higher  altitude 
and  therefore  somewhat  higher  lift  AV — to  approximately  1400  km  vs  Iridium’s  780  km. 
However,  no  suboperational  storage  orbit  was  considered.  Orbital  inclination  is  52  deg 
(vs  86.4  for  Iridium).  Stationkeeping  requirements  are  low.  The  most  important  aspect  of 
stationkeeping  is  to  maintain  satellite  phasing.  Iridium  plans  to  de-orbit  its  satellites.  The 
mission/threat  panel  choose  1  m/s/yr  as  the  requirement  based  on  the  LEO-P  requirement. 
Table  2-6  summarizes  the  characteristics  of  the  LEO-Big  satellites  used  in  this  study. 
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Table  2-6.  ORM  3b  (LEO-Big):  Typical  System  Characteristics  and  Their 
Translation  to  OECS  Parametric  Ranges 


Characteristic 

Examples 

OECS  Range/Rationale 

Total  #  Satellites 
(TNS) 

66-satellite  constellation  with  7  spares 

MMD  «  5  yr:  TNS  «  270-290 

MMD  «  12  yr:  TNS  «  170 

150-300  (reasonable 
range) 

Mean  Mission 
Duration  (MMD), 
Design  Life 

Globalstar:  7.5-yr  lifetime 

Iridium;  5-7-yr  lifetime 

4-7.5-yrs  MMD,  4.8-9-yr 
design  life  (reasonable 
range) 

#  Standard  Moves 

Standard  move  (250  m/s) 

Raise  orbit  700-1400  km  (250  m/s);  1  move 
De-orbit  from  1400  km  (750  m/s);  3  moves 
De-orbit  from  780  km  (450  m/s);  1.8  moves 

1-3  (reasonable  range) 

Payload  M^ 

Globalstar;  222-kg  total  dry  mass,  400-kg  wet 
Iridium;  700-kg  wet  mass 

150-750  kg  (encompasses 
estimated  payload  masses 
plus  growth) 

Payload  Power 

Globalstar;  875  W  total  satellite  (peak) 

Iridium;  1200  W  total 

0.5-1. 5  kW  (encompasses 
estimated  payload  powers 
plus  growth) 

2.4.6  ORM4(HEO) 

The  Highly  Eccentric  Orbit  (HEO),  or  the  “Molniya”  orbit,  is  a  specialized  orbit.  It 
. .  was  devised  by  the  USSR  to  procure  features  of  a  geosynchronous  orbit  with 
better  coverage  of  the  northern  latitudes”  (Brown,  p.  90).  The  Russians  have  used 
this  orbit  for  domestic  communications  and  early  warning  (Thompson,  pp.  54-59). 

Like  GPS,  HEO  has  a  period  of  12  sidereal  hours  and  thus  a  semimajor  axis  of  about 
26,562  km.  Unlike  GPS,  the  orbit  is  very  eccentric:  typical  values  range  from  0.64-0.74. 
Perigee  altitudes  vaiy  but  must  be  high  enough  to  preclude  reentry  during  mission  life. 
According  to  Thompson  (pp.  54-59),  Russian  Molniya  perigees  averaged  about  650  km 
in  1993.  The  orbit’s  inclination  is  typically  63.44  deg  to  minimize  the  effect  of  orbital 
perturbations  and  keep  the  argument  of  perigee  close  to  270  deg.  These  orbital  parameters 
allow  a  HEO  satellite  to  remain  in  view  of  the  northern  hemisphere  during  most  of  its 
orbit.  In  fact,  two  properly  placed  satellites  will  continuously  view  55-60%  of  the 
hemisphere  centered  on  the  North  Pole  (Chobotov,  pp.  288-291). 

For  the  purposes  of  the  study,  we  have  chosen  a  1000  x  39,464  km  orbit  (eccentricity 
0.722).  (The  average  Russian  perigee  was  considered  to  be  too  low.)  This  orbit  avoids 
most  LEO  satellites,  and  the  final  analysis  results  are  not  significantly  different.  Orbital 
inclination  is  fixed  at  63.44  deg.  Constellation  size  is  set  at  two  satellites  with  no  spares. 
Properly  maintaining  the  phasing  of  the  constellation  requires  about  3.1  m/s/yr  according 
to  analysis  by  Aerospace  Corporation  (Chao).  We  have  doubled  that  requirement  to  take 
into  account  attitude  control  and  other  requirements  for  a  total  of  6.2  m/s/yr. 
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If  polar  coverage  is  the  desired  mission  of  HEO  satellites,  there  are  few  reasons 
for  on-orbit  maneuvering.  Since  maneuvers  would  destroy  the  phasing  required  for 
continuous  coverage,  EOL  disposal  is  the  only  reasonable  maneuver.  Aerospace  Corp. 
has  just  begun  looking  at  the  problem  of  HEO  satellite  disposal  (Chao).  A  simple 
approximation  suggested  by  Wertz  and  Larson  is  to  lower  perigee  to  0  km  altitude  (pp. 
155-156).  This  maneuver  would  require  95  m/s  and  is  the  basis  of  the  HEO  standard 
move.  One  problem  with  this  approach — or  simply  letting  the  orbit  decay — is  that  the 
reentry  angle  would  be  too  steep  to  ensure  complete  satellite  bumup  (Chao).  Lowering 
apogee  may  help.  Changing  to  a  600  x  26,863  km  orbit  (lower  perigee  by  400  km  to 
increase  drag  and  lower  apogee  by  12500  km)  would  require  275  m/s  or  about  three 
standard  moves.  Thus,  the  range  of  1-3  moves  would  cover  a  range  of  disposal  options, 
including  moving  the  old  satellite  out  of  the  way  of  an  incoming  new  one. 

The  remaining  system  characteristics  are  addressed  in  Table  2-7.  Payload  mass  and 
power  are  based  on  GEO  satellites  since  the  Russians  have  used  the  orbit  for  similar 
purposes.  However  a  HEO  satellite  would  require  additional  shielding  (Law).  The  MMD 
was  capped  at  10  years  because  of  continued  travel  through  the  Van  Allen  radiation  belts, 
but  this  cap  does  not  imply  an  engineering  limit  on  HEO  satellites. 


Table  2-7.  ORM  4  (HEO):  Typical  System  Characteristics  and  Their  Translation  to 

OECS  Parametric  Ranges 


Characteristic 

Examples 

OECS  Range/(Rationaie) 

Total  #  Satellites 
(TNS) 

2-satelIite  constellation 

MMD  »  5  yr:  TNS  «  8 

MMD  »  14  yr:  TNS  «  4 

4-8  (reasonable  range) 

Mean  Mission 
Duration  (MMD), 
Design  Life 

GEO  satellites: 

Comm  satellites:  up  to  14>yr  MMD 

5-lO-yrMMD,  6-12-yr 
design  life  (range  similar  to 
GEO  satellites,  capped  at  10 
yr  to  take  into  account  Van 
Allen  radiation) 

#  Standard  Moves 

Standard  move:  95  m/s 

Simple  reentry  (95  m/s):  1  move 

Disposal  reducing  perigee  and 
apogee 

-  100  and  10,000  km  below  HEO 

(190  m/s):  2  moves 

-  400  and  12,500  km  below  HEO 

(276  m/s):  3  moves 

1-3  (provides  range  of 
disposal  options) 

Payload  Mass 

GEO  satellites:  500-2000  kg 

500-2000  kg  (reasonable 
range) 

Payload  Power 

GEO  satellites:  0.5-5  kW 

0.5-5  kW  (reasonable  range) 
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3.  TECHNOLOGY  DESCRIPTION 

Chapter  3  focuses  on  the  technologies  compared  in  the  OECS.  The  chapter  begins 
with  a  few  thoughts  on  using  the  technologies  and  using  hydrogen  as  a  propellant.  This 
is  followed  by  a  discussion  of  the  individual  technologies.  Each  discussion  consists  of  an 
introduction  and  a  system  description.  The  introduction  outlines  the  principles  of 
operation  of  the  technology,  provides  background,  and  summarizes  results  of  previous 
research.  The  system  description  discusses  the  propulsion  and  power  subsystems, 
including  the  components  and  the  performance  data.  Appendix  B  contains  additional 
information  on  the  technologies  and  discusses  the  sizing  relationships  used  to  model  the 
integration  of  these  technologies  into  the  upper  stages. 

Not  all  the  iimovative  upper  stages  perform  in  the  traditional  sense  of  delivering  the 
satellite  and  then  separating.  Only  the  baseline,  advanced  cryo,  and  solar  thermal  systems 
follow  this  pattern.  Nuclear  bimodal,  nuclear  electric,  solar  bimodal,  and  solar  electric  are 
integral  upper  stages,  and  they  remain  in  whole  or  in  part  with  the  satellite  throughout  the 
satellite’s  operational  life.  Figure  3-1  illustrates  the  different  upper  stage  concepts. 

In  addition  to  the  separating/integral  distinction,  the  technologies  are  differentiated  by 
whether  they  are  scalable  or  fixed.  A  scalable  design  can  be  customized  to  meet  payload 
requirements.  Baseline  chemical  and  advanced  cryo  are  fixed  designs.  Nuclear  bimodal  has 
a  fixed  reactor  design,  but  its  H2  propellant  tank  and  elements  of  its  electrical  power 
system  are  scalable.  All  other  technologies  are  fully  scalable. 


Jettisoned 


Integral 


Baseline 
Advanced  Cryo 


Solar  Thermal 


Nuclear  Bimodal 
Nuclear  Electric 


Solar  Bimodal 
Solar  Electric 


Scalable  Technologies  Are  Underlined 


Figure  3-1.  OECS  upper  stages. 
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Several  of  the  innovative  technologies  use  hydrogen  as  a  propellant,  all  of  them 
except  advanced  cryo  without  an  oxidizer.  However,  using  hydrogen  as  a  propellant 
presents  special  challenges  when  integrating  the  system  into  existing  launch  vehicles. 
Liquid  hydrogen  has  a  very  low  density  and  consequently  requires  a  correspondingly  large 
propellant  volume.  As  a  result,  in  many  instances  there  appears  to  be  insufficient  volume  in 
the  launch  vehicle  fairing  to  accommodate  the  upper  stage  and  satellite  (see  Chapter  S, 
Figures  5-5, 5-6,  and  5-7).  Fairing  modifications  may  be  possible,  but  they  raise  a  number 
of  potential  issues  regarding  launch  vehicle  limitations  and  the  cost  associated  with 
modifying  the  launch  vehicle  and  supporting  facilities.  Fairing  modifications  are  beyond 
the  OECS  scope. 

3.1  BASELINE  CHEMICAUDIRECT  SYSTEMS 

3.1.1  Introduction 

The  current  fleet  of  launch  vehicles  and  upper  stages  serves  as  the  baseline  for  the 
OECS.  The  chemical  upper  stages  considered  in  the  OECS  are  listed  by  ORM  and  launch 
vehicle  in  Appendix  B,  Table  B-3.  ORM  and  launch  vehicle  determine  whether  an  upper 
stage  is  needed.  When  an  upper  stage  is  required,  the  satellite  separates  fi’om  the  upper 
stage  after  achieving  the  desired  orbit.  In  cases  where  a  launch  vehicle  with  or  without  an 
upper  stage  does  not  place  the  satellite  into  its  final  orbit  (e.g.,  the  launch  vehicle  delivers 
the  spacecraft  to  GTO),  the  satellite  typically  has  a  small,  integrated,  bipropellant 
propulsion  subsystem  to  complete  the  orbital  transfer. 

3.1.2  System  Description 

3.1 .2.1  POWER  SUBSYSTEM 

Power  is  provided  by  advanced,  rigid,  multijunction  GaAs  arrays  with  a  9. 1-kg 
deployment  mechanism.  Array  characteristics  include  21%  efficiency  and  245.84  W/m^. 

For  HEO,  a  30-niil  frontal  cover  glass  is  assumed  (resulting  in  a  specific  power  of  34.87 
W/kg);  all  other  ORMs  assume  4-mil  cover  glass  (specific  power  of 47.59  W/kg).  Energy 
storage  is  provided  by  nickel  hydride  (NiH)  common  pressure  vessel  batteries  (49  W- 
hr/kg).  The  remaining  power  component  is  the  power  management  and  distribution 
system,  which  consists  of  regulators/converters  and  wiring  harnesses. 

The  solar  cells  are  sized  on  EOL  power  requirements.  BOL  power  is  EOL  power 
divided  by  solar  cell  degradation,  which  is  determined  by  the  ORM  and  the  satellite’s 
design  life. 

3.1 .2.2  PROPULSION  SUBSYSTEM 

An  integral  bipropellant  subsystem  provides  post-upper  stage  transfer  for  those 
missions  requiring  an  additional  boost.  On-orbit  propulsion  options  are  bipropellant 
chemical,  monopropellant  chemical,  and  hydrazine  arcjets.  The  bipropellant  systems  use 
hydrazine  (N2H4)  and  nitrogen  tetroxide  (N2O4)  if  the  spacecraft  has  N2H4  already  on 
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board;  otherwise,  they  use  monomethyl  hydrazine  (MMH)  and  N2O4.  The  thrusters  are 
off-the-shelf.  The  integral  bipropellant  transfer  thrusters  have  an  of  3 1 1  s;  the 

bipropellant  thrusters  used  for  stationkeeping  have  an  Iq,  of 289  s.  The  monopropellant 
N2H4  thrusters  used  for  minor  stationkeeping  and  reaction  control  use  a  small  off-the-shelf 
thruster  with  an  of 225  s.  The  N2H4  arcjets  are  based  on  an  off-the-shelf  system  and 
have  an  of  500  s. 

3.2  ADVANCED  CRYOGENIC 

3.2.1  Introduction 

Cryogenic  propulsion  systems,  because  of  their  higher  Iq,  than  traditional  storable 
bipropellant  systems,  have  been  used  since  the  1960s  for  high  energy  upper  stages  and  for 
interplanetary  missions.  However,  cryogenic  hydrogen  is  expensive  to  store  and  handle, 
and  it  requires  added  tank  structure  weight.  The  advanced  cryogenic  upper  stages  for  the 
OECS  are  based  on  the  integral  modular  engine  (IME)  design  studied  by  Rockwell.  The 
advanced  cryogenic  upper  stages  replace  the  Centaur  on  both  the  Titan  IV  and  Atlas  HAS. 
The  new  Titan  stage  is  3  ft  longer  than  the  current  Centaur.  For  the  Atlas  HAS,  the 
advanced  cryogenic  stage  was  designed  to  maximize  the  launch  vehicle’s  performance  to 
GTO.  With  the  Delta  H,  the  advanced  cryogenic  stage  replaces  the  existing  Delta  second 
stage  and  the  PAM  upper  stage.  It  has  a  total  propellant  mass  of 35,000  lb.  Table  B-5 
in  Appendix  B  defines  the  advanced  cryogenic  upper  stage  usage  by  ORM  and  launch 
vehicle. 

3.2.2  System  Description 

3.2.2.1  POWER  SUBSYSTEM 

Spacecraft  power  is  provided  by  advanced  GaAs  arrays,  which  were  discussed  in 
Section  3. 1.2.1. 

3.2.2.2  PROPULSION  SUBSYSTEM 

Rocketdyne’s  proposed  integrated  modular  engine  (IME)  produces  45,000  Ibf  of 
thrust  at  a  chamber  pressure  of  1 195  psia.  It  has  an  expansion  ratio  of  160: 1  and  an  4  of 
467.5  s.  Its  length  is  105  in  and  its  estimated  mass  is  825  Ibm.  Its  thrust-to-weight  ratio  is 
55:1,  which  is  about  nominal  for  an  expansion  ratio  of  1 60: 1 . 

The  advanced  cryogenic  stage  for  the  Titan  vehicle  has  a  burnout  mass  of 2,082  kg 
(4,589  Ibm).  It  has  a  useable  propellant  load  of  20,412  kg  (45,000  Ibm),  which  results  in  a 
propellant  mass  fi'action  of 0.907.  This  is  a  significant  improvement  over  the  existing  Titan 
Centaur  (3,538  kg  [7,800  Ibm]  burnout  mass,  20,320  kg  [44,800  Ibm]  useable  propellants, 
and  0.852  propellant  mass  fraction).  That  stage,  originally  designed  for  use  in  the  Space 
Shuttle,  is  considered  by  most  sources  to  be  heavier  than  necessary  for  Titan  applications. 
The  Atlas  Centaur  with  the  RL-lOA-4  engine  would  be  a  better  frame  of  reference  for 
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comparison  with  the  IME.  Its  numbers  are  2,177  kg  (4,800  Ibm)  burnout  mass,  16,783  kg 
(37,000  Ibm)  useable  propellant,  and  a  propellant  mass  fraction  of 0.885.  The  postulated 
advanced  cryogenic  upper  stage  represents  an  increase  of  2.2  %  in  propellant  mass 
fraction.  Table  B-6  in  .^pendfac  B  summarizes  the  advanced  cryogenic  stage  for  each 
launch  vehicle. 

3.3  NUCLEAR  BIMODAL 
3.3.1  Introduction 

Figure  3-2  illustrates  the  nuclear  bimodal  system  stowed  and  operational.  A  bimodal 
power  and  propulsion  system  combines  in  a  single  plant  the  ability  to  provide  direct 
thermal  propulsion  and  electric  power.  Nuclear  bimodal  spacecraft  derive  their  power  and 
primary  propulsion  from  a  single  nuclear  reactor.  Propulsion  is  provided  by  expanding  a 
gas  (hydrogen  or  ammonia)  by  passing  it  through  channels  in  the  reactor.  The  system  is 
also  designed  to  convert  reactor  heat  into  electricity  for  the  spacecraft.  The  concept  of 
using  a  single  space  reactor  to  produce  both  direct  thermal  propulsion  and  spacecraft 
electrical  power  has  been  studied  for  over  20  years. 


Figure  3-2.  Nuclear  bimodal  system  configured  for  ATLAS  large 

payload  fairing. 
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The  principal  elements  of  a  nuclear  bimodal  system  are  the  reactor  core,  radiation 
shield,  power  conversion,  heat  rejection  system,  and  the  propulsion  system  hardware. 
Liquid  metal  heat  pipes  transport  energy  to  the  power  conversion  system  and  distribute 
waste  heat  to  the  radiators.  Figure  D-1  in  Appendix  D  shows  how  the  reactor,  H2  tank, 
and  payload  are  placed  for  launch. 

Launch  safety  and  disposal  are  issues  of  paramount  importance  to  a  nuclear  bimodal 
system.  The  Russians  have  extensive  experience  with  nuclear  reactors  in  space  with  their 
Radar  Ocean  Reconnaissance  Satellite  ^ORS  AT).  RORSAT  has  been  operational  for 
over  25  years.  At  the  end  of  a  RORSAT’s  life,  the  reactor  separates  and  is  boosted  up  to  a 
900  km  circular  orbit  for  the  remainder  of  its  500  to  600  year  life.  The  failure  of  a  reactor 
to  separate  in  1978  provoked  a  serious  international  incident.  Radioactive  debris  was 
scattered  over  an  800-km  strip  of  land  in  Canada’s  Northwest  Territories.  The  US  also 
had  an  accident.  In  1964  a  Navy  satellite  with  a  nuclear  generator  failed  to  reach  orbit  and 
released  radioactive  material  over  the  Indian  Ocean.  Neither  accident  resulted  in  the  loss 
of  life,  but  the  events  illustrate  the  problems  inherent  with  placing  and  maintaining  a 
reactor  in  space. 

3.3.2  System  Description 
3.3.2. 1  POWER  SUBSYSTEM 

The  reactor  and  heat  rejection  system  can  be  integrated  with  a  variety  of  different 
power  conversion  technologies.  As  a  result,  the  scalability  of  the  power  system  is 
favorable  over  a  wide  range  of  electrical  power  levels.  Figure  3*3  shows  engine  mass, 
excluding  propellant  tank  and  propellant,  as  a  function  of  electric  power  production  and 
power  conversion  technology  (unicouple  thermoelectric,  multicouple  thermoelectric,  and 
alkali  metal  thermal-to-electric  conversion  [AMTEC]). 


Figure  3-3.  System  mass  vs.  electrical  power  level. 
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For  the  OECS,  multicouple  thermoelectric  diodes  were  selected  for  the  power 
conversion  system  in  part  because  of  their  past  performance.  The  Voyager  deep  space 
misaon,  powered  by  a  radioisotope  thermoelectric  generator  (RTG),  demonstrated  the 
reliability  and  longevity  of  thermoelectrics  for  providing  power  in  space.  The  SP-100 
program  offered  significant  performance  improvements  over  previous  thermoelectric 
power  conversion  technolo^es,  such  as  RTG,  and  served  as  the  performance  baseline  for 
multicouple  thermoelectric  diodes. 

Deep  space  exploration  requires  an  electric  power  source  that  is  independent  of  the 
sun.  The  electrical  power  provided  by  the  nuclear  bimodal  system  could  provide  for  active 
rather  than  passive  sensors  and  increased  data  transmission  rates.  Nuclear  bimodal  would 
also  appeal  to  commercial  and  military  operators  with  high  satellite  electric  power 
requirements,  such  as  a  space-based  radar. 

3.3.2.2  PROPULSION  SUBSYSTEM 

Transfer  propulsion  is  provided  by  the  nuclear  bimodal  system  using  hydrogen  as  the 
propellant.  The  OECS  used  a  fixed  nuclear  bimodal  point  design;  NEBA-1,  Concept  3. 
The  reactor  core  utilizes  refractory  metal  cermet  fuel  elements  developed  and  extensively 
tested  in  the  1960s.  This  fuel  can  accept  prolonged  exposure  (hundreds  of  hours)  to  a 
variety  of  propellants  including  hydrogen  and  ammonia.  The  nuclear  fuel  serves  as  the  heat 
source  for  a  bleed  cycle  engine  similar  to  many  rocket  engines  currently  in  use  today. 
NEBA-1,  Concept  3  produces  2200  N  thrust  with  an  1^,  of  820  s.  The  hydrogen  tank 
remains  with  the  system  upon  reaching  final  orbit. 

3.4  SOLAR  BIMODAL 

3.4.1  Introduction 

Solar  bimodal  upper  stages  provide  spacecraft  power  and  propulsion.  A  solar  bimodal 
system  is  an  integral  design  which  remains  with  the  satellite  after  mission  orbit  is  reached. 
The  solar  bimodal  system  unites  aspects  of  solar  thermal  propulsion  and  solar  thermal 
power  systems  that  have  been  studied  for  over  30  years.  Solar  bimodal  uses  off-axis 
parabolic  collectors  to  focus  sunlight  into  one  or  two  refractory  metal  receivers.  The 
collected  energy  is  used  to  heat  a  propellant,  typically  hydrogen,  to  high  temperatures 
before  it  exits  the  system  through  one  or  more  nozzles  to  produce  thrust.  In  the  electrical 
power  mode,  the  same  parabolic  collectors  focus  sunlight  into  a  high-temperature  receiver 
where  power  conversion  devices  are  located.  A  graphite  thermal  energy  storage  (TES) 
module  is  incorporated  in  the  OECS  design.  In  this  configuration,  thrusting  is  limited  to 
short  periods  at  perigee  and  apogee.  The  TES  module  is  heated  during  the  sunlight 
portion  of  an  orbit,  then  heat  is  extracted  during  thrusting.  Using  the  TES  module  to 
provide  propulsive  power  allows  a  reduction  in  collector  size.  The  TES  module  also 
provides  continuous  power  production  during  eclipse  periods  in  the  final  mission  orbit. 
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The  system  consists  of  a  pair  of  rigid  collectors;  support  struts  connected  to  a 
turntable;  propellant  tank;  deployable  boom;  and  a  receiver  and  power  conversion  ^stem 
positioned  at  the  focal  point  of  the  collectors.  A  solar  bimodal  system  is  depicted  in  Figure 
3-4.  For  the  OECS,  the  payload  is  located  on  top  of  the  propellant  tank  and  the  collectors 
are  stowed  in  the  annulus  between  the  tank  and  the  launch  vehicle  shroud  (Appendix  D, 
Figure  D-3). 


Propellant  Feed  and  Storage  System 


Satellite 


Figure  3-4.  Solar  bimodal  system. 

3.4.2  System  Description 
3.4.2.1  POWER  SUBSYSTEM 

Thermal  power  systems  have  been  studied  using  Rankine,  Brayton,  Sterling, 
thermoelectric,  thermionic,  and  AMTEC  power-conversion  devices.  Some  of  the  systems, 
such  as  the  NASA  solar  Brayton  power  systems,  utilize  a  TES  module  to  allow  continued 
power  generation  during  eclipse  periods.  Figure  3-5  shows  engine  mass  as  a  function  of 
electrical  power  level  for  thermionic  diodes,  thermionic  and  AMTEC  diodes,  and  inflatable 
collectors.  As  with  Figure  3-3,  engine  mass  excludes  propellant  tank  and  propellant. 
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Figure  3-5.  System  mass  vs.  electrical  power  level. 

The  OECS  evaluated  a  solar  bimodal  system  that  used  thermionic  power  conversion 
and  a  TES  module.  Thermionic  power  conversion  diodes  are  built  into  the  receiver  to 
allow  the  stage  to  generate  electricity  for  the  spacecraft.  This  eliminates  the  need  for 
photovoltaic  panels  except  for  small  body-mounted  arrays  to  provide  backup  power  for 
the  spacecraft  bus. 

When  not  producing  thrust,  the  energy  entering  the  receiver  from  the  collectors 
maintains  the  receiver  structure  near  2600  K.  Energy  is  transferred  radiatively  to 
thermionic  diodes  located  around  the  circumference  of  the  receiver.  The  diodes  operate 
with  emitters  between  1950  K  and  2100  K  to  provide  electrical  power  for  the  spacecraft. 
The  system  produces  electricity  with  a  net  efficiency  of  approximately  10%. 

3.4.2.2  PROPULSION  SUBSYSTEM 

The  solar  bimodal  engine  is  a  flexible  system  capable  of  providing  either  very  low 
thrusts  for  continuous  bum  transfers  (6  N  for  a  3-kWe  system)  to  moderate  thmsts  for 
impulsive  bums  (approximately  50  N).  At  lower  thrust  levels,  sunlight  reflected  by  two 
parabolic  collectors  is  used  to  heat  the  propellant  to  approximately  2500  K.  Higher  thmst 
levels  require  extracting  heat  from  the  TES  module.  During  a  higher  thrust  bum, 
propellant  exhaust  temperature  varies  from  2500-1500  K  as  heat  is  removed  from  the 
graphite.  The  solar  bimodal  engine  consists  of  collectors,  receiver,  power  conditioning 
system,  and  pointing  and  tracking  system. 

The  two  elliptical-shaped  paraboloidal  collectors  provide  approximately  0.83  kW/m^. 
The  receiver  is  a  metal  stmcture  located  at  the  focal  point  of  the  two  collectors.  The 
power  conditioning  system  matches  electrical  output  with  instantaneous  satellite  power 
demands.  The  pointing  and  tracking  system  maintains  correct  collector  pointing  in  two 
axes  during  all  spacecraft  maneuvers. 


30 


3.5  SOLAR  THERMAL 
3.5.1  Introduction 

A  solar  thermal  rocket  propulsion  design  first  appeared  nearly  40  years  ago.  Solar 
thermal  propulsion  uses  concentrated  energy  from  sunlight  to  heat  a  working  fluid.  The 
working  fluid,  typically  hydrogen,  thermodynamically  expands  and  accelerates  out  a 
nozzle,  creating  thrust.  The  system  consists  of  a  pair  of  large,  inflatable,  off-axis 
paraboloidal  collectors,  support  struts  connected  to  a  turntable,  a  liquid  hydrogen  tank, 
and  a  heat  exchanger/absorber  positioned  at  the  focal  point  of  the  collectors.  Concepts 
have  been  envisioned  with  collectors  as  large  as  30  m  in  diameter  and  with  an  Isp 
exceeding  1,000  s  achieved  by  using  heated  LH2  as  the  propellant.  A  pair  of  collectors 
projected  to  be  30  m  in  diameter  would  intercept  approximately  2  MW  of  sunlight.  Figure 
3-6  illustrates  the  conceptual,  solar-powered  upper  stage  rocket  considered  in  this  report. 


Figure  3-6.  Solar  thermal  concept 

The  OECS  solar  thermal  propulsion  technology  is  not  an  integral  system;  it  delivers  a 
spacecraft  to  a  preliminary  orbit  and  then  separates.  The  preliminary  orbit  was  assumed  to 
occur  in  a  typical  EOL  disposal  orbit  for  safety  reasons.  After  separation,  the  satellite’s 
hold/move  thrusters  place  the  spacecraft  in  its  operational  orbit.  For  GEO,  the  separation 
orbit  is  555  km  (300  nmi)  above  GEO;  for  MEO-GPS,  it  is  93  km  (50  nmi)  above  MEO. 

The  concentrator  must  accurately  track  the  sun  regardless  of  direction  of  travel; 
otherwise,  concentrated  sunlight  will  not  reach  the  aperture  and  no  thrust  will  be 
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produced.  Solar  thermal  does  not  have  any  theitnal  storage  and  will  not  produce  thrust 
during  an  eclipse. 

3.5.2  System  Description 

3.5.2.1  POWER  SUBSYSTEM 

Spacecraft  power  is  provided  by  advanced  GaAs  arrays  and  is  discussed  in 
Section  3. 1.2.1. 

3.5.2.2  PROPULSION  SUBSYSTEM 

The  mirror  surfaces  and  opposing  canopy  membranes  form  gas-filled  envelopes  that 
are  inflated  once  the  upper  stage  reaches  LEO.  The  envelopes  are  supported  by 
mechanically  deployed  rigid  tori.  These  tori  keep  the  envelopes  from  expanding  into  a 
spherical  shape.  Mirror  surfaces  are  made  from  refiectorized  plastic  sheets  of  NASA- 
Langley  polyimide  film  molded  in  such  a  way  the  surfaces  form  sections  of  a  parabola  of 
revolution  once  the  envelopes  are  inflated.  The  struts  are  also  mechanically  deployed  rigid 
structures.  Two  axes  of  rotation  allow  the  collectors  to  point  toward  the  sun.  A  turntable 
that  rotates  360  deg  about  the  absorber  entrance  provides  one  degree  of  freedom,  while 
rolling  the  entire  rocket  provides  the  other.  The  ^ignment  of  the  collectors  must  be  within 
a  small  fraction  of  the  angular  diameter  of  the  sun,  which  is  approximately  0.5  deg.  Since 
the  concept  provides  no  thermal  storage,  the  collectors  are  sized  to  support  the  maximum 
thrust. 

A  rigidized  system  would  require  added  mass  and  deliver  less  payload  to  orbit.  In 
addition,  there  is  a  greater  likelihood  that  the  inflatable  concept  achieves  the  desired 
reflector  surface  quality,  especially  for  small  reflectors.  Inflatable  mirrors  are  subject  to 
eventual  puncture  by  micrometeoroids.  This  limits  the  concept  to  orbital  lift.  If  there  were 
a  puncture  during  lift,  gas  leakage  would  be  very  slow  due  to  the  low  pressures,  and  short¬ 
term  losses  could  be  replaced. 

Typical  thrust  values  for  a  solar  thermal  system  traveling  to  GEO  are  given  in 
Table  3-1.  These  figures  for  Titan  assume  a  30-day  trip  time  and  a  chamber  temperature 
of 2778  K. 
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Table  3-1.  Payload  Delivered  to  ORM  1  (GEO)  by  Solar  Thermal  Lift  as  a 
Function  of  Incident  Solar  Power 


Incident  Solar  Power 

Thrust 

Payload 

(kW) 

(N) 

(kg) 

200 

6.0 

4,665 

400 

12.1 

17,720 

500 

15.1 

19,984 

1,000 

30.2 

22,821 

2,000 

60.4 

22,442 

3.6  NUCLEAR  ELECTRIC 
3.6.1  Introduction 

Electric  propulsion  has  been  tested  over  thirty  years  of  space  flight  experience. 
Despite  this  extensive  history,  electric  propulsion  is  not  widely  used  by  the  military  or 
commercial  sectors.  This  lack  of  widespread  acceptance  can  be  attributed  to  several 
technical  considerations,  including  thruster  performance  and  lifetime,  power  source 
availability  and  mass,  and  electromagnetic  interference.  However,  recent  technology 
developments  in  high-power  thrusters,  autonomous  guidance,  navigation  and  control, 
and  solar  cell  arrays  can  support  an  expanded  role  for  electric  propulsion. 

A  nuclear  reactor  provides  power  for  the  propulsion  and  remains  with  the  spacecraft 
throughout  its  life.  Nuclear  electric  propulsion  provides  thrust  either  by  directly  heating 
propellant  gas  and  expanding  it  through  a  nozzle  or  by  accelerating  an  ionized  gas  with  an 
electric  field. 

Nuclear  electric  propulsion  has  many  of  the  same  associated  subsystems  as  nuclear 
bimodal:  reactor,  radiation  shielding,  boom  and  structure,  heat  rejection,  and  reactor 
power  conditioning  and  control.  Outwardly,  a  nuclear  electric  system  would  look  similar 
to  a  nuclear  bimodal  system  (see  Figure  3-2).  Nuclear  electric  would  have  the  same 
associated  launch  and  disposal  issues  as  nuclear  bimodal  (see  Section  3.3.1). 

The  long  GEO  trip  times  associated  with  nuclear  electric  orbital  transfer  mean 
satellites  will  spend  considerable  time  in  the  Van  Allen  belts.  Possibly  a  slight  increase  in 
the  satellite’s  hardness  and  shielding  will  be  sufficient  to  address  this  issue.  Long  trip  times 
also  make  storage  of  cryogenic  hydrogen  an  issue.  Additionally,  the  electromagnetic  and 
plasma  interaction  with  the  spacecraft  are  not  well  understood.  More  work  needs  to  be 
done. 
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3.6.2  System  Description 

3.6.2.1  POWER  SUBSYSTEM 

The  nuclear  power  subsystem  characteristics  were  based  on  historical  information 
(SP-100,  S-Prime,  Topaz)  analyzed  by  Rocketdyne  (Appendfac  B,  Figure  B-2).  The  SP- 
100  program  was  sponsored  by  NASA,  DOE,  and  BN®0  and  lasted  from  1983  to  1994. 
The  program  sought  to  develop  a  100-kW-class  nuclear  electric  space  system  based  on 
thermoelectric  technology.  Both  the  S-Prime  and  Topaz  projects  are  thermionic-based 
power  conversion  technologies.  S-Prime  was  a  US  effort  that  dates  back  to  the  1960s. 
Topaz  was  an  original  Russia  design  the  US  bought  in  support  of  the  nuclear-electric- 
propulsion  space  test  program. 

3.6.2.2  PROPULSION  SUBSYSTEM 

Although  there  are  several  categories  of  electric  propulsion  thrusters,  the  OECS 
evaluated  three:  arcjets,  stationary  plasma  thrusters  (SPT),  and  ion.  These  three 
technologies  are  within  the  ground  rules  for  IOC  and  all  can  provide  propulsion  for  lift, 
hold,  and  move.  Arcjets  are  an  electrothermal  thruster  with  an  l,p  of  300-1400  s. 

Hydrogen  is  the  preferred  propellant  because  of  its  high  I,p  (1000-1400  s).  A  1.8-kW 
hydrazine  arcjet  and  power  processor  have  been  qualified  for  a  12-yr,  north-south  station 
keeping  (NSSK)  mission. 

SPT  and  ion  are  both  electrostatic  thrusters,  which  produce  thrust  by  ionizing 
noncontaminating  inert  gas  with  an  electric  field.  SPT  is  a  high  efficiency  Xe  ion  system 
(52%)  with  an  I,p  of  1600-2000  s.  The  Russians  have  over  30  years  of  experience  with 
SPT  thrusters.  The  first  system  was  launched  in  1971.  Since  then  over  50  different 
versions  have  flown. 

Ion  thrusters  (I,p  3000-8000  s)  generate  thrust  by  ionizing  a  low  pressure  working 
fluid  and  then  accelerating  it  with  a  voltage  grid.  The  beam  is  neutralized  after  acceleration 
so  no  charge  builds  up.  Xenon  is  the  optimal  propellant,  but  it  costs  as  much  as  ten  times 
more  than  equivalent  amounts  of  krypton  and  argon.  Xenon  is  an  expensive  propellant, 
which  is  found  in  concentrations  of  approximately  90  parts  per  billion  in  air.  Xenon 
availability  should  not  be  an  issue,  but  the  cost  could  be  as  high  as  $30  per  standard  liter 
(Wells).  European-developed  ion  stationkeeping  is  scheduled  for  testing  later  this  year. 

Table  3-2  lists  the  Iq,  and  expected  lifetime  of  the  thruster/propellant  combinations 
considered  in  the  OECS.  Where  required,  multiple  sets  of  thrusters  were  included  in 
OECS  designs  to  circumvent  lifetime  limitations. 
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Table  3-2.  Characteristics  of  the  Options  for  Electric  Propulsion  Lift 


Propellant  &  Thruster 

I.p(s) 

Lifetime  (hr) 

Ammonia  Arcjets 

800 

2,000 

Hydrogen  Arcjets 

1200 

2,000 

Hydrazine  Argets 

550 

2,000 

Xenon  SPT 

1600 

10,000 

Xenon  Ion 

3200 

10,000 

3.7  SOLAR  ELECTRIC 

3.7.1  Introduction 

The  solar  electric  spacecraft  is  similar  to  the  nuclear  electric  spacecraft  except 
photovoltaic  arrays  provide  electrical  power  instead  of  a  nuclear  reactor.  Solar  electric 
propulsion  technology,  like  nuclear  electric,  is  an  integral  system:  it  remains  with  the 
satellite  in  orbit  (tanks  and  arcjets  separate  in  the  hydrogen  arcjet  case).  As  with  solar 
thermal  technology,  the  hydrogen  arcjets  and  tanks  separate  from  the  spacecraft  in 
disposal  orbit.  For  GEO,  the  spacecraft  is  brought  to  an  altitude  300  nmi  above  GEO, 
separation  occurs,  and  the  spacecraft  uses  its  on-orbit  propulsion  system  to  return  to 
GEO;  for  MEO,  the  separation  altitude  is  50  nmi  above  MEO. 

3.7.2  System  Description 

3.7.2.1  POWER  SUBSYSTEM 

The  power  subsystem  is  based  on  advanced,  flexible  GaAs  arrays  that  are  21% 
efficient  and  have  a  specific  power  of 245.84  W/m^.  They  produce  61.1  W/kg,  The 
arrays  are  a  derivative  of  the  Advanced  Photovoltaic  Solar  Array  (APS  A).  Radiation 
protection  is  the  equivalent  of  approximately  12  mil  of  top  cover  glass.  The  bottom 
substrate  provides  the  equivalent  of  approximately  12-mil  cover  glass,  the  same  as  our 
rigid  arrays.  The  deployment  mechanism  consists  of  a  canister  and  a  boom. 

Key  to  the  sizing  of  the  solar  arrays  are  a  set  of  curves  derived  from  the  solar  array 
characteristics  and  output  from  the  EVA  Program.  The  program  was  used  to  characterize 
an  “average”  solar  electric  transfer  system  for  a  300-day  GEO  transfer.  The  results  vary 
slightly  depending  on  the  specific  transfer  technology.  The  curves  (Appendix  B,  Figure 
B-1)  show  trip  time^um  time,  BOL  thrust/EOL  thrust,  and  EOL  power/BOL  power  as 
a  function  of  starting  altitude. 

3.7.2.2  PROPULSION  SUBSYSTEM 

The  propulsion  subsystem  is  identical  to  the  nuclear  electric  propulsion  subsystem 
described  in  Section  3. 6.2.2. 
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4.  ANALYSIS  STRUCTURE  AND  METHODOLOGY 


The  goal  of  the  OECS  is  to  produce  an  unbiased  comparison  of  the  baseline  and 
innovative  technologies  vdthin  study  constraints.  Here  we  summarize  how  we  made  these 
comparisons  and  present  the  underlying  methodolo^es.  We  begin  by  discussing  the  major 
elements  of  the  OECS  within  the  framework  of  a  generic  analysis.  Next  we  discuss  the 
key  analysis  concepts  in  the  study.  This  is  followed  by  a  summary  of  the  critical 
methodolo^es,  including  details  of  how  we  selected  the  most  applicable  combinations 
of  lift/hold/move/power  technologies  and  how  we  chose  to  employ  these  technologies 
for  the  purposes  of  the  study.  The  last  section  in  the  chapter  describes  the  OECS 
Cost/Engineering  Model  (OCEM). 

4.1  ANALYSIS  OVERVIEW 

The  analysis  community  approaches  a  cost-effectiveness  analysis  by  asking  a  standard 
set  of  questions.  These  questions  have  been  institutionalized  in  the  last  few  years  in  the 
cost  and  operational  effectiveness  analysis  (COEA)  process.  The  standard  questions  and 
the  corresponding  COEA  elements  are: 

•  What  is  the  job?  (mission  needs  statement  [MNS],  functional 
objectives  [FOs],  scenarios) 

•  What  are  the  alternatives for  doing  the  job?  (alternative  concepts) 

•  Haw  do  I  employ  the  alternatives?  (concept  of  operations  [CONOPS]) 

•  How  effective  are  the  alternatives?  (measures  of  effectiveness  [MOEs], 
measures  of  performance  [MOPs]) 

•  What  do  the  alternatives  cost?  (cost  analysis) 

•  Haw  cast  effective  are  the  alternatives?  (cost-effectiveness  analysis) 

The  OECS  asks  and  answers  these  questions  for  the  innovative  space  propulsion  and 
electrical  power  concepts.  While  there  is  no  applicable  propulsion  or  power  MNS,  the 
effectiveness  analysis  is  based  upon  a  hierarchy  of  FOs,  MOEs,  and  MOPs. 

4.1.1  What  Is  tha  Job?  (Mission  Needs  Statement,  Functional  Objectives,  Scenarios) 

The  job  of  OECS  is  to  analyze  the  cost  and  effectiveness  of  combinations  of 
technologies  that  provide  propulsion  to  lift,  hold,  and  move  satellites  and  electrical  power 
to  operate  the  satellites.  We  use  the  terms  lift,  hold,  move,  and  power  to  mean  the 
following; 


•  Lift  is  defined  in  the  OECS  as  “taking  a  satellite  from  a  parking  or  transfer  orbit 
and  delivering  it  to  its  initial  mission  orbit.”  Depending  upon  the  launch  vehicle 
and  initial  mission  orbit,  lift  today  is  done  primarily  with  expendable  chemical 
upper  stages  and  separate  (or  integrated)  apogee  kick  motors. 

•  Hold  is  defined  as  “providing  satellite  stationkeeping  to  maintain  a  satellite’s 
orbital  elements  within  tolerance.”  Stationkeeping  has  traditionally  been  done 
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with  cold  gas  or  hydrate  (N2H4)  monopropellant  thrusters.  However, 
bipropellants  can  be  used,  and  hydraane  arqets  are  state  of  the  art  for 
stationkeeping. 

•  Move  means  “changing  from  a  storage  orbit  to  an  operational  orbit,  or  from  an 
operational  orbit  to  another  operational  orbit,  or  to  a  disposal  orbit  at  the 
satellite’s  end  of  life.”  Because  a  move  typically  requires  significant 
expenditures  of  onboard  propellant,  a  move  from  one  operational  orbit  to 
another  has  been  ad  hoc  rather  than  a  part  of  standard  operating  procedures. 

•  Power  means  “supplying  a  satellite  with  housekeeping  and  payload  electrical 
power  throughout  its  life.” 

These  tasks  are  examined  in  the  OECS  in  a  variety  of  scenarios  corresponding  to  the 
ORMs  introduced  in  Chapter  2.  Because  there  is  considerable  latitude  in  each  ORM’s 
constellation  size  and  satellite  parameters  (payload  mass  and  power,  MMD,  etc.),  we  are 
able  to  compare  technology  performances  over  a  range  of  situations. 

4.1.2  What  Are  the  Alternatives  for  Doing  the  Job?  (Alternative  Concepts) 

Every  operations  analysis  needs  a  baseline  against  which  other  options  are  measured. 
The  baseline  launch  vehicles,  with  the  baseline  upper  stages  in  parentheses,  are: 

•  Delta  II  (PAM  DII  upper  stage) 

•  Atlas  HAS  (Centaur  upper  stage) 

.  Titan  IV  (SRMU,  no  upper  stage  [NUS]) 

•  Titan  IV  (SRMU,  Centaur  upper  stage) 

Comparisons  are  made  by  replacing  or  augmenting  the  baseline  upper  stages  with  the 
innovative  upper  stages.  The  Lockheed  Launch  Vehicle  3  (LLV3)  serves  as  an  additional 
launch  vehicle  for  some  of  the  innovative  upper  stages  to  determine  launch  vehicle 
stepdown. 

The  baseline  propulsion  for  on-orbit  satellite  stationkeeping  and  maneuver  consists,  as 
appropriate,  of  hydrazine  (N2H4)  thrusters  and  hydrazine  arcjet  thrusters.  Baseline  electric 
power  is  not  supplied  by  existing  photovoltaic  cells;  rather  it  is  supplied  by  advanced 
photovoltaic  solar  array  (APSA)  cells,  which  are  available  to  all  technologies  (see  the 
photovoltaics  ground  rule  in  Section  1.6). 

The  innovative  technology  options  considered  in  the  OECS  were  introduced  in 
Chapter  1  and  discussed  in  more  detail  in  Chapter  3.  Briefly,  they  are: 

•  Advanced  cryo  (advanced  cryogenic  propulsion  and  photovoltaic  power) 

•  Nuclear  bimodal  (nuclear  thermal  propulsion  and  thermoelectric  power) 

•  Solar  bimodal  (solar  thermal  propulsion  and  thermionic  power) 

•  Solar  thermal  (solar  thermal  propulsion  and  photovoltaic  power) 
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•  Nuclear  electric  (nuclear  electric  propulsion  and  thermionic  power) 

•  Solar  electric  (solar  electric  propulsion  and  photovoltaic  power) 

These  innovative  propulsion  and  electrical  power  technologies  were  selected  because 
thqr  offer  potential  near-term  options  that  may  be  more  effective  or  cost  effective  than  the 
baseline  technologies.  A  ground  rule  developed  during  the  study  requires  a  reasonable 
expectation  that,  given  an  adequate  development  program,  the  innovative  technologies 
could  have  a  flight  demonstration  within  seven  years  and  an  initial  operational  capability 
(IOC)  within  ten  years. 

In  addition  to  the  major  propulsion  technologies,  there  are  five  electric  propulsion 
subtechnolo^es:  ammonia  (f^s),  hydrazine  (N2H4),  and  hydrogen  (H2)  arcjets,  xenon 
SPT  thrusters,  and  xenon  ion  propulsion. 

Within  a  wide  latitude,  these  technologies  can  be  combined  to  perform  the  lift,  hold, 
move,  and  electric  power  tasks  for  each  ORM.  The  job  of  selecting  the  technology  and 
subtechnology  combinations  that  make  sense  is  critical  to  the  study.  The  selection 
methodology  and  its  results  are  discussed  in  detail  in  Section  4.3.8.  The  selection  process 
is  based  on  15  ground  rules  covering  propulsion  and  electrical  power  technologies. 

The  potential  for  the  greater  cost  effectiveness  of  the  innovative  technologies  resides 
in  their  high  specific  impulses  (I,p),  a  measure  of  the  total  impulse  achieved  from  a  unit 
mass  of  propellant.  The  potential  is  tempered  by  future  development  costs;  by  potentially 
large  physical  structures  and  masses  necessary  in  many  cases  to  achieve  high  the  Iq,’s;  and, 
except  for  the  advanced  cryogenic  technology,  by  moderate  or  very  low  thrust  levels. 

Table  4-1  shows  the  approximate  I,,  and  thrust  levels  we  used  for  each  technology. 


Table  4-1.  Approximate  Levels  of  Upper  Stage  Isp  and  Thrust  in  the  OECS 


Upper  Stage  Thrust  (N) 

Technology 

I.p(s) 

Delta  II 

Atlas  HAS 

Titan 

Baseline 

Delta  292.6 
Atlas  448.9 
Titan  444 

66,440 

185,000 

2  X  73,000 

Advanced  Ciyo 

467.5 

200,160 

200,160 

200,160 

Nuclear  Bimodal 

820 

2200 

2200 

2200 

Solar  Bimodal 

750-780 

115-270 

250-600 

400-535 

Solar  Thermal 

840-875 

10-30 

15-45 

30-90 

Nuclear  Electric 

H2  Arcjet  1200* 
SPT  1600 

Ion  3200 

N/A 

1.5-5 

2-6 

Solar  Electric 

Hz  Arcjet  1200- 
SPT  1600 

Ion  3200 

1-2 

1-2 

4-6 

•N2H4  arcjets  have  a  550  s  lift  NH3  800  s. 
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HBgher  Iq,  values  often  provide  a  ^ven  AV  with  less  total  propulsion  mass  (hardware 
plus  propellant),  increasing  available  on-orbit  payload  mass,  payload  power,  or  AV.  On 
the  other  hand,  lower  thrust  means  longer  times  to  apply  a  given  AV.  For  electric 
propulsion,  this  can  lead  to  lift  times  of  many  months  to  GEO  and  MEO.  Thus,  perhaps 
ironically,  the  greater  the  AV  required,  the  greater  the  mass  saved,  and  the  greater  the  time 
required.  These  latter  two  factors  represent  the  principal  asset  and  principal  shortcoming 
of  all  the  low-thrust  innovative  technologies. 

4.1.3  How  Do  I  Employ  the  Alternatives?  (Concept  of  Operations) 

The  CONOPS  for  the  innovative  technologies  did  not  exist  prior  to  the  OECS. 
Fortunately  the  lift,  hold,  move,  and  electric  power  tasks  can  be  defined  from  historical 
and  dynamic  considerations  for  each  ORM.  This  allows  basic  CONOPS  to  be  formulated. 
Many  of  these  issues  were  discussed  in  Chapter  2.  It  remains  in  this  chapter  to  interpret 
them  with  respect  to  each  of  the  technologies.  Section  4.3.9  discusses  the  best  use  of  each 
technology  for  each  ORM.  Employment  choices  were  made  solely  on  technical  grounds. 

The  large  range  of  thrust  characterizing  the  technologies  provides  a  CONOPS 
challenge,  especially  for  the  lift  function.  Desirable  upper  stage  drop-off  conditions 
(altitude  and  orbital  parameters),  lift  strategy  (number  and  location  of  bums),  and  trip  time 
will  vary  substantially  with  thrust  level  and,  hence,  with  the  technology.  We  have  been 
able  to  group  the  technologies  by  thmst  level  to  facilitate  discussion  of  their  employment. 
The  three  groups  and  their  distinguishing  propulsion  characteristics  are: 

•  High  thmst:  baseline  chemical  and  advanced  cryogenic  (impulsive  thmst) 

•  Moderate  thmst:  nuclear  bimodal,  solar  bimodal,  and  solar  thermal  (multi-thmst) 

•  Low  thmst:  nuclear  electric  and  solar  electric  (continuous  thmst) 

4.1.4  How  Effective  Are  the  Alternatives?  (Measures  of  Effectiveness,  Measures 
of  Performance) 

The  effectiveness  analysis  focuses  on  four  FOs: 

FO  1:  Lift  satellites  to  initial  operational  orbits 

FO  2:  Hold  satellites  in  operational  orbits  (i.e.,  provide  stationkeeping) 

FO  3:  Move  satellites  to  other  orbits  (i.e.,  maneuver) 

FO  4:  Power  satellite  payload  and  housekeeping  operations 

The  MOEs  are  derived  from  the  FOs  and  are  used  to  gauge  how  well  the  FOs  are  met. 

The  MOPs  are  developed  to  help  evaluate  the  MOEs. 

Quantitative  and  qualitative  MOEs  and  MOPs  have  been  developed  to  identify  the 
best  technology  combinations  if  cost  is  not  a  consideration.  Several  quantitative 
MOEs/MOPs  are  based  on  lift  performance.  From  the  bottom-up  perspective,  a  principal 
measure  is  how  much  payload  mass  a  given  launch  vehicle  and  a  lift/hold/move/power 
technology  combination  can  place  in  operational  orbit.  From  a  top-down  perspective,  a 
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principal  measure  is  how  much  of  a  given  payload  can  be  placed  on  a  smaller  launch 
vehicle  (step-down)  for  various  lifl/hold/move/power  combinations.  Both  bottom-up  and 
top-down  methodologies  are  discussed  as  key  analysis  concepts  later  in  this  chapter. 

Another  quantitative  MOE  examines  how  varying  the  lift  technologies  affects 
constellation  avmlabilities.  Availability — ^the  probability  of  having  a  fully  operational 
satellite  constellation — ^is  a  significant  factor  in  the  OECS.  Availability  is  described  in 
detail  in  Section  4.3.1.  A  complete  discussion  of  all  MOEs  and  MOPs  is  found  in  the  next 
chapter. 

4.1.5  What  Do  the  Alternatives  Cost?  (Cost  Analysis) 

In  addition  to  assessing  the  effectiveness  of  each  design,  the  OECS  estimates  their 
cost.  We  determine  an  “acquisition  cost”  for  development,  procurement,  and  launch,  and 
any  unique  facilities  or  launch  vehicle  modifications.  We  do  not  provide  the  life  cycle  costs 
found  in  COEAs  because  we  have  not  estimated  operations  and  support  (O&S)  costs  for 
the  satellite  payloads  or  for  the  upper  stage  and  satellite  propulsion  and  power  subsystems. 
Payload  O&S  costs  are  payload  specific,  and  they  can  be  large  and  difficult  to  determine. 
They  are  nominally  independent  of  the  propulsion  and  electric  power  technologies. 
Propulsion  and  power  O&S  costs  are  small,  and  they,  too,  are  not  likely  to  vary 
significantly  among  technologies.  The  addition  of  O&S  costs,  especially  payload 
costs,  would  complicate  the  cost-estimating  process  and  the  comparison  of  results. 

The  cost  work  breakdown  structure  (WBS)  includes: 

•  Technology  acquisition  cost  required  to  mature  each  technology  to  the  point  of 
system  development 

•  Flight  demonstration  cost,  including  launch  cost  and  production  cost  of  a 
demonstration  unit 

•  Engineering  and  manufacturing  development  cost  (formerly  full-scale 
development  cost) 

•  Unit  production  cost,  including  production  learning 

•  Satellite  constellation  launch  costs  (used  to  highlight  savings  fi’om  launching 
the  same  payload  on  a  smaller  launch  vehicle  or  from  launching  fewer  satellites 
to  maintain  the  same  constellation) 

•  Representative  payload  acquisition  cost  (used  to  highlight  cost  savings  from 
launching  fewer  payloads  to  maintain  the  same  constellation) 

•  Unique  and  unavailable  facilities  cost 

•  Launch  vehicle  modifications  cost,  such  as  a  new  payload  fairing 

We  determine  the  most  likely  total  cost  of  the  satellite  constellation  in  each  ORM  by 
summing  the  most  likely  individual  costs  of  each  cost  category.  In  a  small  sampling  of 
cases,  we  perform  a  cost  risk  analysis  by  analyzing  the  impact  of  potential  high  and  low 
component  costs  on  the  total  cost.  The  risk  analysis  reports  the  70th  percentile  as  a  high 
cost  estimate  and  the  30th  percentile  as  a  low  cost  estimate  of  the  total  cost  probability 
density  function. 
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Cost  ground  rules,  the  detailed  cost  breakdown  structure,  and  a  summary  of  cost 
results  are  presented  in  Chapter  6.  The  cost  estimating  relationships  (CERs)  are 
documented  in  a  separate  electronic  volume.  Appendix  F. 

4.1.6  How  Cost-Effective  Are  the  Alternatives?  (Cost-Effectiveness  Analysis) 

The  cost-effectiveness  analysis  is  presented  in  Chapter  7.  We  have  chosen  to  do  our 
cost-effectiveness  analysis  by  looking  at  the  cost  to  produce  equal  effectiveness.  Our 
investigation  lends  itself  to  defining  effectiveness  in  terms  of  the  performance  of  a  specific 
job:  maintaining  a  constellation  of  operational  satellites  whose  payload  mass,  payload 
electrical  power,  and  hold  and  move  capabilities  are  specified. 

The  independent  variables  of  interest  to  the  OECS  cost  and  cost-effectiveness 
analyses  are: 

•  Payload  mass 

•  Payload  electrical  power 

•  Satellite  mean  mission  duration  (MMD) 

•  Number  of  “standard”  satellite  moves  on  orbit  (AV) 

•  Number  of  satellites  purchased 

If  we  denote  the  functional  relationship  for  cost  as /,  we  can  write 
Cost  =  f  ,tech,ORM) 

where  each  x,  represents  one  of  the  independent  variables  in  the  above  order,  ZF  identifies 
the  launch  vehicle,  tech  specifies  the  lift^old/move/power  technology  combination,  and 
OBM  is  the  mission  orbit.  The  launch  vehicle  cost  is  a  dependent  variable  determined  by 
the  first  four  independent  variables,  xi  to  x^. 

Attempts  were  made  to  approximate / using  multiple  linear  regression  (MLR).  MLR 
creates  multidimensional  mathematical  functions  that  approximate,  in  a  least  squares 
sense,  a  dependent  variable  in  terms  of  multiple  independent  variables.  Using  MLR,  /is 
found  by  fitting  a  response  surface  to  a  set  of  specially  chosen  points  representing  an 
experimental  design.  Since  the  resulting  function  is  continuous,  we  could  estimate  the  cost 
of  any  point  on  our  five-dimensional  cost  surface  within  the  ranges  of  the  factors  used  to 
generate  f,  subject  to  errors  of  fit  (approximation).  This  is  an  extremely  powerful  tool,  for 
it  permits  wide-ranging  cost  comparisons  of  different  technologies  for  relatively  few  cost 
determinations.  Unfortunately,  our  MLR  approximations  had  unsatisfactory  accuracy,  and 
we  retreated  to  the  less  elegant  and  less  flexible  but  more  familiar  parametric  variations. 

4.2  KEY  ANALYSIS  CONCEPTS 

The  previous  section  outlined  the  OECS  analysis.  This  section  describes  key  aspects 
of  the  analysis  needed  to  place  the  study  and  its  results  in  context.  We  begin  with  a 
discussion  of  two  operational  concepts:  constellation  availability  and  the  response  time 
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needed  to  place  an  operational  satellite  on-orbit.  Both  are  critical  issues  for  several 
innovative  technologies  that  have  long  response  times  compared  to  the  alternatives.  Next 
we  examine  the  distinction  between  satellite  mass  and  satellite  payload  mass .  We  show 
that  payload  mass  is  the  proper  analysis  measure  for  the  OECS  because  of  the  interactions 
of  the  innovative  technolo^es  with  the  satellites.  This  is  followed  by  a  discussion  of 
scalable  technologies  and  their  use  in  sizing  both  upper  stages  and  satellites.  Many  of  these 
concepts  come  together  in  a  discussion  of  bottom-up  and  top-down  analysis.  Finally,  we 
conclude  with  the  assertion  that  now  is  the  time  to  be  examining  the  potential  impact  of 
innovative  technologies  on  future  launch  systems. 

4.2.1  Constellation  Availability  vs.  Response  Time 

Satellites  are  either  suppliers  or  relayers  of  information.  Since  communications, 
location,  weather,  and  early  warning  information  is  critical,  we  go  to  great  lengths  to 
provide  it  on  a  continuing  basis  by  maintaining  an  adequate  number  of  operational 
satellites  on  orbit.  We  want  these  satellites  to  have  a  high  probability  of  functioning,  i.e., 
we  want  the  satellites  and  the  constellation  to  be  available. 

While  a  number  of  factors  affect  constellation  availability,  the  principal  factor  is  the 
time  needed  to  respond  to  an  unforeseen  satellite  failure.  The  Solar  Electric  Propulsion 
Assessment  (Chan  et  al.)  demonstrated  that  a  long  response  time  is  not  unthinkable  in 
combination  with  on-orbit  spare  satellites,  and  it  may  be  cost  effective  if  it  allows  less 
costly  launches.  This  issue  is  discussed  in  more  detail  in  Chapter  5.  A  possible  alternative 
to  having  a  full  complement  of  satellites  available  on-orbit  is  quick  augmentation  of  on- 
orbit  satellites  with  new  launches  when  needed.  Unfortunately,  a  quick  response  time  is 
projected  to  be  very  expensive  (Schulenburg  et  al.,  pp.  5-2  to  5-17),  and  an  augmentation 
strategy  may  not  be  affordable  or  even  practical. 

As  a  result  of  these  considerations,  the  OECS  analysis  has  focused  strictly  on  using 
the  innovative  technologies  to  maintain  a  constant  on-orbit  capability. 

4.2.2  Satellite  vs.  Payload  Mass 

Traditionally,  when  we  think  about  launch  vehicles  and  upper  stages,  we  focus  on  the 
total  mass  a  system  can  deliver  to  an  orbit.  This  has  been  adequate  in  the  past,  for 
satellites  have  almost  uniformly  relied  on  photovoltaic  cells  for  electrical  power  and 
hydrazine  (N2H4)  for  on-orbit  propulsion.  The  result,  at  least  among  functionally  similar 
payloads,  has  been  a  more  or  less  constant  ratio  between  satellite  mass  and  payload  mass. 
This  paradigm  is  inadequate  for  the  OECS  because  the  variety  of  innovative  technologies 
has  created  many  relationships  between  satellite  mass  and  payload  mass. 

Functionally  equivalent  OECS  satellite  masses  will  vary  considerably  with  both  the 
propulsion  and  electric  power  technologies.  Many  of  the  innovative  technologies  will 
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result  in  more  or  less  massive  satellites  on-orbit  for  a  given  payload  compared  to  the 
baseline.  For  example,  the  mass  of  a  satellite  that  draws  its  electrical  power  from  a  nuclear 
reactor  is  apt  to  be  substantially  different  from  one  employing  photovoltaic  cells.  This 
diversity  means  we  must  use  a  new  paradigm  based  on  equal  payload  masses.  This  concept 
was  introduced  in  Section  1.5  of  Chapter  1. 

4.2.3  Upper  Stage  and  Satellite  Sizing 

The  OECS  does  not  require  detailed  upper  stage  and  satellite  designs  (for  example, 
exact  placement  or  orientation  of  all  components).  It  does  require  consistent  and  reliable 
estimates  of  their  mass  and,  to  a  lesser  extent,  their  dimensions.  We  have  called  this 
limited  design  process  sizing  to  draw  attention  to  its  lack  of  fine  detail.  Sizing  is  dependent 
upon  engineering  scaling  algorithms  and  databases  that  interrelate  the  sizes  and  masses  of 
components.  Sizing  is  accomplished  with  the  OECS  Cost/Engineering  Model  (OCEM), 
which  is  discussed  in  more  detail  in  Section  4.4.  Depending  upon  the  component,  sizing 
may  be  based  on  a  continuous  function  (e  g.,  propellant  tank  volume)  or  on  a  selection  of 
one  of  several  discrete  choices  (e.g.,  arcjet  thrusters). 

The  baseline  booster  and  upper  stage 
propulsion  technologies  are  not  scalable. 

Of  the  innovative  technologies,  only  the 
advanced  cryogenic  technology  and  the 
nuclear  bimodal  reactor  technology  were 
considered  not  scalable.  (The  nuclear 
bimodal  propellant  tank  and  electrical 
components  are  scalable.)  For  the  other 
innovative  technologies,  upper  stage 
designs  are  scaled  with  OCEM.  This  is 
done,  for  example,  by  varying  the  size 
of  the  solar  collector  array  and  those 
aspects  of  the  system  that  depend  upon 
it,  e.g.,  structure,  plumbing  and  wiring, 
and  thermal  control. 

4.2.4  Bottom-Up  and  Top-Down 
Effectiveness  Analysis 

Depending  upon  the  issue,  we 
approach  effectiveness  from  two 
perspectives:  bottom  up  and  top  down. 

The  bottom-up  approach  is  used  to 
determine  the  maximum  satellite  payload 


Upper  Stage  Scalability 

In  the  past,  fine  tuning  of  a  launch 
vehicle’s  capability  has  generally  meant 
improving  or  changing  rocket  engines, 
varying  the  number  or  type  of  strap-ons, 
using  improved  materials/fabrication 
processes,  and  exchanging  or  improving 
the  upper  stage.  An  ability  to  scale  the 
upper  stage  more  or  less  continuously 
may  reduce  the  reliance  on  these 
traditional  means  and  lower  the  cost 
in  the  bargain. 

Of  course,  the  cost  effectiveness 
and  practicality  of  scaling  innovative 
upper  stages  to  match  the  payload  and 
ORM  needs  to  be  demonstrated.  The 
solar  technologies  (bimodal,  thermal,  and 
electric)  may  offer  the  best  prospects  for 
scaling. 
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that  can  be  placed  in  orbit  by  a  ^ven  combination  of  propulsion  and  power  technologies 
for  a  given  launch  vehicle.  In  this  approach,  the  analyst  begins  with  the  launch  vehicle,  the 
ORM,  and  the  move,  hold,  and  electrical  power  requirements  for  the  satellite,  then  sizes 
the  upper  stage  and  the  satellite.  In  the  top-down  approach,  the  analyst  begins  with  a 
defined  payload  on  orbit  (mass,  electrical  power,  AV).  He  or  she  then  designs  the  satellite 
and  the  upper  stage  needed  to  put  it  there  for  a  specific  technology  combination  and 
determines  what  launch  vehicle  is  required  to  launch  it.  The  bottom-up  approach  is  the 
primary  methodology  for  the  effectiveness  analysis;  the  top-down  approach  is  used  in  the 
cost  and  the  cost-effectiveness  analysis. 

Figure  4-1  shows  the  bottom-up  and  top-down  inputs  to  the  OCEM  (shaded  boxes) 
and  the  outputs  fi'om  it  (unshaded  boxes).  The  concept  siang  box  (lighter  shading)  has 
the  outputs  used  to  determine  the  smallest  usable  launch  vehicle,  an  input  to  the  cost 
determinations.  OCEM  necessarily  involves  many  interative  loops  because  of  the 
interrelationships  among  the  subsystems.  The  complexity  of  OCEM  is  shown  in  Figure 
4-6,  which  schematically  illustrates  the  subsystem  interactions. 

4.3  CRITICAL  METHODOLOGY 

4.3.1  Constellation  Availability 

Cost-effectiveness  comparisons  are  best  performed  by  comparing  effectiveness  given 
equal  cost  or,  more  usually,  by  comparing  cost  given  equal  effectiveness.  OECS  follows 
the  latter  path.  In  this  analysis,  equal  effectiveness  means  “equal  probabilities  of 
maintaining  a  specified  number  of  essentially  identical  operation^  satellites  (a  constellation 
of  satellites)  on  orbit  for  a  specified  period  of  time.”  The  probability  of  interest  is 
constellation  availability  (PJ,  which  is  “the  probability  that  the  constellation  is 
performing  its  required  functions  at  any  randomly  chosen  time  after  it  has  been 
established.”  The  principal  parameters  determining  availability  are: 

•  Number  of  satellites  in  the  constellation 

•  Number  of  on-orbit  spare  satellites 

•  Launch  vehicle  reliability 

•  Satellite  MMD  (reliability) 

•  Time  to  deploy  a  satellite 

•  Minimum  time  between  successive  satellite  launches 

An  average  number  of  satellites,  upper  stages,  and  launch  vehicles  need  to  be 
purchased  to  maintain  a  specified  availability  for  some  period.  That  number  will  vary  with 
any  of  these  parameters.  As  a  result,  the  cost  of  achieving  the  specified  availability  will 
also  vary. 
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Figure  4-1.  Inputs  and  outputs  for  the  OCEM  bottom-up  and  top-down  analysis. 


Since  availability  is  complex  to  estimate,  it  is  determined  through  Monte  Carlo 
simulation  of  launch  failures  and  operating  satellite  fmlures.  This  was  done  in  the  OECS 
with  the  GAP_PLUS  model.  The  GAP_PLUS  methodology  is  based  substantially  on  the 
Aerospace  GAP  (Generalized  Availability  Program)  model  methodology.  GAP_PLUS  was 
written  by  the  Office  of  Aerospace  Studies  and  has  been  used  in  support  of  the 
Comprehensive  On-Orbit  Maintenance  Assessment  (COMA)  (Feuchter  et  al.).  The  current 
version  of  GAP_PLUS  has  been  updated  for  the  OECS.  A  recent  addition  to  the  model 
allows  specification  of  the  minimum  time  between  successive  satellite  launches. 

When  all  factors  are  considered,  typical  maximum  achievable  availabilities  lie  in  the 
range  of  90  to  100%  (P,=  0.9  to  1.0).  An  availability  of  100%  is  never  achievable,  and  on- 
orbit  spares  are  typically  needed  to  support  availabilities  much  in  excess  of  90%. 

4.3.2  Constellation  Size  and  On-Orbit  Spares 

A  constellation  consists  of  a  specified  number  of  operational  satellites,  which  may 
include  operational  spares.  The  total  number  of  operational  satellites  defines  the 
constellation’s  size.  Depending  upon  circumstances,  the  constellation  may  also  contain  one 
or  more  non-operational  (dormant)  spare  satellites  held  in  reserve  as  replacements  for 
failed  operational  satellites.  We  only  consider  operational  spares  in  the  OECS. 
Constellations  typically  have  been  no  larger  than  five  satellites,  with  the  notable  exception 
of  the  24-satellite  GPS  constellation  with  its  3  spares  (21+3  satellites  on-orbit). 

However,  large  constellations  of  smaller  satellites  are  likely  in  the  future. 

4.3.3  Launch  Vehicle  Reliability 

In  the  OECS,  the  term  launch  vehicle  reliability  refers  to  “the  probability  a  satellite  is 
launched  and  placed  in  its  mission  orbit.”  It  is  composed  of  the  reliabilities  of  the  booster 
and  any  transfer  stages.  Typical  launch  vehicle  reliabilities  are  near  90%  (Adams  et  al.,  pp. 
3-24  to  3-29).  A  ground  rule  of  the  OECS  effectiveness  and  cost-effectiveness  analyses  is 
that  all  launch  vehicle  reliabilities — and  by  implication  all  transfer  stage  reliabilities — are 
equal.  This  is  an  adequate  approximation  and  eliminates  the  controversy  of  trying  to  assess 
reliabilities  for  a  number  of  innovative  technologies  that  have  not  flown.  OECS  did, 
however,  attempt  to  qualitatively  identify  factors  that  may  decrease  or  increase  the 
reliability  of  each  technology. 
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4.3.4  Satellite  Reliability 

Modeling  satellite  reliability  in  the  OECS  involves  simulating  satellite  failures  that 
require  the  satellite  be  replaced  (some  failures  can  be  worked  around  to  prevent  the  need 
for  replacement).  Two  types  of  typical  failures  are  modeled.  Both  are  random  Mures,  but 
each  is  described  with  a  different  probability  distribution.  One  type  of  failure  can  occur  at 
any  point  during  the  satellite’s  life.  For  lack  of  a  better  term,  we  will  refer  to  these  failures 
as  random  fmlures.  The  second  type  tends  to  be  localized  in  time  and  relates  to  the  design 
life  (i.e.,  the  maximum  life)  of  the  satellite.  We  will  refer  to  these  Mures  as  design  life 
failures  (or  truncation  Mures).  Design  life  is  an  appropriate  term  because  this  category  of 
failure  is  inherent  in  the  satellite’s  design.  Design  life  represents  the  predicted  failure  time 
of  the  satellite  due  to  mechanical  wearout,  battery  Mure,  photovoltaic  cell  deterioration, 
the  exhaustion  of  consumable  working  fluids  such  coolant,  etc.  (As  discussed  in  Section 
2.1.2  of  Chapter  2,  design  life  is  alternately  used  to  refer  to  “minimum  projected  life.”) 

Figure  4-2  shows  a  typical  satellite  reliability  plot  for  each  type  of  fmlure.  Overall 
satellite  reliability  is  the  product  of  the  two  reliabilities.  Historically,  satellite  random 
failures  have  been  modeled  with  the  two-parameter  Weibull  distribution.  One  parameter, 
the  a  or  scale  parameter,  is  primarily  related  to  satellite  mean  life.  The  p  or  shape 
parameter  is  related  to  the  shape  of  the  distribution.  Weibull  reliability  is  given  by 

-[-Y 

R{t)  =  e 

where  t  is  the  elapsed  time.  A  representative  P  value  for  OECS-type  analyses  is  1.6. 

Considering  only  R(t),  the  average  satellite  life  or  MMD  is 

MMD  =  ]R{t)dt  =  ]e-^^  dt 
0  0 

We  also  use  the  Weibull  distribution  to  model  design  life  failures.  As  shown  in  Figure 
4-2,  this  distribution  approaches  a  step  function  when  we  select  a  very  high  value  for  P 
(say  250).  Using  t  to  indicate  the  mean  of  this  distribution  gives 

(0  ~  ^ 

Because  of  the  step-like  nature  of  the  function,  t  is  essentially  the  mean  design  life. 
Assuming  design  life  is  a  step  function  at  r  =  r  allows  us  to  approximate  the  combined 
satellite  MMD  as  (Nishime,  pp.  28-30) 
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Reliability 


Figure  4-2.  Typical  satellite  reliability. 

MMD  =  J R(t)dt  =  J dt 
0  0  ‘ 

We  have  assumed  in  the  OECS  that  R(r)  =  0.6,  i.e.,  the  satellite  reliability  at  design 
life  is  0.6.  Given  this  assumption,  it  can  be  shown  (see  Appendix  A)  that 

T  =  0.6572a 

and  the  satellite’s  average  life  or  mean  mission  duration  (MMD)  is  related  to  r  by 

A4MD  =  0.83117 


4.3.5  Deployment  Time 

Deployment  time  means  “the  total  time  from  the  decision  to  launch  a  satellite  to 
having  it  operational  on  orbit.”  Activities  could  include  transportation  of  satellite  and 
launch  vehicle  to  the  launch  site,  integration  of  the  satellite  and  launch  vehicle,  prelaunch 
pad  activities,  launch,  trip  time  (travel)  to  mission  orbit,  and  satellite  check-out.  Today 
these  activities  can  take  many  months,  even  though  the  trip  time  is,  at  most,  only  a  few 
days. 
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Shortening  the  deployment  time  can  reduce  or  eliminate  the  number  of  spare  satellites 
needed  on  orbit  to  support  a  constellation.  Conversely,  lengthening  the  deployment  time 
can  increase  the  number  of  spares  that  are  needed.  All  other  things  equal,  fewer  spares 
correspond  to  fewer  launch  vehicles  and  satellites — ^and,  therefore,  less  money — ^needed  to 
support  a  constellation  over  its  lifetime.  Short  deployment  times  represent  an  improvement 
in  ability  to  react  to  unforeseen  events.  However,  even  if  we  assume  launch  vehicle  step- 
down  is  possible  with  an  innovative  technology,  the  Solar  Electric  Propulsion  Assessment 
has  shown  that  short  deployment  times  are  not  necessarily  the  least  expensive  way  to 
support  a  constellation  at  a  given  avmlability  (Chan  et  al.,  pp.  5-62  to  5-88).  This  is  an 
important  consideration  in  the  OECS  cost-effectiveness  anaJysis.  Trip  times  for  the  electric 
propulsion  technologies  can  be  a  significant  fraction  of  a  year,  and  thermal  technologies 
can  have  trip  times  of  one  or  two  months. 

4.3.6  Minimum  Time  Between  Satellite  Launches 

The  minimum  time  between  launches  was  not  considered  in  the  Solar  Electric 
Propulsion  Assessment  except  for  establishing  the  constellation.  Typically  this  parameter 
has  been  assigned  a  value  of  zero;  i.e.,  consecutive  launches  can  be  as  close  together  as 
necessary.  Obviously  this  is  not  realistic  given  limited  launch  pads  and  nonzero  launch  pad 
turnaround.  Availability  can  be  strongly  dependent  on  minimum  time  between  launches, 
especially  for  larger  constellations,  which  have  more  failures  per  unit  time.  In  the  OECS, 
the  same  minimum  interval  was  used  between  the  launches  to  establish  the  constellation 
and  the  launches  to  maintain  it  (typically  2-4  months). 

4.3.7  Other  Considerations 

Table  4-2  identifies  other  availability  considerations  in  the  model  that  are  not  directly 
related  to  the  six  parameters  just  discussed,  and  the  assumptions  we  made  about  them. 

4.3.8  Technology  Selection 

For  each  case  examined  by  OCEM,  we  must  specify 

.  ORM 

•  Lift  technology 

•  Hold  technology 

•  Move  technology 

•  Electric  power  technology 


50 


Table  4-2.  Other  Modeling  Choices  Affecting  Availability  Determinations 


Modeling  Factor 

Assumption 

Constellation  maintenance 

All  constellations  maintained  IS  years  after 
establishment  phase 

In&nt  mortality  (early  satellite  &iiuie  due  to  initial 
design  flaws) 

None 

End  of  design  life  replacement 

Replacement  satellite  scheduled  on  orbit  0.2  years 
before  anticipated  design  life  £ulure  (for  purposes 
of  plarming  satellite/launch  vehicle  acquisition) 

Satellite  block  changes 

None 

Constellation  geometry 

No  grouping  of  satellites  to  account  for  multi¬ 
orbital  plane  constellations.  Spare  satellites,  when 
present,  are  universal  spares  (can  substitute  for 
any  ftiiled  satellite).  GAP_PLUS  test  runs 
modeling  GPS  as  six  planes  of  four  satellites  each 
show  no  significant  differences  in  availability  or 
average  number  of  satellites  required  over  the 
single  group  approach. 

Number  of  simulation  replications  per  simulation 

500 

If  we  were  to  analyze  each  of  the  seven  major  categories  of  propulsion  technologies 
that  can  be  used  to  perform  lift,  hold,  and  move  functions,  we  would  get  7^=  343 
combinations  of  propulsion  technologies  per  ORM.  This  number  would  grow  substantially 
if  we  were  to  add  in  the  specific  technologies  within  the  seven  general  categories.  The 
number  would  grow  even  larger  when  the  electric  power  options  were  added.  Fortunately, 
many  combinations  can  be  eliminated.  Many  technology  combinations  are  incompatible, 
some  combinations  are  obviously  more  costly  than  others,  and  some  combinations 
introduce  unnecessary  complexity. 

A  set  of  fifteen  ground  rules  was  developed  to  reject  combinations  not  suited  to  the 
task  at  hand  (Table  4-3).  The  first  five  rules  apply  to  all  ORMs.  Rules  6  through  9  are 
ORM-specific,  and  10  through  15  apply  to  electric  power.  In  accordance  with  study 
philosophy,  none  of  the  ground  rules  are  based  on  safety  and  policy  considerations. 

The  ground  rules  were  applied  to  each  possible  propulsion  combination  for  each 
ORM.  Combinations  which  violated  one  or  more  ground  rules  were  eliminated.  The 
results  of  this  screening  are  shown  in  matrix  format  by  ORM  in  Table  4-4  through 
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Table  4-7.  Each  sbc-by-sbc  matrix  represents  a  different  lift  technology.  Rows  represent 
move  technologies;  columns  represent  hold  technologies.  In  this  process,  solar  bimodal  lift 
has  been  combined  with  solar  thermal  lift  because  of  their  similarity.  Advanced  cryogenic 
propulsion  is  a  chemical  technology. 

In  a  matrix  cell,  numbers  refer  to  the  ground  rules  violated  by  the  combination. 

Shaded  cells  indicate  combinations  that  do  not  violate  any  ground  rules.  These  cells 
contain  abbreviations  indicating  the  electric  power  choice(s):  PV,  photovoltaic;  NB, 
nuclear  bimodal;  SB,  solar  bimodal;  NE,  nuclear  electric.  From  the  original  possibilities, 
only  60  technology  combinations  were  selected.  These  are  listed  by  ORM  in  Table  4-8. 
While  Table  4-4  through  Table  4-7  do  not  contain  propulsion  subtechnolo^es,  the 
selected  subtechnolo^es  are  shown  in  Table  4-8.  A  summary  of  the  subtechnologies 
appears  in  Table  4-9.  The  ground  rules  for  selecting  subtechnologies  are  given  in 
Table  4-10,  which  lists  state-of-the-art  propulsion  solutions  and  selected  innovative 
propulsion  solutions  as  functions  of  hold  and  move  AVs. 
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Table  4-3.  Ground  Rules  and  Rationale  Used  to  Select  Combinations  of 


Technologies  Evaluated  in  the  OECS 


No 

GROUND  RULE 

RATIONALE 

ALLORMs 

1 

No  CRYO  MOVE  or  CRYO  HOLD 

Difficulty  of  storing  cryo  propellant  for  a  long 
duration  coupled  with  complexi^  and  mass 
considerations 

2 

No  mixing  of  NUCLEAR  and  SOLAR  systems 

Cost,  complexity,  and  mass  considerations 

3 

NUCLEAR  MOVE  and  NUCLEAR  HOLD  can  only 
be  used  with  NUCLEAR  LIFT 

Cost,  complexi^,  and  mass  considerations 

■ 

THERMAL  MOVE  can  only  be  used  with 
THERMAL  LIFT 

Cost,  complexity,  and  mass  considerations 

5 

THERMAL  HOLD  not  allowed 

Requires  multiple  hot  gas  valves 

SPECIFIC  ORMs 

6 

No  CHEMICAL  HOLD  for  ORM  1 

Hydrazine  arcjet  is  state  of  the  art  for  ORM  1  N-S 
stationkeeping  (too  high  a  AV  to  justify  chemical 
hold) 

■ 

Only  CHEMICAL  MOVE  and  HOLD  are  used  for 
ORMs  2  and  3a,b 

Move  and  hold  AVs  are  too  low  to  justify  other 
choices 

8 

Only  CHEMICAL  LIFT,  CRYO  LIFT,  and  SOLAR 
ELECTRIC  LIFT  apply  to  ORM  3a,b 

Lift  AV  too  low  to  justify  other  choices 

9 

HOLD  and  MOVE  technologies  identical  for  ORMs 

2  and  3a, b 

Move  not  an  option  or  move  performed  with  hold 
system 

ELECTRIC  POWER  GENERATION 

10 

CHEMICAL  LIFT  is  always  combined  with 
photovoltaic  electric  power 

Minimally  massive  and  minimally  complex  electric 
power  system 

11 

CRYO  LEFT  is  always  combined  with  photovoltaic 
electric  power 

Minimally  massive  and  minimally  complex  electric 
power  ^stem 

12 

NUCLEAR  THERMAL  LIFT  is  always  combined 
with  nuclear  bimodal  electric  power 

Electric  power  capabilities  of  nuclear  bimodal 
system  will  meet  satellite  electric  power 
requirements  (design  ground  rule) 

13 

SOLAR  THERMAL  LIFT  is  always  combined  with 
either  solar  bimodal  or  photovoltaic  electric 
power.  For  pure  (non-bimodal)  solar  thermal  lift, 
the  solar  thermal  system  is  discarded  upon 
reaching  mission  orbit  because  the  collectors  have 
a  short  design  life. 

Electric  power  capabilities  of  solar  bimodal  fystem 
will  meet  satellite  electric  power  requirements. 
However,  potential  technical  and  operational 
difficulties  make  photovoltaics  a  potential  viable 
alternative. 

14 

NUCLEAR  ELECTRIC  LIFT  is  always  combined 
with  nuclear  electric  power 

No  other  sensible  choice 

15 

SOLAR  ELECTRIC  LEFT  is  always  combined  with 
photovoltaic  electric  power 

No  other  sensible  choice 
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Move 


Move 


Table  4-4.  Matrix  of  Ground  Rules  From  Table  4-3  Used  to  Determine  Which 
Propulsion  and  Power  Technologies  Would  be  Evaluated  for  ORM 1  (GEO) 


Hold 

ch  ,  cv  nb  „  St  _  ne  . se 


ch 

6 

1 

3.5 

5 

3 

Ifc 

cy 

1.6 

1 

1.3.5 

1.5 

1.3 

1 

nb 

3.4.6 

1.3.4 

3.4.5 

2.3.4.5 

3.4 

2.3,4 

st 

4.6 

1.4 

2.3, 4.5 

4.5 

2.3.4 

4 

ne 

3.6 

1.3 

3,5 

2,3,5 

3 

2.3 

se 

6 

1 

2.3,5 

5 

2.3 

P\t 

c 

hemical  Lift 

ch 

cy 

Hold 
nb  st 

ne 

se 

ch 

6 

1 

5 

2.5 

:  NB 

2 

cy 

1,6 

1 

1.5 

1.2.5 

1 

1.2 

nb 

6 

'  1 

6 

2.5 

.  NB 

2 

st 

2.6 

1.2 

2.5 

2,5 

2 

2 

ne 

6 

1 

5 

2.5 

:nb 

2 

se 

2.6 

1.2 

2,5 

2,5 

2 

2 

Nuclear  Bimodal  Lift 


ch 
cy 
nb 

Move  St 

ne 

se 

Cryogenic  Lift 

Hold 
ch 
cy 
nb 

Move  St 

ne 

se 


Hold 

ch  ,  cv  nb  St  ne  ^  se 


6 

1 

3.5 

5 

3 

:  W 

1.6 

1 

1.3.5 

1.5 

1.3 

1 

3.4.6 

1.3.4 

3.4.5 

2.3.4.5 

3.4 

2.3,4 

4.6 

1.4 

2,3.4.5 

4.5 

2.3.4 

4 

3.6 

1.3 

3.5 

2.3.5 

3 

2.3 

6 

1 

1 

2.3.5 

5 

2.3 

ch  cy  nb  st  ne  se 


6 

1 

2.3,5 

5 

2.3 

SB/P.V 

1.6 

1 

1. 2.3.5 

1.5 

1.2.3 

1 

2,3.6 

1.2,3 

2,3,5 

2.3,5 

2.3 

2.3 

6 

1 

2.3,5 

5 

2.3 

rmf 

2.3.6 

1.2,3 

2.3.5 

2,3.5 

2,3 

2.3 

6 

1 

2.3,5 

5 

2,3 

Solar  Thermal  Lift 


Hold 


ch 

cy 

nb 

St 

ne 

se 

ch 

6 

1 

5 

2,5 

,  NB 

2 

cy 

1.6 

1 

1.5 

1.2.5 

1 

1.2 

nb 

4.6 

1.4 

4.6 

2.4,5 

4 

2.4 

st 

2,4.6 

1.2.4 

2,4,5 

2,4.5 

2.4 

2.4 

ne 

6 

1 

5 

2.5 

2 

se 

2,6 

1.2 

2.5 

2.5 

2 

2 

Nuclear  El 

ectric  Lift 

Move 


Hold 


ch  cy  nb  st  ne  se 


6 

1 

2.3,5 

5 

2.3 

F»v"" 

1.6 

1 

1.2.3.5 

1.5 

1.2.3 

1 

2,3,4.6 

1.2,3,4 

2,3,4,5 

2.3,4,5 

2,3,4 

2.3.4 

4.6 

1,4 

2.3,4.5 

4.5 

2,3,4 

4 

2.3.6 

1,2.3 

2,3,5 

2,3.5 

2.3 

2.3 

6 

1 

2,3,5 

5 

2.3 

PV 

Solar  Electric  Lift 


ch  =  baseline  chemical  cy  =  advanced  cryogenic  NB  =  nuclear  bimodal  NE  =  nuclear  electric 

nb  =  nuclear  bimodal  st  =  solar  thermal/bimodal  PV  =  photovoltaic  SB  =  solar  bimodal 

ne  =  nuclear  electric  se  =  solar  electric 
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Move 


Move 


Move 


Table  4-5.  Matrix  of  Ground  Rules  From  Table  4-3  Used  to  Determine  Which 
Propulsion  and  Power  Technologies  Would  be  Evaluated  for  ORM  2  (GPS) 


Hold 


ch  cy  nb  St  ne  se 


1.7.9 

3.7.5. 

9 

7.5,9 

3.7.9 

7.9 

1.7.9 

1.7 

1.3.7.5 

,9 

1.7.5. 

9 

1.3.7. 

9 

1.7.9 

3.4.7. 

9 

1.3.4.7 

,9 

3.4.7.5 

2.3.4.7 

,5,9 

3.4.7. 

9 

2.3.4.7 

,9 

4.7.9 

1.4.7. 

9 

2.3.4.7 

.5,9 

4.7,5 

2.3.4.7 

,9 

4.7,9 

3.7.9 

1.3.7. 

9 

3.7.5. 

9 

2.3.7.5 

,9 

3.7 

2.3.7. 

9 

7.9 

1.7.9 

2.3, 7, 5 
,9 

7.5,9 

2.3.7. 

9 

7 

Chemical  Lift 


Hold 

ch  cy  nb  st  ne  se 


iiii 

1.7.9 

3,7.5. 

9 

7.5.9 

3.7.9 

7.9 

1.7.9 

1.7 

1.3.7.5 

.9 

1.7.5. 

9 

1.3.7. 

9 

1.7.9 

3.4.7. 

9 

1.3.4.7 

,9 

3,4.7.5 

2.3,4.7 

5,9 

3.4.7. 

9 

2.3.4.7 

4.7.9 

1.4.7, 

9 

2.3.4.7 

.5,9 

4.7.5 

2.3.4,7 

,9 

4.7.9 

3.7.9 

1.4.7. 

9 

2.3.4. 

7,5,9 

4.7.5. 

9 

2.3.4.7 

2.3.7. 

9 

7.9 

1.7.9 

2.3.7,5 

7.5.9 

2.3.7. 

9 

7 

Cryogenic  Lift 


Hold 


ch 

cy 

nb 

St 

ne 

se 

Ch 

NB 

1.7.9 

7.5.9 

2.7,5. 

9 

7,9 

2,7,9 

cy 

i.7.9 

1.7 

1.7.5. 

9 

1. 2,7.5 
,9 

1.7.9 

1.2.7. 

9 

nb 

7.9 

1.7.9 

7.5 

2.7,5. 

9 

7.9 

2,7.9 

st 

2.7,9 

1.2.7. 

9 

2.7,5. 

9 

2.7.5 

2,7.9 

2.7,9 

ne 

7.9 

1.7,9 

7,5,9 

2.7,5, 

9 

7 

2.7.9 

se 

2.7.9 

1.2.7. 

9 

2.7.5. 

9 

2.7.5. 

9 

2.7.9 

2,7 

Nuclear  Bimodal  Lift 


Move 


Hold 

ch  cy  nb  st  ne  se 


SB/PV 

1.7.9 

2.3,7,5 

.9 

7,5.9 

2.3.7. 

9 

7.9 

1.7.9 

1.7 

1,2,3,7 

,5,9 

1.7.5. 

9 

1. 2.3.7 

1.7,9 

2.3.7, 

9 

1.2.3, 

97 

2.3,7,5 

2.3.7.5 

,9 

2,3.7, 

9 

2,3.7. 

9 

7.9 

1,7.9 

2.3, 7.5 
,9 

7.5 

2.3.7, 

9 

7.9 

2.3.7, 

9 

1.2.3,7 

2.3,7.5 

,9 

2,3,7.5 

.9 

2,3.7 

2,3.7. 

9 

7,9 

1.7,9 

2.3,7,5 

9 

7,6.9 

2.3.7. 

9 

7 

Solar  Thermal  Lift 


Hold 


ch 

cy 

nb 

St 

ne 

se 

ch 

•  NB- 

1.7.9 

7.5,9 

2.7.5. 

9 

7.9 

2,7.9 

cy 

1.7.9 

1.7 

1.7.5. 

9 

1.2.7.5 

,9 

1.7.9 

1.2.7. 

9 

nb 

4,7.9 

1. 4.7,9 

4.7.5 

2.4.7.5 

4.7.9 

2.4.7, 

9 

st 

2,4.7. 

9 

1. 2,4.7 
.9 

2.4.7.5 

.9 

2.4, 7, 5 

2.4.7. 

9 

2,4.7. 

9 

ne 

7.9 

1.7,9 

7.5.9 

2.7.5. 

9 

7 

2,7.9 

se 

2,7.9 

1.2.7, 

9 

2,7,5. 

9 

2.7.5. 

9 

2,7.9 

2,7 

Nuclear  El 

ectric  Lift 

Move 


ch  =  baseline  chemical 
nb  =  nuclear  bimodal 
ne  =  nuclear  electric 


cy  =  advanced  cryogenic 
st  =  solar  thermal/bimodal 
se  =  solar  electric 


Hold 


ch 

cy 

'  nb 

st 

ne 

se 

ch 

1.7.9 

O) 

CO 

_ 

7.5.9 

2.3.7. 

9 

7.9 

cy 

1.7.9 

1,7 

1.2,3. 

7,5,9 

1,7.5. 

9 

1 .2.3.7 
,9 

1.7.9 

nb 

2, 3.4,7 

1.2.3, 

2,3,4. 

2.3,4. 

2.3.4.7 

2.3.4,7 

4,7,9 

7,5 

7,5,9 

,9 

.9 

st 

4.7,9 

1.4,7, 

9 

2.3.4. 

7,5,9 

4,7.5 

2.3,4.7 

,9 

4.7.9 

ne 

2.3.7. 

9 

1.2.3, 7 
.9 

2.3.7.5 

.9 

2.3, 7.5 
,9 

2,3,7 

2.3,7. 

9 

se 

7,9 

1.7.9 

2.3.7.5 

.9 

7.5,9 

2,3.7, 

9 

7 

Solar  Electric 

Lift 

NB  -  nuclear  bimodal  NE  =  nuclear  electric 
PV  =  photovoltaic  SB  =  solar  bimodal 
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Move 
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Table  4-6.  Matrix  of  Ground  Rules  From  Table  4-3  Used  to  Determine  Which 
Propulsion  and  Power  Technologies  Would  be  Evaluated  for  ORM  3a,b  (LEO) 


Hold 


Hold 


ch 

cy 

nb 

St 

ne 

se 


1.7.9 

3.7.5. 

9 

7.5.9 

3.7.9 

7.9 

1.7.9 

1.7 

1.3.7.5 

,9 

1.7.5. 

9 

1.3.7 

,9 

1.7.9 

3.4.7. 

9 

1.3.4.7 

,9 

3.4.7.5 

2.3.5. 

4,7,9 

3.4.7. 

9 

2.3.4.7 

,9 

4.7.9 

1.4.7. 

9 

2.3.4. 

7,5,9 

4.7.5 

2.3.4.7 

,9 

4.7.9 

3.7.9 

1.3.7. 

9 

3.7.5. 

9 

2.3.7.5 

,9 

3.7 

2.3.7. 

9 

7.9 

1.7.9 

2.3.7.5 

^9_ 

7.5.9 

2.3.7. 

9 

7 

Chemical  Lift 
Hold 


ch 

cy 

nb 

St 

ne 

se 

ch 

8 

1.7.8. 

9 

7.8.5 

2.7.8.5 

.9 

7.8.9 

2.7.8. 

9 

cy 

1.7.8. 

9 

1.7.8 

1.7.8.5 

.9 

1.2.7. 

8,5,9 

1.7.8. 

9 

1. 2.7.8 
.9 

nb 

7.8.9 

1.7.8. 

9 

7.8.5 

1. 7.8.5 
,9 

7.8.9 

2.7.8. 

9 

St 

2.7.8. 

9 

1.2.7.8 

,9 

2.7.8.5 

,9 

2.7.8.5 

2.7.8. 

9 

2.7.8. 

9 

ne 

7,8,9 

1.7.8. 

9 

7.8.5. 

9 

2.7.8.5 

,9 

7.8 

2.7.8. 

9 

se 

2.7.8. 

9 

1 .2.7.8 
■9 

2.7.8.5 

■9 

2.7.8,5 

■9 

2.7.8. 

9 

2.7.8 

Nuclear  Bimodal  Lift 

ch 

cy 

He 

nb 

)ld 

St 

ne 

se 

ch 

cy 


ne 


8 

1.7.8.9 

7.8.5.9 

2,7.8.5 

,9 

7,8,9 

2, 7.8, 9 

1. 7.8.9 

1.7.8 

1.7.8.5 

,9 

1.2.7. 

8,5,9 

1. 7,8.9 

1. 2.7.8 
,9 

4.7,8.9 

1.4.8.7 

.9 

4,7, 8.5 

2.4.7. 

8,5,9 

4.7.8.9 

2.7, 8.9 

2.4.7.8 

.9 

1.2.4. 

7,8,9 

2.4.7. 

8,5,9 

2,4,7. 

8,5 

2, 4.7.8 
,9 

2.4,7.8 

,9 

7.8.9 

1. 7.8.9 

7.8.5,9 

2.7.8.5 

,9 

7.8 

2,7.8.9 

2.7.8.9 

1. 2.7.8 
_a9 

2.7.8.5 

^9 

2.7,8.5 

2.7.8,9 

2.7.8 

Nuclear  Electric  Lift 


ch  =  baseline  chemical 
nb  =  nuclear  bimodal 
ne  =  nuclear  electric 


cy  =  advanced  cryogenic 
St  =  solar  the^mal^imodal 
se  =  solar  electric 


Move 


ch 

cy 

nb 

St 

ne 

se 


1.7.9 

3.7.5. 

9 

7.5.9 

3.7,9 

7.9 

1.7.9 

1.7 

1.3.7.5 

,9 

1.7.5. 

9 

1.3.7. 

9 

1.7.9 

3.4.7. 

9 

1.3.4,7 

,9 

3.4.7.5 

2.3.4. 

7,5,9 

3.4.7, 

9 

2.3,4.7 

,9 

4.7.9 

1.4.7. 

9 

2.3,4. 

7,5,9 

4.7.5 

2.3.4.7 

,9 

4.7.9 

3.7.9 

1.3.7 

3.7.5. 

9 

2.3.7,5 

,9 

3.7 

2.3,7. 

9 

7.9 

1.7,9 

2.3.7.5 

7.5.9 

2.3.7. 

9 

7 

Cryogenic  Lift 
Hold 


ch 

cy 

nb 

Move  St 

ne 

se 


8 

1.7,8. 

9 

2.3.7. 

8,5,9 

7.8.5. 

9 

2.3.7.8 

,9 

7.8,9 

1,7.8, 

9 

1.7.8 

1.2,3.7 

.8,5,9 

1.7,8.5 

,9 

1.2.3, 

7,8,9 

1.7.8, 

9 

2.3.7, 

8,9 

1.2.3, 

7,8,9 

2.3,7, 

8,5 

2.3.7.8 

,5,9 

2.3.7.8 

,9 

2.3.7,8 

.9 

7,8.9 

1.7.8, 

9 

2.3,7. 

8,5,9 

7,8.5 

2.3.7.8 

,9 

7.8.9 

2.3.7. 

8,9 

1 .2.3.7 
.8,9 

2.3.7. 

8,5,9 

2.3,7.8 

.5.9 

2,3.7.8 

2.3.7,8 

,9 

7.8,9 

1.7.8, 

9 

2.3,7, 

8,5.9 

7,8.5. 

9 

2.3.7.8 

7.8 

Solar  Thermal  Lift 
Hold 


Ch 

cy 

nb 

Move  St 

ne 

se 


PV 

1.7.9 

2.3,7.5 

,9 

7,5.9 

2.3.7. 

9 

7.9 

1,7.9 

1.7 

1.2.3. 

7,5,9 

1.7.5. 

9 

1, 2.3.7 
,9 

1.7,9 

2,3.4,7 

,9 

1.2,3,4 

.7.9 

2,3,4, 

7,5 

2,3.4. 

7,5,9 

2.3.4.7 

,9 

2.3.4,7 

,9 

4.7,9 

1.4,7. 

9 

2,3,4. 

7,5,9 

4,7.5 

2,3.4,7 

,9 

4.7,9 

2.3.7, 

9 

1.2.3.7 

,9 

2.3,7.5 

,9 

2,3.7.5 

,9 

2.3.7 

2.3.7, 

9 

7.9 

1.7,9 

2.3,7.5 

7.5.9 

2,3,7. 

9 

7 

Solar  Electric  Lift 


NB  =  nuclear  bimodal 
PV  =  photovoltaic 


NE  =  nuclear  electric 
SB  =  solar  bimodal 
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Move 


Move 


Move 


ch 

cy 

nb 

st 

ne 

se 


ch 

cy 

nb 

st 

ne 

se 


ch 

cy 

nb 

st 

ne 

se 


Table  4-7.  Matrix  of  Ground  Rules  From  Table  4-3  Used  to  Determine  Which 
Propulsion  and  Power  Technologies  Would  be  Evaluated  for  ORM  4  (HEO) 


Hold  Hold 


ch 

cy 

nb 

st 

ne 

se 

ch 

cy 

nb 

st 

ne 

se 

1.13 

3.8.13 

8,13 

3,13 

13 

ch 

,py 

1.13 

3,8,13 

8,13 

3,13 

13 

ll3 

1 

1.3.8. 

13 

1.8,13 

1.3.13 

1.13 

cy 

1.13 

1 

1.3.8.1 

3 

1.8.13 

1.3.13 

1,13 

3,4.13 

1.3.4. 

13 

3.4, 

8 

2.3.4, 

8,13 

3.4.13 

2,3.4. 

13 

nb 

3.4.13 

1.3.4. 

13 

3,4,8 

2.3.4. 

8,13 

3.4.13 

2,3.4. 

13 

4.13 

1.4.13 

2.3.4. 

8,13 

4.8 

2,3.4, 

13 

4.13 

Move  st 

4.13 

1.4.13 

2.3.4. 

8,13 

4.8 

2.3.4. 

13 

4.13 

3,13 

1.3.13 

3.8,13 

2,3.8. 

13 

3 

2.3.13 

ne 

3,13 

1.3.13 

3.8,13 

2.3,8. 

13 

3 

2.3.13 

13 

1.13 

2.3.8. 

13 

8,13 

2.3.13 

IH 

se 

13 

1.13 

2,3.8.1 

3 

8,13 

2,3.13 

Chemical  Lift  Cryogenic  Lift 


Hold 


ch 

cy 

nb 

St 

ne 

se 

1.13 

8,13 

2,8,13 

13 

2,13 

1.13 

1 

1.8,13 

1.2.8.1 

3 

1,13 

1.2.13 

13 

1.13 

8 

2.8.13 

13 

2,13 

2,13 

1,2.13 

2.8.13 

2.8 

2,13 

2.13 

13 

1,13 

8,13 

2.8,13 

NB  ' 

2,13 

2,13 

1.2.13 

2,8.13 

2.8,13 

2,13 

2 

ch 

Nuclear  Bimodal  LifI 

Hold 

cy  nb  st  ne 

se 

12,13 

1.12. 

13 

8.12, 

13 

2.8.12. 

13 

12,13 

2,12. 

13 

1.12. 

13 

1.12 

1.8,12, 

13 

1.2.8. 

12,13 

1.12. 

13 

1.2.12, 

13 

4,12. 

13 

CM 

CO 

4.8.12 

2.4,8. 

12,13 

4.12. 

13 

2.4.12. 

13 

2.4.12. 

13 

1.2.4. 

12.13 

2.4.8, 

12,13 

2.4,8. 

12 

2.4.12. 

13 

2.4.12, 

13 

12,13 

1,12. 

13 

8.12, 

13 

2.8,12. 

13 

12 

2.12. 

13 

2,12, 

13 

1.2.12. 

13 

2.8.12. 

13 

2.8,12. 

13 

2,12. 

13 

2,12. 

Nuclear  El 

ectric  Lift 

Move 


Move 


Hold 

ch  cy  nb  st  ne  se 


SB/PV 

1.13 

2.3,8. 

13 

8,13 

2,3.13 

13 

ll3 

1 

1.2,3. 

8,13 

1.8.13 

1.2,3. 

13 

1.13 

2,3,13 

1.2,3. 

13 

2,3,8 

2,3,8. 

13 

2.3.13 

2.3,13 

13 

1.13 

2,3,8, 

13 

8 

2.3.13 

13 

2,3,13 

1.2.3, 

13 

2.3,8. 

13 

2.3,8. 

13 

2,3 

2.3,13 

13 

1.13 

2.3,8. 

13 

8,13 

2.3.13 

SB/PV 

Solar  Thermal  Lift 


Hold 


ch  cy  nb  st  ne  se 


12 

1.12, 

13 

2.3,8. 

12,13 

8.12, 

13 

2.3,12. 

13 

12,13 

1.12. 

13 

1.12 

1.2.3,8 

.12.13 

1.8,12. 

13 

1,2,3. 

12.13 

1.12, 

13 

2.3.4. 

12,13 

1.2.3. 

4,12,1 

2.3,4,8 

,12 

2.3.4.8 

.12,13 

2,3.4. 

12,13 

2.3.4. 

12,13 

4.12. 

13 

1.4.12, 

13 

2.3.4,8 

.12,13 

4,8,12 

2.3.4. 

12,13 

4.12. 

13 

2,3.12. 

13 

1.2,3, 

12,13 

2.3,8, 

12.13 

2.3,8, 

12,13 

2,3.12 

2,3,12, 

13 

12,13 

1.12, 

13 

2.3.8, 

12,13 

8,12. 

13 

2.3,12. 

13 

12 

Solar  Electric  Lift 


ch  =  baseline  chemical 
nb  =  nuclear  bimodal 
ne  =  nuclear  electric 


cy  =  advanced  cryogenic 
st  =  solar  thermal/bimodal 
se  =  solar  electric 


NB  =  nuclear  bimodal 
PV  =  photovoltaic 


NE  =  nuclear  electric 
SB  =  solar  bimodal 
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Table  4-8.  Combinations  of  Lift,  Hold,  Move,  and  Electric  Power  Technologies 

Evaluated  in  the  OECS 


No. 

Category 

Lift 

Hold 

Move 

Electric  Power 

ORM 1.  GEO 

1-1 

Baseline 

Baseline  Chem* 

N2H4  Arcjet 

N2H4  Arcjet 

Photovoltaic 

1-2 

Baseline  Chem* 

N2H4  Arcjet 

Biprop  Chem 

Photovoltaic 

1-3 

Advanced  Ciyo 

Advanced  Ciyo* 

N2H4  Arcjet 

N2H4Arcjet 

Photovoltaic 

1-4 

Advanced  Ciyo* 

N2H4  Arcjet 

Biprop  Chem 

Photovoltaic 

1-5 

Nuclear  Bimodal 

H2  Nucl  Bimodal 

N2H4  Arcjet 

N2H4  Arcjet 

Thermoelectric 

1-6 

H2  Nucl  Bimodal 

N2H4  Arcjet 

Monoprop  Chem 

Thermoelectric 

1-7 

H2  Nucl  Bimodal 

N2H4  Arcjet 

NH3  Nucl  Bimodal 

Thermoelectric 

1-8 

Solar  Bimodal 

H2  Solar  Bimodal 

N2H4  Arcjet 

N2H4  Arcjet 

Thermionic 

1-9 

H2  Solar  Bimodal 

N2H,  Arcjet 

Monoprop  Chem 

Thermionic 

1-10 

H2  Solar  Bimodal 

N2H4  Arcjet 

NH3  Solar  Bimodal 

Thermionic 

1-11 

Solar  Thermal 

H2  Solar  Thermal 

N2H4  Arcjet 

N2H4  Arcjet 

Photovoltaic 

1-12 

H2  Solar  Thermal 

N2H4  Arcjet 

Monoprop  Chem 

Photovoltaic 

1-13 

Nuclear  Electric 

NH3  Arcjet 

NH3  Arcjet 

NH3  Arcjet 

Thermionic 

1-14 

NH3  Arcjet 

NH3  Arcjet 

Monoprop  Chem 

Thermionic 

1-15 

H2  Arqet 

N2H4  Arcjet 

N2H4  Arcjet 

Thermionic 

1-16 

H2  Arcjet 

N2H4  Arcjet 

Monoprop  Chem 

Thermionic 

1-17 

XeSPT 

XeSPT 

XeSPT 

Thermionic 

1-18 

XeSPT 

XeSPT 

Monoprop  Chem 

Thermionic 

1-19 

Xe  Ion 

Xe  Ion 

Xe  Ion 

Thermionic 

1-20 

Xelon 

Xelon 

Monoprop  Chem 

Thermionic 

1-21 

Solar  Electric 

\ 

NH3  Arcjet 

NH3  Arcjet 

NH3  Arcjet 

Photovoltaic 

1-22 

NH3  Arcjet 

NH3  Arcjet 

Monoprop  Chem 

Photovoltaic 

1-23 

H2  Arcjet 

N2H4  Arcjet 

N2H4  Arcjet 

Photovoltaic 

1-24 

H2  Arcjet 

N2H4  Arcjet 

Monoprop  Chem 

Photovoltaic 

1-25 

XeSPT 

XeSPT 

XeSPT 

Photovoltaic 

1-26 

XeSPT 

XeSPT 

Monoprop  Chem 

Photovoltaic 

1-27 

Xe  Ion 

Xe  Ion 

Xelon 

Photovoltaic 

1-28 

Xelon 

Xe  Ion 

Monoprop  Chem 

Photovoltaic 

*For  Titan  IV,  listed  technology  places  the  payload  into  GEO.  For  Atlas  and  Delta,  listed  technology  only  goes  as  far 
as  Geosynchronous  Transfer  Orbit  (GTO);  an  integral  propulsion  subsystem  using  bipropellant  (N2H4  and  N2O4) 
provides  final  orbital  circularization. 
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Table  4-8.  (continued) 


No. 

Category 

Lift 

Hold 

Move 

Electric  Power 

ORM  2a.  MEO-GPS  and  ORM  2b.  MEO-Low 

2-1 

Baseline 

Baseline  Chem*’ 

Monoprop  Chem 

N/A 

Photovoltaic 

2-2 

Advanced  Ciyo 

Advanced  Cryo** 

Monoprop  Chem 

N/A 

Photovoltaic 

2-3 

Nuclear  Bintodal 

H2  Nucl  Bimodal 

Monoprop  Chem 

N/A 

Thermoelectric 

2-4 

Solar  Bimodal 

H2  Solar  Bimodal 

Monoprop  Chem 

N/A 

Thermionic 

2-5 

Solar  Thermal 

H2  Solar  Thermal 

Monoprop  Chem 

N/A 

Photovoltaic 

2-6 

Nuclear  Electric 

NH3  Arcjet 

Monoprop  Chem 

N/A 

Thermionic 

2-7 

H2  Arcjet 

Monoprop  Chem 

Thermionic 

2-8 

XeSPT 

Monoprop  Chem 

Thermionic 

2-9 

Xelon 

Monoprop  Chem 

Thermionic 

2-10 

Solar  Electric 

NH3  Arcjet 

Monoprop  Chem 

N/A 

Photovoltaic 

2-11 

H2  Arcjet 

Monoprop  Chem 

Photovoltaic 

2-12 

XeSPT 

Monoprop  Chem 

Photovoltaic 

2-13 

Xelon 

Monoprop  Chem 

Photovoltaic 

ORM  3a.  LEO-Polar  and  ORM  3b.  LEO-Big 

3-1 

Baseline 

Direct  Insertion” 

Monoprop  Chem 

N/A 

Photovoltaic 

3-2 

Biprop  Chem 

Monoprop  Chem 

Photovoltaic 

3-3 

Advanced  Cryo 

Advanced  Cryo 

Monoprop  Chem 

N/A 

Photovoltaic 

3-4 

Adv  Cryo  plus 
Biprop** 

Monoprop  Chem 

Photovoltaic 

3-5 

Solar  Electric 

H2  Arcjet 

Monoprop  Chem 

N/A 

Photovoltaic 

3-6 

NH3  Arcjet 

Monoprop  Chem 

Photovoltaic 

3-7 

N2H4  Arcjet 

Monoprop  Chem 

Photovoltaic 

3-8 

XeSPT 

Monoprop  Chem 

Photovoltaic 

3-9 

. 

Xe  Ion 

Monoprop  Chem 

Photovoltaic 

For  Titan  IV,  listed  technology  places  the  payload  into  MEO.  For  Atlas  and  Delta,  listed  technology  only  goes  as  far 
as  an  elliptical  transfer  orbit;  an  integral  propulsion  subsystem  using  bipropellant  (N2H4  and  N2O4)  provides  final 
orbital  circularization. 

*T>irect  insertion  by  the  launch  vehicle;  no  upper  stage  is  used. 

Advanced  cryo  upper  stage  for  transfer  orbit;  bipropellant  integral  propulsion  subsystem  to  circularize. 


59 


Table  4*8.  (concluded) 


No. 

Category 

Lift 

Hold 

Move 

Electric  Power 

ORM4.HEO 

D 

Baseline 

Direct  Insertion* 

Biprop  Chem* 

N2H4  Aicjet 

Monoprop  Chem 

N/A 

Photovoltaic 

Q| 

Advanced  Ciyo 

Advanced  Ciyo^ 

Monoprop  Chem 

N2H4  Arget 

N/A 

Photovoltaic 

Nuclear  Bimodal 

H2  Nucl  Bimodal 

Monoprop  Chem 

N2H4  Arcjet 

N/A 

Thermoelectric 

a 

Solar  Bimodal 

H2  Solar  Bimodal 

Monoprop  Chem 

N2H4  Arcjet 

N/A 

Thermionic 

Solar  Thermal 

H2  Solar  Thermal 

Monoprop  Chem 

N2H4  Arcjet 

N/A 

Photovoltaic 

^Atlas  and  Delta  insert  the  satellite  directly  into  HEO.  Titan  no  upper  stage  inserts  the  satellite  into  an  orbit  whose 
perigee  is  low  and  is  subsequently  raised  by  an  integral  bipropellant  subsystem  (N2H2  and  N2O2). 

f 

An  advanced  cryogenic  upper  stage  is  not  applicable  to  Titan  (see  previous  note). 


Table  4-9.  Propulsion  Subtechnologies  Considered  in  the  OECS 


Lift  Sub¬ 
technologies 

Hold/Move  Sub- 
technologies*^ 

Remarks 

Baseline 

Chemical 

■Hmill  liil  llot  1 1 

Monoprop 

Biprop 

N2H4  Arcjet 

Photovoltaic  electric  power  only.  All 
subtechnologies  state  of  the  art. 
Monoprop  for  low  AV  hold/move, 
biprop  or  N2H4  arcjet  otherwise. 

Cryogenic 

LO2/LH2 

Biprop 

Monoprop 

Biprop 

N2H4  Arcjet 

Photovoltaic  electric  power  only.  All 
hold/move  subtechnologies  state  of 
the  art.  Monoprop  for  low  AV 
hold/move,  biprop  or  N2H4  arcjet 
otherwise. 

Nuclear 

Bimodal 

H2Nuclear  Bimodal 
(Thermal) 

NH3  Thermal  (move 
only) 

N2H4  Arcjet 

Monoprop 

Nuclear  bimodal  electric  power  only. 
Thermal  propulsion  for  moderate  or 
high  AV  move  only.  Monoprop  for 
low  AV  hold/move  and  fast  moves. 
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Table  4-9.  (concluded) 


Lift  Sub¬ 
technologies 

Hold/Move  Sub- 
technologies*^ 

Remarks 

Solar  Bimodal 

H2  Thermal 

NH3  Thermal  (move 
only) 

N2H4  Arcjet 

Monoprop 

Solar  bimodal  electric  power  only. 
Thermal  propulsion  for  moderate  or 
high  AV  move  only.  Monoprop  for 
low  AV  hold/move  and  fast  moves. 

Solar  Thermal 

H2  Thermal 

N2H4  Arcjet 

NH3  Arcjet 

Monoprop 

Solar  thermal  system  discarded  after 
lift.  Photovoltaic  electric  power 
only.  Monoprop  for  low  AV 
hold/move  and  fast  moves. 

Nuclear 

Electric 

N2ll(  Arqet 

NHj  Arcjet 

H2  Arcjet 

SPT 

Ion 

N2H4  Arcjet 

NH3  Arcjet 

SPT 

Ion 

Monoprop 

Nuclear  electric  power  only. 

Monoprop  for  low  AV  hold/move 
and  quick  moves. 

Solar  Electric 

N2H4  Arcjet 

NH3  Arcjet 

H2  Arcjet 

SPT 

Ion 

N2H4  Arcjet 

NH3  Arcjet 

SPT 

Ion 

Monoprop 

Photovoltaic  electric  power  only. 
Monoprop  for  low  A  V  hold/move 
and  quick  moves. 

‘Hj  arcjet  requires  LH2  wWch  is  not  suitable  for  hold/move. 
SPT  and  ion  hold/move  only  when  used  for  lift. 


Table  4-10.  Subtechnologies  Selected  as  a  Function  of  Hold  and  Move  Requirements 


Low  Hold  AV 
(ORMs  2, 3a, b, 
and  4) 

Moderate  Hold 
AV  (ORM 1) 

Low  Maneuver 
AV  (ORMs  2, 
3a,b,  and  4) 

Moderate 
Maneuver  AV 
(ORM  1) 

State  of  the  art 
technologies 

Cold  Gas  or 
Monoprop 

Biprop  and  N2H4 
Arcjet 

N/A  (essentially  no 
maneuver 
requirements) 

N2H4  (low  thrust, 
high  Isp)  or 
monoprop  or  bi¬ 
prop  (high  thrust, 
low  Isp) 

Additional 

technologies 

considered 

None 

SPT  and  Ion 

N/A  (essentially  no 
maneuver 
requirements) 

SPT,  ion,  and  NH3 
bimodal  lift 
technologies 

4.3.9  Astrodynamics 

4.3.9.1  INTRODUCTION 

Propulsive  thrust  levels  vary  orders  of  magnitude  among  the  OECS  lift  technologies; 

from  more  than  one  hundred  thousand  newtons  for  the  advanced  cryogenic  upper  stages 
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to  a  few  newtons  for  electric  thrusters.  To  guarantee  fair  technology  comparisons  over 
this  range,  we  must  find  advantageous  launch  and  transfer  scenarios  for  each  technology 
and  ORM.  In  practical  terms,  this  requires  carefully  selecting  values  for  those  parameters 
that  affect  launch  and  subsequent  transfer  to  the  final  mission  orbit. 

Baseline  and  advanced  cryogenic  systems  have  fixed  thrust  and  are  assumed  to  launch 
into  ORM-specific  orbits  independent  of  the  mass  to  be  delivered.  For  example,  the  Delta 
n  and  Atlas  HAS  vehicles  launch  directly  into  a  geosynchronous  transfer  orbit  (GTO)  for 
the  GEO  ORM.  For  all  other  technologies,  drop-off  (separation)  of  the  satellite  with  its  lift 
propulsion  fi’om  the  booster  takes  place  in  a  parking  orbit.  In  the  OECS,  the  lowest 
possible  parking  orbit  for  a  given  technology  is  assumed  to  be  circular,  with  its  altitude 
determined  fi-om  considerations  of  atmospheric  drag.  Higher  parking  orbits  are  assumed  to 
be  elliptical,  with  perigee  at  the  altitude  of  the  circular  parking  orbit.  For  the  electric 
propulsion  technologies,  drop-off  is  assumed  always  to  be  into  a  circular  parking  orbit. 

The  thermal  propulsion  systems  (nuclear  and  solar  bimodal  and  solar  thermal)  were 
evaluated  for  circular  and  elliptical  parking  orbits,  with  the  parking  orbit  selected  to 
maximize  the  payload  on  orbit  or  minimize  the  propulsion  cost  of  transfer.  Parking  orbits 
are  illustrated  in  Figure  4-3.  A  parking  orbit  is  characterized  by  its  inclination  and  apogee 
altitude,  which  are  determined  by  the  launch  vehicle.  Transfer  conditions  for  the 
technologies  considered  in  OECS  are  discussed  in  detail  later  in  this  section. 

Parking  orbits  are 


Figure  4-3.  Possible  drop-off  orbits. 

We  have  three  lift  propulsion  situations  to  consider: 

•  Completely  fixed  designs:  baseline  and  advanced  cryogenic  systems 

•  Fixed  thrust:  nuclear  bimodal  system 

•  Scalable  designs  with  variable  thrust  and  mass:  electric,  solar  bimodal,  and  solar 
thermal  systems 

For  the  fixed  designs,  the  transfer  strategy  includes  direct  injection  by  the  launch 
vehicle  and,  if  necessaiy,  an  apogee  maneuver  performed  by  an  apogee  kick  motor.  For 
the  fixed  thrust  case,  we  must  specify  drop-off  conditions  and  how  the  propulsion  is  to  be 
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applied.  This  latter  is  the  “bum  strategy,”  and  it  dictates  the  locations  and  lengths  of 
thrusting.  For  the  scalable  designs,  not  only  drop-off  conditions  and  bum  strategy  must  be 
considered:  thmst  level  and  trip  time — the  time  needed  to  reach  mission  orbit  from  drop¬ 
off-must  be  considered  as  well.  The  scalable  designs  present  the  most  complex 
considerations. 

Later  in  this  section  we  make  generic  decisions  about  drop-off  conditions  and  bum 
strategies.  Having  done  this,  we  are  in  position  to  select  trip  time  and  determine  the 
necessary  thrust  level  or  select  thrust  level  and  determine  the  trip  time.  We  have  uniformly 
done  the  former:  select  trip  time. 

4.3.9.2  LAUNCH 

Launches  from  both  Vandenburg  AFB  and  Cape  Canaveral  AS  are  constrained  in 
a^uth  to  avoid  overflight  of  land.  Within  these  constraints,  however,  a  launch  vehicle 
can  place  a  satellite  and  transfer  vehicle  into  a  range  of  inclinations.  The  best  inclination  is 
the  one  that  allows  the  transfer  vehicle  to  place  the  maximum  satellite  payload  mass  in 
final  orbit.  Finding  this  inclination  involves  a  trade-off  of  mass  in  parking  orbit  and  the  AV 
that  must  be  applied  to  that  mass  by  the  lift  propulsion  to  perform  the  transfer. 

Two  scenarios  must  be  compared:  (1)  launch  on  the  minimum  energy  trajectory  (e.g., 
due  east  from  Cape  Canaveral)  and  perform  the  necessary  plane  change  with  the  transfer 
vehicle;  (2)  launch  to  minimize  the  plane  change  accomplished  with  the  transfer  vehicle. 
The  first  case  allows  the  maximum  mass  to  be  placed  into  a  given  drop-off  orbit.  Because 
there  is  no  opportunity  to  make  design  trade-offs  for  a  fixed-design  transfer  vehicle,  the 
straightforward  answer  is  to  minimize  the  plane  change  required  of  the  transfer  vehicle 
within  launch  vehicle  constraints.  However  scalable  transfer  vehicles  allow  a  trade-off 
between  the  mass  of  the  lift  system  placed  on  orbit  and  the  amount  of  plane  change  it 
accomplishes. 

There  is  never  a  trade-off  for  transfer  to  ORM  1  at  GEO  because  launching  due  east 
from  Cape  Canaveral  also  minimizes  the  transfer  vehicle’s  plane  change.  Trade-offs  are 
possible  with  other  ORMs.  In  these  other  cases,  we  have  asserted  that  the  maximum 
payload  mass  in  mission  orbit  is  obtained  from  the  second  alternative:  minimizing  the  plane 
change  performed  by  the  transfer  vehicle.  To  prove  this  assertion  would  require  examining 
each  valid  combination  of  ORM,  launch  complex,  launch  vehicle,  and  transfer  technology. 
Instead,  we  examined  a  case  whose  parameters  are  known  to  be  unfavorable  to  our 
assertion,  and  we  generalized  from  that  result.  The  case  we  selected  is  a  transfer  from 
LEO  to  ORM  2a  (GPS)  launched  from  Cape  Canaveral  on  an  Atlas  HAS  with  an  electric 
ion  propulsion  lift  system.  This  case  supported  our  assertion. 

4.3.9.3  LIFT  (ORBITAL  TRANSFER) 

To  structure  our  lift  discussion,  we  group  the  technologies  according  to  thrust 
magnitude  as  follows: 
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•  High  thnist:  baseline  chemical  and  advanced  cryogenic  (impulsive) 

•  Moderate  thrust:  nuclear  bimodal,  solar  bimod^,  and  solar  thermal  (multi-thrust) 

•  Low  thrust:  nuclear  electric  and  solar  electric  (continuous  thrust) 

For  the  bottom-up  effectiveness  analysis,  the  transfer  vehicle  is  sized  to  maximize 
payload  in  mission  orbit.  For  the  top-down  cost-effectiveness  analysis,  the  transfer  vehicle 
is  sized  to  minimize  cost  for  specific  mission  payloads  subject  to  the  constraints,  which 
will  be  discussed.  Minimum  cost  is  always  achieved  with  the  smallest  launch  vehicle. 

For  both  the  baseline  chemical  and  advanced  cryogenic  upper  stages,  all  bums  are 
essentially  impulsive  and  transfer  AVs  are  essentially  theoretical  minimums.  Drop-off 
altitude,  thmst  level,  and  trip  time  are  dictated  by  the  launch  vehicle  and  the  upper  stages. 
These  values  are  the  same  for  the  bottom-up  or  top-down  analyses. 

Minimum  drop-off  altitude.  For  the  moderate-thmst  cases,  a  minimum  drop-off 
altitude  of  185  km  (100  nm)  is  employed.  Atmospheric  drag  is  high  at  this  altitude,  but 
the  moderate-thrust  system  will  quickly  raise  the  orbit  and  leave  the  high-drag  regime. 

For  the  low-thmst  cases,  a  minimum  drop-off  altitude  of  370  km  (200  nm)  is  employed. 
The  altitude  of  370  km  is  supported  by  an  analysis  prepared  by  McLain  and  Sutton 
(Zondervan,  pp.1-15  to  1-19). 

Table  4-13  and  Table  4-14  present  some  results  for  a  planned  excursion  looking  at  a 
drop-off  altitude  of  700  km  for  the  solar  electric  and  nuclear  technologies.  However,  the 
relevant  effectiveness  and  cost-effectiveness  analyses  were  not  performed. 

Burn  Strategies.  For  moderate-thrust  cases,  the  bums  are  most  efficiently  applied 
within  a  few  degrees  of  either  perigee  or  apogee.  These  bums  raise  the  orbit,  circularize, 
it,  and  make  necessary  plane  change.  Using  multiple  perigee  and  apogee  bums  is  the  most 
propellant-efficient  approach,  because  it  reduces  “gravity  losses”  when  thrusting  is  not 
perpendicular  to  the  orbital  radius  vector.  (Gravity  losses  are  discussed  on  pages  146-152 
of  Chobotov.)  Based  on  our  investigation,  the  most  efficient  bum  strategy  for  ORMs  1 
and  2  is  to  bum  repeatedly  at  two  points:  first,  at  perigee  to  simultaneously  raise  apogee 
and  perform  a  small  amount  of  plane  change  and,  second,  at  apogee  to  simultaneously 
raise  perigee  and  perform  the  bulk  of  any  necessary  plane  change.  Moderate-thrust  AVs 
are  only  slightly  larger  than  impulsive  AVs  when  this  strategy  is  employed. 

For  low-thmst  cases,  the  bum  strategy  is  to  thmst  continuously,  spiraling  out  to  raise 
the  orbit  and  simultaneously  performing  necessary  plane  changes.  This  strategy  minimizes 
trip  times  but  is  subject  to  large  gravity  losses.  AVs  for  low-thmst  cases  are  given 
accurately  with  the  Edelbaum  approximation  (Chobotov,  pp.  152-153).  They  are 
significantly  higher  than  corresponding  impulsive  AVs,  especially  with  respect  to  the  plane 
change.  Low  thmst  is  not  suited  to  highly  eccentric  ORM  4  because  of  high  gravity  losses 
and  very  long  trip  times.  Low  thmst  was  not  evaluated  for  ORM  4. 
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Trip  Times.  We  have  explained  that  it  is  necessary  to  fix  either  trip  time  or  thrust 
to  determine  a  design.  Figure  4-4  illustrates  the  qualitative  nature  of  the  trade-ofifs.  For 
moderate  or  low-thrust  technologies,  higher  thrust  means  shorter  trip  times  but  also  higher 
lift  propulsion  cost  because  of  increased  electrical  or  thermal  energy  requirements. 


Thrust 


Lift 

Propulsion 

Cost 


Figure  4-4.  Trend  of  the  relationships  among  trip  time,  thrust,  and  cost. 

There  is  a  relationship  between  trip  time  and  payload  mass  in  mission  orbit  as  well. 
The  nature  of  this  relationship  is  illustrated  in  Figure  4-5.  Payload  mass  increases  with  trip 
time.  Combining  the  relationships  of  Figure  4-4  and  Figure  4-5  tells  us  that  longer  trip 
times  increase  payload  in  mission  orbit  and  result  in  a  lower-thrust,  less  costly  transfer 
vehicle.  There  is,  however,  another  important  cost  consideration:  longer  trip  times 
increase  the  need  for  on-orbit  spare  satellites  to  maintain  high  constellation  availability 
(as  discussed  in  Section  4.3.5).  Maintaining  spares  adds  to  constellation  maintenance 
costs. 


Payload 

Mass 


Figure  4-5.  Trend  of  the  relationships  between  trip  time  and  payload  mass. 
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How  do  we  strike  a  balance  between  trip  time  and  constellation  maintenance  cost? 
We  find  an  answer  in  the  Solar  Electric  Propulsion  Assessment  (Chan  et  al.)  and 
extensions  of  that  work  in  the  DECS.  For  ORM  1  (GEO),  the  Solar  Electric  Propulsion 
Assessment  provides  constellation  availabilities  for  3-  and  S-satellite  constellations  as  a 
function  of  the  number  of  on-orbit  spares  and  the  deployment  time  (the  time  from  call-up 
to  having  a  functioning  satellite).  These  results  show  the  number  of  satellites  needed  to 
support  a  typical  3-  or  S-satellite  constellation  at  a  minimum  0.9  availability  is  essentially 
independent  of  deployment  time  for  deployment  times  of  0-90  days.  By  using  the  thrust 
level  of  the  thermal  propulsion  systems  and  allowing  60  days  for  launch  and  checkout, 
we  get  a  nominal  trip  time  to  GEO  of  30  days.  We  examine  a  60-day  excursion  as  well. 
Shorter  trip  times  are  specified  for  other  ORMs  based  on  their  lower  AV  requirements . 

Typical  trip  times  to  GEO  using  electric  propulsion  are  six  months  or  longer  for 
reasonable  power  levels  (Chan  et  al..  Table  5-17).  Unlike  the  case  for  the  relatively  short 
trip  times  of  thermal  systems,  the  long  trip  times  for  electric  propulsion  systems  can 
significantly  affect  the  number  of  satellites  needed  to  maintain  a  constellation  over  its  life 
(and,  thus,  the  cost). 

For  very  long  trip  times,  it  is  impossible  to  maintain  a  constellation  at  high  avdlability 
with  electric  propulsion.  For  example.  Table  5-9  from  the  Solar  Electric  Propulsion 
Assessment  (Chan  et  al.,  p.  5-37)  shows  that  a  0.9  constellation  availability  for  a  5-satellite 
GEO  constellation  with  a  spare  cannot  be  maintained  even  in  the  case  of  an  extended  life 
satellite  (MMD  =  10.0  yr)  for  deployment  as  short  as  a  year.  Similarly,  two  spares  and  a 
deployment  time  of 480  days  fall  short  of  0.9  availability.  On  the  other  hand,  we  note  from 
the  same  table  that  for  shorter  deployment  times,  a  spare  is  still  necessary  for  as  few  as 
90  days  deployment  time.  Since  the  number  of  satellites  required  by  the  table  is  nearly 
constant  over  the  90-360-day  deployment  range,  cost  is  nearly  constant  as  well  except  for 
the  cost  of  increasing  electrical  power  to  achieve  the  shorter  trip  times.  (It  is  true  that 
shorter  trip  times  allow  a  higher  constellation  availability,  but  we  are  comparing  equal 
availabilities.)  From  this,  we  can  conclude  that  deployment  times  in  excess  of  one  year  are 
not  desirable  from  a  cost-effectiveness — and,  probably,  an  operational — point  of  view. 

The  trip  times  used  in  the  study  are  shown  in  Table  4-11.  Assuming  a  maximum 
deployment  time  of 360  days  and  60  days  for  launch  and  on-orbit  checkout,  we  have 
selected  a  trip  time  for  electric  propulsion  systems  of 300  days  for  ORM  1  (GEO),  the 
ORM  requiring  the  highest  AV.  Trip  times  for  ORM  2  (GPS)  are  lower  based  on  their 
lower  AV  requirements.  Trip  times  for  LEO  ORMs  are  short  and  have  been  chosen  to 
keep  propulsion  power  levels  low. 
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Table  4-11.  Summary  by  Technology  of  Orbital  Transfer  Parameters 


Technology 

Drop-off 

Altitude 

Thrust 

Level 

nn  *  nn* 

Tnp  Time 
ORMl 

Trip  Time 
ORM2 

Trip  Time 
ORM3a,b 

Trip  Time 
ORM4 

Bottom-Up  (Effectiveness  Analysis) 

Baseline 

Varies 

Fixed 

~1  day 

~1  day 

~1  day 

~1  day 

Advanced  Cryo 

Varies 

Fixed 

-1  day 

~1  day 

~1  day 

~1  day 

Nuclear  Bimodal 

185  km 

Fixed 

<40  hr* 

<40  hr* 

N/A 

<40  hr 

Solar  Bimodal 

185  km 

Calculated 

30  days 

25  days 

N/A 

20  days 

Solar  Thermal 

185  km 

Calculated 

30  days 

25  days 

N/A 

20  days 

Solar  Electric 

370  km 

Calculated 

300  days 

210  days 

60  days 

N/A 

Nuclear  Electric 

370  km 

Calculated 

300  days 

210  days 

N/A 

N/A 

Top-Down  (Cost-Effectiveness  Analysis) 

Baseline 

Varies 

Fixed 

~1  day 

~1  day 

~1  day 

~1  day 

Advanced  Cryo 

Varies 

Fixed 

~1  day 

~1  day 

~1  day 

~1  day 

Nuclear  Bimodal 

Maximize 

Fixed 

<40  hr* 

<40  hr* 

N/A 

<40  hr 

Solar  Bimodal 

Maximize 

Minimize 

30  days 

25  days 

N/A 

20  days 

Solar  Thermal 

Maximize 

Minimize 

30  days 

25  days 

N/A 

20  days 

Solar  Electric 

Maximize 

Minimize 

300  days 

210  days 

60  days 

N/A 

Nuclear  Electric 

Maximize 

Minimize 

300  days 

210  days 

N/A 

N/A 

“Fixed  thrust  results  in  a  variable  trip  time. 
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Thrust.  Once  drop-ofiT  conditions, 
bum  strategy,  and  trip  time  are  fixed, 
thmst  can  be  determined.  The 
determination  is  not  straightforward 
and  reqiures  the  use  of  sophisticated 
computer  codes.  Two  codes  were  used 
by  Rocketdyne;  Multibum  for  the  solar 
thermal  cases,  and  an  OECS  system 
model  integrated  with  the  Program  to 
Optimize  Simulated  Trajectories 
(POST)  (Brauer  et  al.)  for  solar  and 
nuclear  bimodal  cases.  The  Multibum 
code  ori^nally  written  by  Phillips  Lab 
is  based  on  Highly  Efficient,  Very  Low 
Thrust  Tranter  to  Geosynchronous 
Orbit:  Exact  and  Approximate 
Solutions  (Redding).  The  Multibum 
code  can  determine  approximate 
optimal  solutions  to  orbit  transfer 
problems  requiring  several  successive 
perigee  and  apogee  bums.  The 
Multibum  code  has  been  modified  by 
Rocketdyne  to  operate  fi-om  elliptical 
starting  orbits  and  to  include  weight 
algorithms  for  absorber/thmster, 
collector,  and  propellant  tank 
subsystems.  POST  is  a  generalized 
point-mass,  discrete-parameter 
targeting  and  optimization  program 
developed  for  NASA  by  Martin  Marietta.  It  provides  the  capability  to  optimize  point  mass 
trajectories  for  powered  or  unpowered  vehicles  operating  near  Earth.  POST’s  flexible 
simulation  capability  is  augmented  by  a  discrete  parameter  optimization  capability  that 
includes  equality  and  inequality  constraints.  A  detailed  system  model  that  updates  the 
performance  of  the  solar  bimodal  engine  on  each  orbit  of  the  mission  has  been  integrated 
with  POST.  Thmst  results  from  the  codes  for  the  Delta  II  appear  in  Table  4-12,  those  for 
the  Atlas  HAS  appear  in  Table  4-13,  and  those  for  the  Titan  IV  appear  in  Table  4-14. 

The  tables  contain  information  primarily  for  the  nuclear  bimodal,  solar  bimodal,  and 
solar  thermal  systems.  The  data  include;  trip  times;  drop-off  orbit  perigee  and  apogee;  lift 
thmst;  propulsive  power,  where  applicable;  drop-off  mass;  initial  thmst-to-weight  ratio; 
total  lift  AV;  payload  in  final  mission  orbit;  and  average  propulsion  system  I,p.  The  nuclear 
bimodal  system  has  no  capability  on  the  Delta  II  for  the  assumed  power  system  size  and 
does  not  appear  in  Table  4-12. 

The  nuclear  bimodal  transfer  vehicle  has  fixed  thmst,  but  the  size  of  its  fuel  tank  can 
vary  with  drop-off  altitude,  resulting  in  a  small  variation  in  cost.  Thus  its  performance  is 


Satellite  Deployment 
Time 

Current  deployment  times  are  much  in 
excess  of  60  days.  Ground  processing  times 
are  as  short  as  60  days  for  GPS  and  as  long 
as  approximately  one  year  for  DSCS 
(Adams  et  al.,  p.  4-1).  To  this  must  be 
added  delivery  times  (launch  to  operational 
satellite)  of  from  10-25  days  for  GPS  HR 
to  80-130  days  for  DSCS  to  200+  days  for 
Milstar  (Adams  et  al.,  p.  4-9). 

However,  there  is  a  strong  desire  to 
reduce  deployment  times  in  the  future,  and 
many  possibilities  for  improvement  could  be 
implemented.  An  example  of  potential 
improvements  to  DSP  processing  indicates 
a  reduction  from  the  nominal  170  days  to 
25  days  (Adams  et  al.,  p.  4-8). 

As  always,  the  sticking  point  is  the 
trade-off  of  operational  needs  and  the  cost 
to  implement  the  improvements.  We  will 
return  to  the  deployment  time  question  in 
the  cost-effectiveness  chapter.  Chapter  7. 
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Table  4-12.  Technology  Performance  Data  For  Delta  n  Launch  and  Transfer  to  ORM  1  (GEO) 
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Table  4-12.  (concluded) 


_ Table  4-13.  Technology  Performance  Data  for  Atlas  HAS  Launch  and  Transfer  to  ORM  1  (GEO) 

Technology  Trip  Initial  Initial  Thrust  .  Propul-  Initial  Initial  AV  Payload  Average 
Time  Perigee  Apogee  (N)  sive  Mass  Force/  (m/s)  (kg)  I^ 

(days)  (km)  (km)  Power  (kg)  Weight  (s) 
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Nuclear  bimcxlal  trip  times  are  given  in  hours. 


Table  4-13.  (concluded) 

Technology  Trip  Initial  Initial  Thrust  Propul- ,  Initial  Initial  AV  Payload  Average 
Time  Perigee  Apogee  (N)  sive  Mass  Force/  (m/s)  (kg) 

(days)  (km)  (km)  Power  (kg)  Weight  Is) 
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_ Table  4-14.  Technology  Performance  Data  for  Titan  IV  Launch  and  Transfer  to  ORM  1  (GEO) 

Technology  Trip  Initial  Initial  Thrust  Propul-  Initial  Initial  AV  Payload  Average 
Time  Perigee  Apogee  (N)  sive  Mass  Force/  (m/s)  (kg)  I^ 

(days)  (km)  (km)  Power  (kg)  Weight  (s) 
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“Nuclear  bimodal  trip  times  are  given  in  hours. 


_  Table  4-14.  (concluded) _ 

Technology  Trip  Initial  Initial  Thrust  Propul-  Initial  Initial  AV  Payload  Average 
Time  Perigee  Apogee  (N)  sive  Mass  Force/  (m/s)  (kg)  1^ 
(days)  (km)  (km)  Power  (kg)  Weight  (s) 
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also  given  as  a  function  of  drop-oflf  conditions.  Thrust  for  the  solar  bimodal  and  solar 
therinal  transfer  vehicles  can  be  varied  by  changing  the  collector  area  and,  in  the  solar 
bimodal  case,  the  mass  of  the  thermal  exchange  system  (TES). 

Maximum  Payload  Mass.  For  the  nuclear  bimodal  systems,  the  tables  show 
maximum  payload  corresponds  to  minimum  drop-off  altitude,  viz.,  185  x  185  km.  This  is 
expected  because  it  takes  maximum  advantage  of  the  high  nuclear  bimodal  1^,.  The  same  is 
not  always  true  for  the  solar  bimodal  or  solar  thermal  ^sterns,  where  maximum  payload 
corresponds  to  a  higher  drop-off  altitude  for  the  30-day  transfers  on  the  Atlas,  Delta,  and 
Titan  launch  vehicles  and  for  the  60-day  transfer  on  the  Atlas  vehicle. 

In  the  solar  bimodal  case,  low  drop-off  altitudes  result  in  extensive  eclipsing  early  in 
the  transfer.  To  meet  the  trip  time  constraint,  the  initial  poor  performance  resulting  from 
the  eclipses  must  be  offset  by  a  higher-thrust  (heavier)  propulsion  system  than  would 
otherwise  be  required.  (Remember  that  the  solar  bimodal  system  relies  on  storing  thermal 
energy  in  the  graphite  absorber.)  In  the  solar  thermal  case,  the  higher  drop-off  altitudes 
permit  fewer  and  shorter  perigee  bums,  thus  reducing  the  magnitude  of  the  thmst  gravity 
losses. 

Initial  Thrust-to-Weight  Ratio.  For  the  low-thrust  electric  transfer  vehicles,  thmst 
is  also  variable.  In  the  nuclear  electric  case,  nuclear  electrical  power  and  thmster  size  can 
be  varied.  In  the  solar  electric  case,  power  is  varied  by  varying  the  area  of  the  photovoltaic 
arrays,  the  number  of  thmsters,  and  the  size  of  the  thmster  PPU. 

4.4  OECS  COST/ENGINEERING  MODEL  (OCEM) 

We  have  repeatedly  emphasized  the  need  for  a  common  analysis  methodology  for  all 
OECS  technologies.  The  spreadsheet-based  OECS  Cost/Engineering  Model  (OCEM)  is  a 
critical  element  of  that  methodology.  The  model  provides  a  consistent  set  of  algorithms  to 
select  or  size  components  and  subsystems  of  the  satellites  and  upper  stages  and  cost  them. 
OCEM  is  based  on  satellite  and  launch-vehicle  sizing  algorithms  developed  by  Aerospace 
Corporation’s  Vehicle  Design  and  Manufacturing  Department. 

4.4.1  Satellite  Sizing  Algorithms 

The  satellite  sizing  algorithms  have  been  developed  to  perform  preliminary  design  of 
satellite  buses,  given  the  requirements  of  the  payload.  These  requirements  include  payload 
mass,  payload  electrical  power,  final  orbit,  pointing  accuracy,  etc.  The  algorithms  allow 
sizing  of  eight  subsystems:  payload;  propulsion;  attitude  determination  and  control 
(ADACS);  telemetry,  tracking,  and  command  (TT&C);  command  and  data  handling 
(C&DH);  thermal;  power;  and  structure.  The  sizing  of  each  subsystem  is  based  on  one 
of  four  methods; 


75 


1.  Fixed  weight  and  power 

•  Payload 

2.  Database  lookup 

.  ADACS 

.  TT&C 

.  C&DH 

3.  Analytical  relationships 

•  Propulsion 

•  Power 

4.  Hstorical  satellite  properties 

•  Structure 

•  Thermal  control 

Once  the  payload  mass  and  power  are  input  into  the  algorithms,  the  other  seven 
subsystems  are  sized  using  the  appropriate  methods.  For  example,  when  database  lookup 
is  applied  to  the  ADACS  subsystem,  an  actual  star  sensor  is  chosen  from  a  database  of 
ADACS  components.  The  mass,  power,  and  model  number  of  the  star  sensor  are 
incorporated  into  the  sizing  algorithms.  When  sizing  power  system  batteries,  the  battery 
mass  and  recharge  power  requirements  are  calculated  with  equations  based  on  battery 
capacity,  power  density,  and  depth  of  discharge.  In  the  case  of  satellite  structure  and 
thermal  subsystems,  sizing  is  best  scaled  with  data  from  historical  satellites.  Subsystem 
size  depends  upon  the  properties  of  other  subsystems.  For  example,  structure  weight  is 
calculated  as  a  percentage  of  the  satellite  dry  mass,  with  the  percentage  based  upon  the 
structural  materials.  Table  4-15  presents  the  assumptions  used  in  sizing  each  subsystem.  A 
more  detailed  discussion  of  assumptions,  including  technology-specific  assumptions, 
appears  in  Appendix  B. 


Table  4-15.  Satellite  Design  Assumptions 


Satellite 

Subsystem 

OCEM  Assumptions 

ADACS 

0.07°  attitude  knowledge 

0.01°  pointing  accuracy 

TT&C 

SGLS  downlink 

C&DH 

Integrated  satellite  processor 

(performs  ADACS  processing  also) 

No  data  storage 

Mil-Std-1553B  data  bus 

Thermal 

Passive  thermal  control  system 
(radiators,  heat  pipes,  etc.) 

Structure 

Aluminum  with  selective  use  of  composites 

Growth  Margin 

15%  for  satellite  bus 
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These  sizing  methods  result  in  an  interdependence  of  the  subsystems.  As  an  example, 
the  structure  subsystem  is  dependent  on  the  dry  mass  of  the  entire  satellite.  Therefore, 
increasing  the  mass  of  any  of  the  other  sub^stems  will  also  increase  the  mass  of  the 
structure  sub^stem.  Similarly,  the  thermal  subsystem  is  dependent  on  the  power 
consumed  by  the  satellite.  Therefore,  increasing  the  power  of  any  of  the  other  sub¬ 
systems  will  increase  the  mass  and  power  of  the  thermal  subsystem.  Figure  4-6  shows 
the  interdependency  of  the  eight  subsystems. 

Once  sized,  the  subsystem  masses  are  summed  to  produce  satellite  dry  mass. 
Propellants  are  added  to  the  satellite  dry  mass  to  produce  a  satellite  wet  mass,  which  is 
then  added  to  the  launch  vehicle  adapter  mass  to  produce  the  satellite  launch  mass.  This 
launch  mass  is  used  to  choose  the  appropriate  launch  vehicle.  For  the  OECS,  the  launch 
vehicles  of  interest  are  the  Delta  H,  the  Atlas  HAS,  and  the  Titan  IV,  which  are  shown  to 
scale  in  Figure  4-7.  Selected  launch  capabilities  of  these  launchers  are  given  in  Table  4-16. 

4.4.2  Launch-Vehicle  Sizing  Algorithms 

The  launch-vehicle  sizing  algorithms  have  been  developed  to  perform  the  preliminary 
design  of  launch  vehicles.  In  the  OECS,  they  are  used  to  size  the  cryogenic  stages  and  the 
hydrogen  tanks  for  the  hydrogen  arcjet,  solar  thermal,  solar  bimodal,  and  nuclear  bimodal 
technologies.  The  algorithms  consist  of  weight  estimating  relationships  (WERs)  based  on 
the  mass  properties  of  historical  US  launch  systems.  Once  the  type  and  amount  of 
propellant  for  each  stage  is  input  in  the  model,  each  stage  of  the  launch  vehicle  is  sized. 
The  algorithms  are  broken  down  into  four  main  subsystems:  structure,  consisting  of  tank, 
adapters,  and  thrust  structure;  propulsion,  consisting  of  engines  and  plumbing;  avionics; 
and  thermal  control. 

4.4.3  Costing 

Once  a  satellite/upper  stage  combination  is  sized,  it  has  to  be  costed.  The  cost 
estimating  relationships  (CERs)  used  for  the  study  were  developed  primarily  by 
Rocketdyne  and  reviewed  by  Aerospace  Corporation.  Individual  production  and 
development  CERs  are  determined  at  the  component  level  for  the  power  and  propulsion 
subsystem  and  at  the  subsystem  level  for  all  other  subsystems.  Rocketdyne  initially 
supplied  one  set  of  CERs  for  each  technology,  resulting  in  thirteen  sets  of  CERs.  These 
thirteen  sets  were  then  incorporated  into  one  master  set,  allowing  the  costing  of  every 
possible  component  in  all  OECS  configurations.  This  master  set  is  linked  directly  to  the 
OECS  sizing  algorithms  in  OCEM.  A  typical  CER  is  of  the  form: 

aX^+c 

where  the  coefficients  a,  b,  and  c  are  dependent  on  the  component  or  subsystem,  and  JIT  is 
the  independent  variable  in  the  sizing  algorithms.  For  example,  the  CER  for  the  fuel  tank  is 
dependent  on  the  volume  of  the  fuel  tank,  thus: 

=  a(Volumeji,,,^f  +c 
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Mission  Requirements 


Figure  4-6.  Interdependency  of  eight  satellite  subsystems. 


Delta  n  7920/7925  Atlas  HAS  Titan  IV  SRMU 

Figure  4-7.  Launch  vehicles  used  for  the  OECS  analysis. 


Table  4-16.  Capabilities  of  the  Principal  Launch  Vehicles  Considered  in  the  OECS 


Delta  II  7920/7925 

Atlas  HAS 

Titan  IV  SRMU 

100  nm,  28.5® 

5039  kg  (11,110  lb) 

8639  kg  (19,050  lb) 

22,298  kg  (49,167  Ib) 

200  nm,  28.5® 

4787  kg  (10,556  lb) 

7868  kg  (17,349  lb) 

17,883  kg  (39,432  lb) 

100  X  450  nm,  98.7® 

3447  kg  (7600  lb) 

6735  kg  (14,850  lb) 

16,442  kg  (36,254) 

450  nm,  98.7® 

3175  kg  (7000  lb) 

5805  kg  (12,800  lb) 

— 

GPS  Transfer  Orbit 

1898  kg  (4184  lb) 

3855  kg  (8500  lb  ) 

5875  kg  (12,954  lb) 

GEO  Transfer  Orbit 

1819  kg  (4010  lb) 

3696  kg  (8150  lb) 

— 

GEO 

— 

— 

5215  kg  (11,500  lb)* 

“Titan  IV  SRMU  to  GEO  requires  Titan  Centaur  upper  stage. 
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The  total  system  cost  is  calculated  using  the  following  equation; 

Total  Cost  =  $.4  +  $D + %FD + $F + n{%P + %LV) 


where 

$A  -  technology  acquisition  cost 

$D  =  satellite  development  cost 

$FD  -  flight  demo  cost 

SF=  facilities  cost 

n  =  number  of  satellites 

$P  ==  average  satellite  production  cost 

$LV  =  launch  vehicle  cost 

The  cost  fi’om  the  above  equation  is  the  cost  used  in  the  cost-effectiveness  analysis.  A 
detailed  discussion  of  the  cost  model  is  found  in  Chapter  6.  The  CERs  are  in  Appendix  F, 
a  separate  appendix  in  electronic  format. 

4.4.4  Applications 

4.4.4.1  COST-EFFECTIVENESS  ANALYSIS 

The  OCEM  had  to  be  automated  for  batch  processing  to  handle  the  thousands  of 
satellite  and  upper  stage  configurations  required  by  the  OECS.  The  original  sizing 
algorithms  were  modified  by  removing  the  power  and  propulsion  sections  and  replacing 
them  with  algorithms  for  the  OECS  technologies:  three  different  power  subsystems 
(photovoltaic,  nuclear,  and  solar  bimodal)  and  thirteen  different  propulsion  subsystems 
(chemical,  cryogenic,  solar  and  nuclear  electric  [hydrogen  arcjet,  ammonia  arcjet,  xenon 
SPT,  and  xenon  ion  engines],  solar  thermal,  solar  bimodal,  and  nuclear  bimodal).  Each 
subsystem  is  sized  concurrently;  the  input  parameters  determine  which  power  and 
propulsion  subsystems  are  incorporated.  For  example,  if  solar  thermal  technology  is 
chosen  for  the  upper  stage,  OCEM  incorporates  the  photovoltaic  power  subsystem  and 
the  solar  thermal  propulsion  system  and  then  sizes  and  costs  the  combination  of  satellite 
and  upper  stage.  The  sizing/costing  process  is  shown  in  Figures  4-8  and  4-9. 

Presently,  OCEM  can  size  and  cost  a  satellite/upper  stage  for  any  combination  of  the 
three  power  subsystem  technologies,  the  thirteen  propulsion  technologies,  and  all  OECS 
orbits.  Additional  technologies  or  orbits  can  easily  be  incorporated  into  the  model  in  the 
future. 
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Sizing  Input  File 
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Figure  4-8.  Sizing  satellites  for  the  cost-effectiveness  analysis. 

Typical  single-case  input  in  OCEM  consists  of  the  following; 

•  Analysis  type  (cost-effectiveness,  effectiveness) 

•  Lift  technology 

•  Hold  technology 

•  Move  technology 

•  Power  technology 

•  ORM  number 

•  Cost-effectiveness  analysis  parameters 
0  Number  of  satellites 

0  Number  of  moves 

«  Satellite  MMD 

«  Payload  mass 

0  Payload  power 

OCEM  can  generate  an  input  file  consisting  of  a  large  number  of  cases.  Once  the 
input  file  is  generated,  OCEM  sizes  and  costs  the  satellite/upper  stage  combination  for 
each  case.  The  cost  information  is  inserted  into  the  output  file,  which  is  used  as  input  to 
the  cost-effectiveness  analysis. 
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4.4.42  EFFECTIVENESS  ANALYSIS 

OCEM  effectiveness  outputs  are  related  to  many  of  the  measures  of  performance 
(MOPs)  discussed  in  detail  in  Chapter  5.  The  effectiveness  analyses  are  comparisons  of  the 
innovative  technologies  with  existing  satellite  technology  (i.e.,  bipropellant  transfer, 
photovoltaic  power).  To  make  these  comparisons,  nominal  payloads  must  be  defined  to 
serve  as  points  of  reference.  Section  5.4.2  describes  these  nominal  payloads  in  terms  of 
payload  mass,  payload  electrical  power,  and  AV.  The  nominal  payloads  are  designed  to 
leave  zero  launch  margin  for  a  launch  vehicle  equipped  with  the  baseline  technology.  They 
are  used  in  all  phases  of  the  effectiveness  analyses.  The  effectiveness  analysis  process  is 
shown  in  Figure  4-10. 

The  maximum  additional  performance  of  the  innovative  technologies  (MOEs  2-1 
through  2-3)  is  calculated  by  holding  two  of  the  quantities  mass,  power,  and  A  Fat  their 
nominal  reference  value  and  maximizing  the  value  of  the  third  quantity.  In  each  case,  the 
launch  vehicle  margin  is  zeroed  by  iterating  on  the  quantity  being  maximized. 
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Figure  4-10.  Process  used  for  the  efTectiveness  analysis. 


Step-down  (MOP  3-1)  is  the  process  of  moving  all  or  part  of  a  payload  from  a  larger 
to  a  smaller  launch  vehicle.  OECS  step-down  is  based  on  the  reference  payloads 
mentioned  above.  Holding  the  reference  electrical  power  and  AV  constant,  the  OCEM 
determines  the  percentage  of  reference  payload  mass  that  can  be  launched  with  innovative 
technologies  on  step-down  launch  vehicles.  OCEM  zeroes  out  the  performance  of  the 
step-down  launch  vehicle  by  varying  step-down  payload  mass. 

To  determine  step-down  to  a  hypothetical  launch  vehicle  (MOP  3-2),  OCEM  takes 
each  innovative  technology  and  calculates  the  combined  upper  stage/satellite  mass 
delivered  to  drop-off  to  effect  100%  step-down  of  the  previously  discussed  reference 
payloads.  This  number  can  be  compared  with  the  corresponding  baseline  capabilities  of 
the  launch  vehicle. 

OCEM  estimates  the  fairing  volumes  (MOP  1-3)  required  by  each  innovative 
technology.  Volumes  are  based  on  payload  and  bus  masses  (assuming  a  standard  density); 
individual  propulsion  and  power  considerations;  and  technology  considerations  such  as 
packaged  solar  cell  or  solar  collector  volumes,  nuclear  reactor  length,  and  fuel  tank 
volumes.  Details  of  these  assumptions  are  found  in  Appendix  D. 
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5.  EFFECTIVENESS  ANALYSIS  OF  ALTERNATIVES 

The  OECS  analysis  is  structured  like  a  cost  and  operational  effectiveness  analysis 
(COEA).  It  is  based  on  a  hierarchy  of  functional  objectives  (FOs),  measures  of  effectiveness 
(MOEs),  and  measures  of  performance  (MOPs).  The  FOs  indicate  in  broad  terms  what  the 
alternatives — ^in  our  case  the  technology  combinations  of  Table  4-8 — are  expected  to  do.  The 
MOEs  provide  yardsticks  for  measuiing  the  general  success  of  the  alternatives,  while  the 
MOPs  are  the  specific  measures  of  performance  that  support  the  MOEs.  In  this  chapter,  we 
discuss  the  four  FOs  for  lift,  hold,  move,  and  power,  their  MOEs  and  supporting  MOPs,  and 
the  analysis  results. 

Effectiveness  analyses  typically  establish  performance  norms  that  are  useful  in  structuring 
and  interpreting  performance  and  cost  results.  Norms  are  either  baselines  against  which 
alternatives  can  be  compared  or  defined  levels  of  performance  that  lead  to  consistent 
comparisons.  Baselines  are  usually  designed  to  correspond  to  current  capability,  while  levels 
of  performance  are  associated  with  defined,  meaningful  tasks. 

The  OECS  has  to  determine  four  sets  of  norms  for  each  ORM  and  launch  vehicle: 

•  How  much  payload  mass,  electrical  power,  and  on-orbit  AV  can  the  baseline 
technologies  place  on-orbit? 

•  How  many  satellites  must  be  bought  for  each  technology  combination  to  achieve 
various  levels  of  constellation  availability? 

•  How  much  of  the  maximum  payloads  launched  with  the  baseline  technologies  can 
be  launched  on  smaller  launch  vehicles  with  innovative  upper  stage  technologies? 

•  What  throw  weights  would  future  launch  vehicles  need  if  they  employed 
innovative  upper  stage  technologies  and  provided  complete  step-down? 

The  first  set  of  norms  are  used  to  measure  the  general  improvement  in  the  performance  of 
the  innovative  technologies  over  the  baseline.  The  second  set  allows  equal  cost-effectiveness 
comparisons.  The  third  speaks  to  potential  savings  from  replacing  currently  required  launch 
vehicles  with  smaller  and  less  costly  existing  launch  vehicles,  and  the  fourth  provides 
significant  insight  into  the  necessary  performance  of  future  launch  vehicles  given  the 
innovative  technologies  are  adopted. 

5.1  FUNCTIONAL  OBJECTIVES  (FOs) 

5.1 .1  F0 1 :  Lift  Satellites  to  Initial  Orbits 

Historically,  military  space  operations  have  relied  on  in-place  constellations  of  satellites 
to  meet  mission  needs.  This  will  be  true  for  the  foreseeable  fUture  whether  or  not  launch 
responsiveness  improves.  Thus,  our  ability  to  populate  a  constellation  and  maintain  it  for 
extended  periods  remains  paramount.  An  indispensable  element  in  this  process  is  the  upper 
stage  (whether  separate  from  or  integrated  with  the  satellite),  which  is  used  to  move  satellites 
fi’om  parking  or  transfer  orbits  into  initial  mission  orbits.  All  the  OECS  lift  technologies  have  a 
potential  to  provide  this  function. 
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5.1^  FO  2:  Hold  Satellites  in  Operational  Orbits 

Orbital  perturbations  such  as  the  nonsphericity  of  the  earth,  atmospheric  drag,  and  third- 
body  effects  cause  satellite  orbital  parameters  to  vary.  In  many  cases,  these  changes  must  be 
corrected  to  maintain  the  satellite  in  an  operational  orbit.  This  correction  process  is  known  as 
stationkeeping.  It  is  accomplished  by  thrusting  with  the  satellite’s  on-board  propulsion  system. 
A  satellite  that  has  lost  the  ability  to  stationkeep  for  any  reason  will  not  maintmn  mission  orbit 
tolerances,  and  its  usefulness  will  be  diminished  or  lost. 

5.1.3  FO  3:  Move  Satellites  to  Other  Orbits 

There  are  many  reasons  why  on-orbit  maneuvering  could  be  operationally  desirable  (see 
sidebar  in  Section  2.1.1).  Some  possibilities  are:  providing  crisis  coverage,  disposing  of 
satellites  at  end-of-life,  redistributing  functioning  satellites  after  a  satellite  failure,  replacing 
failed  satellites  with  on-orbit  spares,  evading  threats,  moving  to  avoid  orbit  characterization, 
and  reducing  operational  constellation  size.  While  only  a  few  of  these  reflect  current 
operational  practice,  the  need  to  move  satellites  is  real.  Increased  maneuverability  might 
permit  new  operational  tactics  or  strategies. 

5.1.4  FO  4:  Power  Satellites’  Mission  and  Housekeeping  Functions 

A  satellite’s  power  subsystem  must  provide  adequate  electrical  power  for  both  mission 
and  housekeeping  functions  throughout  the  satellite’s  life.  All  the  OECS  electrical  power 
technologies  can  provdde  significant  power. 

5.2  MEASURES  OF  EFFECTIVENESS 

Four  general  MOEs  were  chosen  to  measure  how  well  each  technology  combination 
meets  the  functional  objectives.  They  are: 

•  MOE  1 :  Constellation  maintenance 

•  MOE  2:  Improved  on-orbit  satellite  capabilities 

•  MOE  3:  Alternative  launch  vehicles 

•  MOE  4:  Technology  mission  impact 

The  first  three  MOEs  are  predominantly  quantitative.  MOE  4  is  qualitative.  All  MOEs 
seek  to  identify  and  compare  each  technology’s  functional  utility.  Figure  5-1  shows  how  the 
MOEs  support  the  functional  objectives. 

The  analyses  for  MOE  2  and  MOE  3  generally  follow  one  of  two  basic  approaches: 
“bottom-up”  or  “top-down.”  Both  approaches  were  discussed  previously  (Section  4.2.4).  The 
bottom-up  approach  starts  with  a  given  launch  vehicle  and  a  given  combination  of  lift,  hold, 
move,  and  power  technologies,  then  determines  the  payload  (mass  and  power)  and  the 
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Figure  5-1.  Relationship  of  functional  objectives  (FOs) 
and  measures  of  effectiveness  (MOEs). 

satellite  maneuver  AV  that  can  be  placed  in  mission  orbit.  The  top-down  approach  starts  with 
a  definition  of  a  satellite  payload  (mass,  power)  and  satellite  maneuver  AV,  and  for 
a  given  technology  combination  determines  the  launch  vehicle  and  upper  stage  characteristics 
(including  cost)  needed  to  launch  and  place  the  satellite  in  mission  orbit. 

The  OECS  scenarios  are  defined  by  the  ORMs,  as  described  in  Chapter  2.  Technology 
combinations  are  evaluated  with  respect  to  their  ability  to  support  each  ORM  (see  Section 
4.3.8). 

5.3  MOE 1:  CONSTELLATION  MAINTENANCE 
5.3.1  Background  and  MOPs 

The  OECS  must  answer  two  quantitative  questions  about  constellations:  (1)  Given 
a  technology  combination,  an  ORM,  and  a  constellation,  how  well  on  average  can  the 
constellation  be  supported?  and  (2)  How  many  satellites  and  launchers  must  be  purchased 
to  provide  that  support?  The  first  question  highlights  the  operational  implications  of  the 
technologies’  differing  trip  times  (hence  deployment  time).  The  second  is  necessary  to 
support  the  cost-effectiveness  analysis. 

In  addition  to  these  quantitative  questions,  there  are  two  qualitative  issues  to  be 
addressed:  (1)  What  impact  will  each  technology  have  on  the  launch  vehicle?  and 
(2)  What  are  the  possible  technology-specific  reliability  issues? 

These  four  questions  are  addressed,  respectively,  by  four  MOPs: 

MOP  1-1:  Availability  of  constellation  (see  discussion  of  concept  in  Section  4.3.1) 
MOP  1-2:  Acquisition  of  satellite  and  launch  vehicle 
MOP  1-3:  Impact  of  lift  technology  on  launch  vehicle 
MOP  1-4:  Reliability  of  lift  technology 
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MOP  1-1  determines  the  avmlability  of  a  constellation.  MOP  1-2  determines  the 
average  number  of  satellites  and  launch  vehicles  required  to  achieve  this  availability. 

MOP  1-1  and  MOP  1-2  are  determined  by  simulating  the  establishment  and  maintenance 
of  the  constellations  for  15  years.  MOP  1-3  examines  possible  physical  conflicts  of  the 
technologies  with  current  launch  vehicle  fairings.  Potential  conflicts  are  a  function  of  satellite 
payload  mass,  payload  electrical  power,  and  on-orbit  AV,  because  upper  stage  and  satellite 
dimensions  and  masses  are  functions  of  these  quantities.  Evaluation  of  this  MOP  is  done  in 
OCEM  (see  Section  4.4).  MOP  1-4  identifies  potential  reliability  issues  inherent  in  the 
technologies  and  how  these  issues  can  be  modeled. 

5.3.2  Methodology 

The  primary  tool  supporting  MOP  1-1  and  MOP  1-2  is  the  GAP_PLUS  simulation 
model.  This  model  is  related  in  concept  and  capabilities  to  the  Aerospace  Corporation’s 
Generalized  Availability  Program  (GAP)  and  Starfleet  Model,  and  AF  Space  Command’s 
OSCARS  Model.  GAP_PLUS  is  a  Monte  Carlo  simulation  whose  basic  function  is  to  simulate 
the  establishment  and  maintenance  of  satellite  constellations.  The  two  principal  outputs  of  the 
model  are  the  constellation  availability  and  the  average  number  of  satellites  and  launch 
vehicles  required  to  support  that  availability. 

GAP_PLUS  is  run  in  two  phases.  In  the  first  phase,  no  constraints  are  placed  on  the 
number  of  satellites  available  for  launch.  The  availability  from  this  phase  is  the  maximum 
availability  that  can  be  achieved  for  the  given  inputs.  In  the  second  phase,  a  desired  availability 
of  less  than  the  maximum  is  specified.  The  model  iterates  on  the  delivery  schedule  of  the 
satellites  until  the  specified  availability  is  achieved.  Identifying  equal  availabilities  in  Phase  2 
ensures  that  equal  effectiveness  will  be  costed  in  the  cost-effectiveness  analysis,  because  equal 
availabilities  guarantee  essentially  equal  constellation  maintenance  results  (see  sidebar  on  the 
next  page). 

GAP_PLUS  inputs,  with  their  relationship  to  previously  discussed  concepts  in 
parentheses,  are: 

•  Constellation  size  and  constellation  configuration  (ORM,  sparing  policy) 

•  Deployment  time,  that  is,  the  time  from  call-up  to  operational  satellites  (lift 
technology) 

•  Satellite  reliability  (satellite  MMD) 

•  Launch  vehicle  reliability  (launch  vehicle  and  upper  stage  reliability) 

•  Minimum  time  between  launches  (launch  rate  constraints) 

•  Desired  constellation  availability  (fixing  the  task  to  be  accomplished) 

OECS  constellation  lifetime  is  fixed  at  1 5  years  after  establishment.  Establishment  consists  of 
the  first  n  launches,  where  n  is  the  constellation  size  without  active  spares. 
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5.3.2.1  MOP  1-1:  CONSTELLATION 
AVAILABILITY 

Constellation  availability  is  a 
generally  accepted  measure  of  how 
well  a  constellation  is  operationally 
maintained.  In  every  GAP_PLUS 
simulation,  the  model  determines 
the  maximum  possible  constellation 
avmlability  for  the  simulation  inputs. 
Generally  a  higher  avdlability  is  more 
desirable  if  everything  else  is  equal. 

5.3.2.2  MOP  1-2:  NUMBER  OF 
SATELLITES  REQUIRED 

We  assume  it  is  necessary  to  buy 
equal  numbers  of  satellites,  launch 
vehicles,  and  upper  stages  to  establish 
and  maintain  a  constellation.  The 
number  bought  significantly  impacts 
the  cost  of  constellation  maintenance 
and  thus  the  cost  effectiveness.  Like 
availability,  the  number  required  is  an 
output  of  the  GAP  PLUS  simulation. 
It  is  easy  to  predict  trends  in  the 
variations  of  the  number  required.  The 
number  decreases  with  increasing 
launch  vehicle  reliability,  increasing 
satellite  lifetime  (MMD),  and 
increasing  minimum  time  between 
launches.  It  increases  with  increasing 
constellation  size  and  number  of  on- 
orbit  spares. 


Equal  Effectiveness 

Equal  availabilities  by  definition  guarantee 
equal  probabilities  of  having  an  operational 
constellation.  They  do  not  guarantee  equal 
numbers  or  lengths  of  intervals  of  nonavail¬ 
ability  (down  times).  This  is  illustrated  in  this 
GAP_PLUS-generated  table  representing  a 
four-satellite  ORM  1  (GEO)  constellation  at 
0.96  availability: 


Deploy¬ 

ment 

(day) 

No.  of 

Down  Times 

Avg.  Down 
Time 
(yr) 

Avg.  Max 
Down  Time 
(yr) 

60 

3.50 

0.18 

0.31 

90 

0.76 

0.75 

1.47 

120 

0.80 

0.69 

1.49 

360 

0.92 

0.63 

1.16 

In  this  case,  the  60-day  deployment  time 
requires  no  spares  to  achieve  the  desired 
availability,  while  the  other  three  deployment 
times  require  one  active  spare.  The  reader 
should  not  assume  the  trends  in  this  example 
are  universal.  At  a  minimum,  they  vary  with 
constellation  size.  Whether  the  differences 
shown  are  operationally  meaningful  is  not  a 
topic  examined  in  the  OECS. 
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5.3.3  Results 


We  use  response  surface  methodology  and  GAP_PLUS  results  to  generate  one  or 
more  approximation  equations  for  each  ORM.  These  equations  model  how  the  maximum 
availability  and  number  of  satellites  required  vary  with  constellation  size,  deployment  time, 
number  of  spares,  MMD,  launch  rate,  and  launch  vehicle  reliability.  There  are  seven  pairs 
of  equations  representing  ORM  1  (GEO),  ORM  2a  (MEO-GPS),  ORM  3a  (LEO-Polar), 
and  ORM  4  ^HOEO).  .^pendix  C  shows  the  coefficients  of  these  equations.  The  equations 
are  applicable  to  the  parameter  ranges  in  Table  2-1 . 

These  equations  were  used  to  generate  plots  showing  lines  of  constant  maximum 
availability  and  number  of  satellites  required  as  functions  of  constellation  size  and 
deployment  time.  Figure  5-2  shows  the  results  for  ORM  1  (GEO)  with  no  spares.  Dashed 
lines  on  the  plot  represent  maximum  availability,  and  solid  lines  represent  the  number  of 
satellites  required  to  achieve  this  avmlability.  This  plot  was  made  for  0.9  launch  vehicle 
reliability,  a  satellite  MMD  of  8.5  years,  and  a  minimum  time  between  launches  of  four 
months.  The  lift  technologies  listed  on  the  left  of  the  figure  indicate  their  characteristic 
OECS  deployment  times.  Figure  5-3  shows  similar  results  for  one  active  spare. 


Deployment 
Time  (days) 


Figure  5-2.  ORM  1  (GEO):  availability  and  number  of  satellites  required 
to  maintain  a  constellation  with  zero  spares. 
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Figure  5-3.  ORM  1  (GEO):  availability  and  number  of  satellites  required 
to  maintain  a  constellation  with  one  spare. 

The  importance  of  spares  in  achieving  a  high  availability  given  long  deployment  times 
is  obvious  when  Figure  5-2  is  compared  to  Figure  5-3.  Figure  5-2  shows  that  electric 
propulsion  without  a  spare  can  achieve  a  maximum  availability  of  less  than  0.84  for  a 
4-satellite  constellation.  The  availability  for  electric  lift  jumps  to  approximately  0.975  v^th 
an  on-orbit  operational  spare.  The  penalty  for  using  the  spare  for  a  constellation  size  of  four, 
for  example,  is  that  the  number  of  satellites  required  jumps  from  roughly  9  to  1 1 .5.  These 
additional  satellites  may  be  cost  effective  if  the  use  of  electric  propulsion  permits  the  use 
of  a  smaller,  less  expensive  launch  vehicle  (launch  vehicle  step-down). 

The  previous  discussion  highlights  one  of  the  significant  questions  of  the  cost- 
effectiveness  analysis:  Can  the  same  availability  be  achieved  at  less  cost  even  though  more 
satellites  may  need  to  be  purchased?  The  answer  strongly  depends  upon  what  upper  stage 
technology  is  used.  The  situation  is  clearly  different  for  the  thermal  systems  (nuclear  bimodal, 
solar  bimodal,  and  solar  thermal).  Nuclear  bimodal  deployment  times,  because  of  short  trip 
times,  are  comparable  to  the  baseline  and  cryogenic  systems.  The  additional  month  of  trip  time 
needed  by  the  solar  bimodal  and  solar  thermal  systems  results  in  a  small  penalty  in  the 
availability  and  number  of  satellites  required. 

ORM  2  (GPS)  represents  a  different  situation  because  the  constellation  was  designed  with 
three  active  on-orbit  spares.  We  see  from  Figure  5-4  that  high  availabilities  are  still  achieved 
with  three  active  spares  when  electric  propulsion  is  used,  despite  the  long  deployment  time. 
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Figure  5-4.  ORM  2a  (GPS):  availability  and  number  of  satellites  required 
to  maintain  a  21-sateIlite  constellation  with  3  spares. 

5.3.3.1  MOP  1-3:  IMPACT  OF  LIFT  TECHNOLOGY  ON  THE  LAUNCH  VEHICLE 

A  big  concern  with  the  innovative  technologies  is  fitting  them  into  existing  launch  vehicle 
fairings.  This  is  especially  a  problem  for  the  thermal  technologies  that  use  H2  as 
a  propellant.  While  new,  larger  fairings  potentially  could  be  crafted,  their  development  would 
increase  costs  and  possibly  impact  launch  vehicle  dynamics — raising  more  problems.  To 
investigate  this  issue,  we  approximated  the  combined  upper  stage  and  satellite  volumes 
(including  unusable  empty  space)  as  they  might  be  packaged  in  the  fairings.  These  volumes 
were  then  compared  to  total  launch-vehicle  fairing  volumes. 

To  estimate  the  combined  satellite  and  upper  stage  volumes  (with  the  exception  of 
advanced  cryo,  which  was  treated  as  a  fixed  volume  upper  stage  plus  satellite  volume),  we 
treated  the  upper  stage  and  satellite  as  consisting  of  three  separate  pieces: 

•  Upper  stage  (lift  propulsion  subsystem  minus  the  propellant  tank) 

•  Lift  propellant  tank 

•  Satellite  (payload  and  bus  minus  the  lift  propulsion  subsystem) 

The  sum  of  these  three  volumes  is  an  approximation  that,  when  compared  with  fairing 
volume,  indicates  the  probable  fit  or  lack  of  fit. 

The  upper  stage  volume  (less  propellant  tank)  is  estimated  individually  for  each 
technology.  Propellant  tank  volumes  are  estimated  by  OCEM  based  upon  propellant 
requirements.  H2  tanks,  which  are  very  large  due  to  the  low  density  of  H2,  are  considered 
to  be  cylinders  with  ellipsoidal  end  caps.  The  diameter  of  these  cylinders  is  determined  by 
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the  required  propellant  volume,  the  fmring  diameter,  and  the  lift  technology.  Other  propellant 
tanks  are  treated  simply  as  additive  volumes.  The  satellite  is  considered  to  be  a  cylinder  the 
diameter  of  the  ^ring.  Its  volume  is  based  on  a  nominal  average  satellite  density  of  79  kg/m^ 
(Larson  and  Wertz,  p.  292). 

If  ratios  of  the  calculated  volumes  to  the  fairing  volumes  are  substantially  less  than  one, 
there  is  a  good  possibility  the  technology  can  be  accommodated  by  the  current  fairing.  The 
large  Titan  firing  with  the  Centaur  upper  stage  removed  has  an  approximate  volume  of 
238  m^,  while  the  large  Atlas  fairing  and  two-stage,  10-fl  Delta  fairings  have  volumes  of 
approximately  68  m^  and  31  m^,  respectively.  Ratios  substantially  larger  than  one  indicate 
a  likely  volume  problem,  (^pendbc  D  has  the  packaging  assumptions  and  volume  com¬ 
putations.)  Ratios  near  one  are  ambiguous  given  the  uncertainty  of  the  approximations. 

Figures  5-5 — 5-7  summarize  a  sampling  of  volume  ratios  for  ORM  1  (GEO),  ORM  2 
(MEO-GPS),  and  ORM  4  (HEO),  respectively.  Each  point  in  the  figures  represents  a  satellite 
that  maximizes  on-orbit  payload  mass  for  the  corresponding  nominal  payload  electrical  power, 
AV,  and  MMD  values  (these  values  are  listed  in  Table  5-2).  The  ordinates  show  the  ratio  of 
estimated  volume  to  fairing  volume  based  on  the  largest  available  fairings.  The  abcissas  show 
the  payload  mass  ratios  of  innovative  to  baseline  technologies.  The  higher  the  ratio,  the  greater 
the  payload  mass;  that  is,  the  better  the  lift  performance. 

The  technology  combinations  are  the  best  performing  combinations  of  each  lift  technology. 
Because  the  lift  technology  dominates  in  determining  total  volume,  these  volumes  are  typical 
for  any  combination  of  hold  and  move  technologies.  There  are  potential  techniques  to  reduce 
the  required  H2  volume  with  only  small  losses  in  overall  performance.  Two  are  discussed  in  the 
following  sidebar. 


Volume  Reduction 

At  least  two  techniques  for  reducing  the  overall  volume  of  thermal  systems  have  been  sug¬ 
gested.  Both  call  for  paying  a  small  performance  penalty  for  a  significant  reduction  in  H2  tank 
volume.  The  first  relies  initially  on  launching  into  a  higher-energy,  elliptical  drop-off  orbit  rather 
than  the  circular  one  assumed  in  the  OECS.  This  reduces  upper  stage  AV  requirements  and, 
hence,  the  size  of  the  upper  stage  H2  tank.  The  second  technique  involves  using  lugher-density, 
higher-thrust,  lower-I.p  NH3  as  a  propellant  immediately  after  drop-off.  The  lower  I,p  is  more 
than  compensated  for  by  the  higher  thrust  resulting  from  lower  initial  gravity  losses  when  the 
upper  stage  and  satellite  are  near  the  Earth.  The  combined  volume  of  the  two  tanks  is  smaller 
than  the  original  H2  tank. 
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Figure  5-5.  ORM  1  (GEO);  approximate  ratio  of  required  fairing  volume  to  largest  current 

fairing  volume  of  Delta,  Atlas,  and  Titan. 


Volume  Constrained 


ORM  2a  (GPS):  approximate  ratio  of  required  fairing  volume  to  largest  current 
fairing  volume  of  Delta,  Atlas,  and  Titan. 


Volume  Constrained 


Figure  5-7.  ORM  4  (HEO):  approximate  ratio  of  required  fairiug  volume  to  largest 

fairing  volume  of  Delta,  Atlas,  and  Titan. 


5.3.3.2  MOP  1-4:  RELIABILITY  OF  THE  LIFT  TECHNOLOGY 

The  OECS  assumes  all  lift  technologies  have  identical  reliabilities.  This  study  ground 
rule  was  adopted  to  avoid  the  almost  impossible — and  certainly  contentious — ^assessment  of 
the  reliability  of  individual  development^  technologies.  In  the  GAP_PLUS  analysis,  lift 
reliability  is  subsumed  in  the  launch  vehicle  reliability.  The  launch  vehicle  and  the  upper 
stage  are  assumed  to  contribute  equally  to  the  reliability.  This  assumption  slightly  favors 
technologies  with  longer  lift  times  because  all  failures  are  modeled  as  occurring  at  launch. 

MOP  1-4  is  qualitative  since  no  quantitative  OECS  reliability  assessments  have  been 
made.  It  uses  lift,  hold,  move,  and  electrical  power  engineering  assessments  to  identify 
possible  factors  that  may  adversely  affect  reliability.  Consideration  is  given  to  restart 
capability,  propulsion  system  lifetime,  propellant  storage,  natural  environmental  hazards,  heat 
dissipation,  etc.  Many  known  reliability  concerns  have  been  considered  in  the  technology 
designs.  Table  5-1  lists  concerns  by  technology  and  includes  a  summary  of  the  consideration 
given  them  in  the  design  process. 


Table  5-1.  Reliability  Issues  and  Design  Considerations 


Reliability  Issue 

Design  Consideration 

Advanced  Cryogenic 

Titan  Centaur  goes  to  GEO 

Insulation  and  H2  increased  to  counter  boil-ofif 

Nuclear  Bimodal 

Reactor  irradiation  of  payload  and  bus 

Boom  separating  reactor  from  payload  and  bus; 
shielding 

Solar  Bimodal 

None  identified 

None  identified 

Solar  Thermal 

Puncture  of  inflatable  solar  collectors  by 
micrometeorites 

Collectors  disposed  of  immediately  after  orbital 
transfer 

Nuclear  Electric 

Arcjet  thruster  life 

Ion  thruster  life 

Reactor  irradiation  of  payload  and  bus 

Multiple  sets  of  arcjets  used  sequentially  for  lift 

Multiple  sets  of  ion  thrusters  for  lift 

Boom  separating  reactor  from  payload  and  bus; 
shielding 

Solar  Electric 

Arcjet  thruster  life 

Ion  thruster  life 

Photovoltaic  cell  radiation  degradation 

Multiple  sets  of  arcjets  used  sequentially  for  lift 

Multiple  sets  of  ion  thrusters  for  lift 

Photovoltaic  arrays  sized  for  all  radiation 
degradation,  including  passage  through  Van 

Allen  belts 
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5.4  MOE  2:  IMPROVED  ON-ORBIT  CAPABILITIES 
5.4.1  Background  and  MOPs 

When  flown  on  a  ^ven  launch  vehicle,  innovative  technology  combinations  are  likely 
to  provide  more  useable  mass  in  mission  orbit  than  the  baseline  technologies.  This  is  due 
to  the  innovative  technologies’  higher  Iq,  values.  The  likelihood  of  more  useable  mass  will 
be  realized  whenever  the  propulsion  and  power  hardware  masses  plus  the  propellant 
masses  of  the  innovative  teclmologies  are  less  than  the  corresponding  baseline  masses. 

Additional  on-orbit  mass  can  be  used  to  enhance  satellite  performance  over 
the  baseline  capability.  Enhancement  could  mean  a  simplified  design,  a  functionally 
augmented  or  more  robust  payload  or  bus,  more  hold  and  move  capability,  higher 
electrical  power,  or  a  combination  of  these  factors.  In  MOE  2,  we  are  concerned 
with  identifying  the  technology  combinations  that  enhance  capabilities  as  well  as 
with  quantifying  the  enhancement. 

We  have  selected  three  enhancements  that  are  well  defined  and  easily 
quantified.  Expressed  as  MOPs,  they  are: 

•  MOP  2-1 :  Additional  on-orbit  payload  mass 

•  MOP  2-2:  Additional  on-orbit  payload  electrical  power 

•  MOP  2-3 :  Additional  on-orbit  satellite  A V 

In  each  case,  additional  is  measured  relative  to  baseline  technology  performance 
represented  by  nominal  payloads  defined  in 
Table  5-2.  Each  MOP  is  evaluated  with  respect 
to  each  technology  combination  and  ORM  for 
the  Titan  IV,  Atlas  HAS,  and  Delta  11. 

A  fourth  MOP  qualitatively  examines  the 
possible  impact  of  the  innovative  technologies 
on  their  payloads. 

•  MOP  2-4:  Propulsion  and 
power  subsystem  impacts  on 
the  payload 

Added  functionality  or  reliability  of  the 
payload  or  bus  as  a  result  of  additional  payload 
mass,  power,  or  maneuverability  are  extremely 
desirable  areas  to  understand,  but  they  are 
neither  readily  quantified  nor  easily  interpreted. 

Exploring  such  implications  is  beyond  the  scope 
of  the  OECS  (see  sidebar). 


An  OECS  Follow-On  Study? 

The  Solar  Electric  Propulsion 
Assessment  (Chan  et  al.)  and  the 
OECS  were  unable  to  evaluate  the 
worth  of  additional  on-orbit  mass  in 
an  operational  context.  This  omission 
is  at  best  annoying  and  at  worst  a 
significant  shortcoming  to  under¬ 
standing  the  value  of  the  innovative 
propulsion  and  power  technologies. 
The  value  of  extra  mass  on-orbit  is 
intuitively  obvious,  but  the  flexibility 
it  promises  in  satellite  design  and 
overall  space  architecture  needs 
quantification.  Such  a  study  would  be 
a  worthwhile  follow-on  to  the  OECS. 
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5.4^  Methodology 

Before  additional  performance  can  be  measured,  we  need  to  establish  the  performance 
of  the  baseline  technologies.  To  do  this,  we  establish  representative  payloads  with  zero 
unused  lift  capability  (zero  lift  margin)  for  each  ORM  and  launch  vehicle  when  using  the 
baseline  technologies.  Necessarily,  each  of  these  payloads  is  a  single  point  on  a  payload 
envelope  having  zero  lift  margin.  The  envelopes  result  from  trading  payload  mass, 
electrical  power,  and  on-orbit  AV  as  determined  by  maneuver  AV  and  MMD  (see  Table 
2.1  for  stationkeeping  AV/yr).  Because  of  the  zero  lift  margin  constraint,  choosing  any 
two  of  mass,  power,  and  AV  determines  the  third. 

Our  approach  is  to  select  representative  electrical  power  and  AV  values,  then  use 
OCEM  (see  Section  4.4)  in  bottom-up  mode  to  determine  the  corresponding  payload 
mass.  Table  S-2  gives  the  resulting  representative  values  for  mass,  power,  MMD,  and 
maneuver  AV  for  each  ORM  and  launch  vehicle. 


Table  5-2.  Representative  Payload  Parameters  of  the  Baseline  Technology 


Launch  Vehicle 

ORM 

Parameter 

Titan  IV 

Atlas  HAS 

Delta  n 

ORM-1  (GEO) 

EOLP/L  Power  (kW) 

5.0 

3.0 

1.0 

ManeuverAV  (m/s) 

51.6 

51.6 

25.8 

MMD  (yr) 

10.0 

10.0 

7.5 

Payload  Mass  (kg) 

2254 

380 

172 

ORM-2a  (MEO-GPS) 

EOL  P/L  Power  (kW) 

N/A 

1.0 

1.0 

Maneuver  AV  (m/s) 

N/A 

80.6 

80.6 

MMD  (yr) 

N/A 

10.0 

10.0 

Payload  Mass  (kg) 

N/A 

1262 

387 

ORM-3a  (LEO-Polar) 

EOL  P/L  Power  (kW) 

N/A 

2.0 

1.3 

Maneuver  AV  (m/s) 

N/A 

120.0 

20 

MMD  (yr) 

N/A 

7.0 

5.5 

Payload  Mass  (kg) 

N/A 

3843 

1890 

ORM-4  (HEO) 

EOL  P/L  Power  (kW) 

2.8 

2.8 

1.0 

Maneuver  AV  (m/s) 

190 

190 

95 

MMD  (yr) 

7.5 

7.5 

5.0 

Payload  Mass  (kg) 

1665 

852 

365 
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5.4.3. 1  MOP  2-1 :  ADDITIONAL  ON-ORBIT  PAYLOAD  MASS 

Similar  methodologies  were  used  for  evaluating  MOP  2-1  through  MOP  2-3  with 
respect  to  the  representative  payloads.  For  MOP  2-1,  OCEM  is  used  in  bottom-up  mode 
to  calculate  the  maximum  payload  mass  that  can  be  placed  on  orbit  for  each  innovative 
technology  combination  and  the  appropriate  representative  satellite  power  and  AV  from 
Table  5-2.  As  for  the  baseline  technology,  this  payload  mass  corresponds  to  a  zero  launch- 
vehicle  margin.  The  difference  between  the  baseline  and  innovative  technology  payload 
masses  is  the  additional  payload  mass  that  can  be  placed  on-orbit  by  the  innovative 
technology. 

Each  technology  combination  from  Table  4-8  is  examined  in  turn.  Additional  payload 
mass  may  be  negative  in  some  instances,  despite  the  higher  1^,  values  of  the  innovative 
technologies.  This  typically  happens  for  the  inherently  heavy  nuclear  technologies, 
especially  when  implemented  on  smaller  launch  vehicles,  or  when  the  technology  supports 
low  AV  requirements — essentially  eliminating  the  possibility  of  significant  potential 
advantage.  Some  innovative  technologies  may  be  too  massive  to  fit  on  a  given  launch 
vehicle  and  still  provide  a  useful  capability.  Payload  fairing  constraints,  discussed  earlier  in 
conjunction  with  MOP  1-3,  are  not  considered  in  the  calculations. 

5.4.3.2  MOP  2-2:  ADDITIONAL  ON-ORBIT  PAYLOAD  ELECTRICAL  POWER 

We  use  an  analogous  method  to  determine  the  additional  on-orbit  payload  electrical 
power  provided  by  the  innovative  technologies.  In  this  case  we  fix  the  representative 
satellite  mass  and  AV  and  use  OCEM  to  maximize  the  available  payload  electrical  power. 
The  difference  between  the  baseline  satellite’s  payload  electrical  power  and  that  of  the 
innovative  technology  is  the  additional  payload  electrical  power  the  innovative  technology 
can  place  on-orbit.  As  with  payload  mass,  the  additional  power  may  be  negative,  or  the 
innovative  technology  may  be  too  massive  for  the  launch  vehicle. 

5.4.3.3  MOP  2-3:  ADDITIONAL  ON-ORBIT  MANEUVER  AV 

The  methodology  for  determining  additional  maneuver  AV  is  analogous  to  that  for 
determining  additional  mass  and  power.  Generally  the  innovative  technologies  will  provide 
additional  AV  if  the  corresponding  additional  payload  mass  is  positive.  Since  the  AV 
magnitude  is  usually  very  large  compared  to  the  baseline  values,  we  will  give  less  attention 
to  additional  AV  than  payload  mass  and  electrical  power. 

5.4.3.4  INTEGRATING  THE  MOPS 

The  evaluation  of  these  three  MOPs  defines  three  points  in  the  three-dimensional 
space  of  Figure  5-8  whose  axes  are  additional  on-orbit  payload  mass,  payload  electrical 
power,  and  maneuver  AV.  The  plane  triangle  constructed  by  connecting  these  three  points 
has  been  observed  to  approximate  the  surface  of  maximum  additional  capabilities  for  the 
innovative  technology  in  question.  Thus  any  combination  of  additional  mass,  power,  and 
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maneuver  AV  lying  beneath  the  triangle  is  attainable  with  the  innovative  technology. 

While  such  a  plot  provides  significant  information,  it  does  not  lend  itself  to  comparisons 
vith  other  innovative  technologies.  Therefore  we  have  focused  on  comparisons  of  the 
maximum  values,  which  are  easy  to  comprehend  and  compare.  These  extremes  are 
summarized  ORM  by  ORM  in  the  tables  and  figures  on  the  following  pages.  In  some  cases 
we  have  also  plotted  additional  payload  mass  as  a  function  of  additional  payload  electrical 
power  for  zero  additional  satellite  AV. 


Figure  5-8.  Trade  space  of  the  additional  capabilities  provided  by  the  innovative 

technologies. 


5.4.3  ResuKs 


5.4.3.1  ORM  1  (GEO):  ADDITIONAL  CAPABILITIES  PROVIDED  BY  INNOVATIVE 
TECHNOLOGIES 


ORM  1  (GEO)  additional  payload  mass,  payload  electrical  power,  and  maneuver  AV 
capabilities  are  presented  in  Table  5-3  through  Table  5-5  for  Titan  IV,  Atlas  HAS,  and 
Delta  n,  respectively.  Estimated  fairing  volumes  as  percentages  of  the  largest  currently 
available  fairings  are  also  included.  Each  table’s  results  are  presented  by  technology 
combination.  The  first  row  of  each  table  lists  the  baseline  capabilities.  The  remaining  rows 
give  results  for  the  other  27  GEO  technology  combinations  from  Table  4-8.  For  each  lift 
technology,  the  first  row  corresponds  to  electric  on-orbit  move  propulsion,  the  second  to 
chemical.  For  the  bimodal  technologies,  the  third  row  corresponds  to  using  the  lift 
technology  with  NH3  propellant  for  move.  Since  there  is  little  difference  in  the  results 
among  the  move  technologies,  only  the  results  of  electric  move  propulsion  are  reported 
throughout  the  remainder  of  this  chapter. 
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Table  5-3.  ORM 1  (GEO):  Maximum  Additional  Payload  Mass,  Payload  Power, 
and  Maneuver  AV  That  Can  Be  Attained  With  Innovative  Technologies  Launched 

on  Titan  IV 


No. 

Technology 

P/L  Mass 
(kg) 

%  Fairing 

P/L  Power 
(kW) 

%  Fairing 

Maneuver 
Av  (m/s) 

%  Fairing 

Titan  IV  Baseline  Values 

1-1 

1  Baseline  Chemical 

2254 

27 

5.0 

27 

52 

27 

Maximum  Additional  P/L  Mass,  P/L  Power,  and  Maneuver  AV 

1-2 

Chemical 

-50 

27 

1 

27 

-31 

27 

1-3 

Advanced  Ciyo 

+1030 

38 

38 

+1293 

38 

1-4 

+964 

38 

■SB 

38 

+498 

38 

1-5 

Nuclear  Bimodal 

+2776 

96 

+19.8 

96 

+2050 

96 

1-6 

+2658 

96 

+19.0 

96 

+808 

96 

1-7 

+2752 

96 

+19.7 

96 

+1585 

96 

1-8 

Solar  Bimodal 

+1335 

86 

+920 

1-9 

+1219 

+14.3 

86 

+346 

1-10 

+1307 

87 

+14.8 

86 

+674 

87 

ngi 

Solar  Thermal 

+2909 

85 

+16.5 

85 

+2922 

85 

Bi 

+2817 

85 

+16.0 

85 

1164 

85 

Nuclear  NH3 

-718 

50 

a 

a 

■■ 

a 

lli 

-811 

50 

a 

a 

HH 

a 

1-15 

Nuclear  H2  Arcjet 

+141 

88 

+2.1 

88 

88 

1-16 

+42 

88 

+0.6 

88 

88 

1-17 

Nuclear  Xe  SPT 

+1371 

65 

+22.7 

65 

65 

1-18 

+1191 

65 

+19.6 

65 

+314 

65 

Pl-19 

Nuclear  Xe  Ion 

+3118 

84 

+54.8 

84 

+9254 

84 

1-20 

+2871 

84 

+50.2 

84 

+644 

84 

1-21 

Solar  NH3  Arcjet 

+184 

30 

+1.3 

30 

+231 

30 

1-22 

+91 

30 

+0.6 

30 

+35 

30 

1-23 

Solar  H2  Arcjet 

+1095 

65 

+8.1 

65 

+705 

64 

1-24 

+1011 

65 

+7.5 

65 

-52 

63 

1-25 

Solar  Xe  SPT 

+2147 

37 

+16.2 

37 

+3931 

36 

1-26 

+1967 

37 

+14.8 

37 

+544 

37 

1-27 

Solar  Xe  Ion 

+3565 

45 

+27.5 

45 

+10824 

44 

1-28 

+3318 

45 

+25.6 

45 

+763 

45 

•Launch  vehicle  capabilities  exceeded:  technology  cannot  support  requirements.  For  Max  P/L  Mass,  the  payload  power,  moves, 
and  MMD  must  equal  that  of  the  baseline;  for  Max  P/L  Power  (or  Moves),  the  payload  mass,  MMD  and  moves  (or  payload 
power)  must  equal  that  of  the  baseline  (see  discussion  in  MOP  methodology). 
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Table  5>4.  ORM 1  (GEO):  Maximum  Additional  Payload  Mass,  Payload  Power, 
and  Maneuver  AV  That  Can  Be  Attained  With  Innovative  Technologies  Launched 

on  Atlas  IIAS 


I  Na 

Technology 

P/L  Mass 
(kg) 

%  Fairing 

P/L  Power 
(kW) 

%  Fairing 

Maneuver 
Av  (m/s) 

%  Fairing 

1  Atlas  IIAS  Baseline  Values  | 

IM 

1  Baseline  Chemical 

380 

37 

3.0 

37 

52 

37 

1  Maximum  Additional  P/L  Mass,  P/L  Power,  and  Maneuver  AV  I 

1-2 

Chemical 

-19 

37 

-0.1 

37 

-31 

37 

1-3 

Advanced  Ciyo 

+208 

44 

+1.1 

44 

+764 

44 

1-4 

+187 

44 

+1.0 

44 

+282 

44 

1-5 

Nuclear  Bimodal 

+737 

174 

+5.0 

174 

+1279 

174 

1-6 

+690 

174 

+4.7 

174 

+492 

174 

1-7 

+728 

174 

+5.0 

174 

+981 

174 

1-8 

Solar  Bimodal 

+677 

181 

+5.7 

179 

+1223 

181 

1-9 

+632 

181 

+5.4 

179 

+469 

181 

1-10 

+666 

181 

+5.6 

179 

+900 

181 

1-11 

Solar  Thermal 

+1222 

168 

+6.7 

168 

+3300 

168 

1-12 

+1187 

168 

+6.5 

168 

+1319 

168 

1-13 

Nuclear  NH3  Arcjet 

a 

a 

a 

8 

a 

a 

1-14 

a 

a 

a 

8 

a 

a 

M5 

Nuclear  Hz  Arcjet 

a 

a 

a 

a 

a 

a 

1-16 

a 

a 

a 

a 

a 

a 

1-17 

Nuclear  Xe  SPT 

+106 

106 

+1.5 

106 

+403 

106 

1-18 

+28 

106 

+0.4 

106 

+16 

106 

1-19 

Nuclear  Xe  Ion 

+753 

137 

+11.7 

137 

+4798 

135 

1-20 

+645 

137 

+9.9 

137 

+309 

137 

1-21 

Solar  NH3  Arcjet 

+302 

65 

+2.1 

65 

+908 

65 

1-22 

+261 

65 

+1.8 

65 

+242 

65 

1-23 

Solar  Hz  Arcjet 

4671 

140 

+4.8 

140 

+1620 

140 

1-24 

+636 

140 

+4.5 

140 

+632 

140 

1-25 

Solar  Xe  SPT 

+1165 

81 

+8.5 

81 

+5055 

79 

1-26 

+1087 

81 

+7.9 

81 

+714 

81 

1-27 

Solar  Xe  Ion 

+1793 

99 

+13.3 

99 

+12859 

96 

1-28 

+1686 

99 

+12.4 

99 

+918 

99 

•Launch  vehicle  capabilities  exceeded:  technology  cannot  support  requirements.  Vox  Max  P/L  Mass,  the  payload 
power,  moves,  and  MMD  must  equal  that  of  the  baseline;  for  Max  P/L  Power  (or  Moves),  the  payload  mass,  MMD 
and  moves  (or  payload  power)  must  equal  that  of  the  baseline  (see  discussion  in  MOP  methodology). 
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'  Table  5-5.  ORM 1  (GEO):  Maximum  Additional  Payload  Mass,  Payload  Power, 
and  Maneuver  AV  That  Can  Be  Attained  With  Innovative  Technologies  Launched 

on  Delta  n 


No. 

Technology 

P/L  Mass 
(kg) 

%  Fairing 

P/L  Power 
(kW) 

%  Fairing 

Maneuver 
Av  (m/s) 

%  Fairing 

]  Delta  II  Baseline  Values 

rrr 

1  Baseline  Chemical 

1  172 

39 

1.0 

39 

1  26 

39 

1  Maximum  Additional  P/L  Mass,  P/L  Power,  and  Maneuver  AV 

1-2 

Chemical 

-5 

39 

0.0 

39 

-16 

39 

1-3 

Advanced  Ciyo 

+528 

71 

mmm 

71 

+2845 

74 

14 

+519 

71 

IBSI 

71 

+1148 

74 

1-5 

Nuclear  Bimodal 

ft 

ft 

a 

a 

ft 

a 

1-6 

ft 

ft 

a 

a 

a 

a 

1-7 

ft 

a 

ft 

a 

a 

a 

Hi 

Solar  Bimodal 

+1329 

206 

19 

mm 

+528 

206 

QQ 

BB9 

206 

206 

+985 

206 

BB 

Solar  Thermal 

9EI^^I 

KM 

mggm 

+3892 

mm 

B9 

li^Q 

■■ 

■IB 

■■ 

+1577 

■■ 

BB 

Nuclear  NH3  Arcjet 

a 

a 

a 

a 

a 

IQ 

ft 

a 

a 

a 

a 

a 

1-15 

Nuclear  H2  Arcjet 

a 

a 

a 

a 

a 

a 

1-16 

a 

a 

a 

a 

a 

a 

1-17 

Nuclear  Xe  SPT 

a 

a 

a 

a 

a 

a 

1-18 

a 

a 

a 

a 

'  a 

a 

1-19 

Nuclear  Xe  Ion 

-A1 

184 

184 

a 

a 

1-20 

-81 

184 

jjl^H 

184 

a 

a 

IBI 

Solar  NH3  Arcjet 

+262 

84 

+1.7 

+1257 

84 

19 

+249 

84 

+1.7 

84 

+367 

84 

IM 

Solar  H2  Arcjet 

+480 

187 

+3.3 

187 

+1944 

187 

1-24 

+469 

187 

+3.2 

187 

+780 

187 

1-25 

Solar  Xe  SPT 

+785 

106 

+5.5 

106 

+5528 

103 

1-26 

+760 

106 

+5.3 

106 

+807 

106 

1-27 

Solar  Xe  Ion 

+1153 

129 

+8.4 

129 

+13486 

126 

1-28 

+1120 

129 

+8.1 

129 

+989 

129 

*Launch  vehicle  capabilities  exceeded:  technology  cannot  support  requirements.  Tor  Max  P/L  Mass,  the  payload 
power,  moves,  and  MMD  must  equal  that  of  the  baseline;  for  Max  P/L  Power  (or  Moves\  the  payload  mass,  MMD 
and  moves  (or  payload  power)  must  equal  that  of  the  baseline  (see  discussion  in  MOP  methodology). 
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Additional  mass  and  power  results  for  electric  move  from  Table  5-3  through  Table 
5-5  are  plotted  in  Figure  5-9  and  Figure  5-10,  respectively.  The  lift  technolo^es  are  listed 
across  the  bottom  of  each  figure  and  the  additional  payload  mass  (or  electrical  power)  is 
^ven  on  the  vertical  axis.  Each  row  of  bars  represents  one  launch  vehicle  as  indicated: 
Titan  in  the  rear  (light  colored  bars),  Atlas  in  the  middle  (dark  bars),  and  Delta  in  front. 
Some  of  the  additional  masses  are  negative.  They  are  indicated  with  zero-height  bars. 
Missing  bars  indicate  that  the  technology  cannot  place  the  nominal  satellite  on-orbit,  even 
with  a  reduced  payload  mass  (or  electrical  power). 

Five  lift  technologies  produce  varying,  but  significant  benefits  with  all  three  launch 
vehicles: 


•  Solar  thermal 

•  Solar  electric  Xe  SPT 

•  Solar  electric  Xe  Ion 

•  Solar  bimodal  (to  a  lesser  extent) 

•  Solar  H2  arcjet  (also  to  a  lesser  extent) 

Nuclear  bimodal  and  nuclear  electric  Xe  ion  do  well  with  Titan,  moderately  well  with 
Atlas,  and  (except  for  solar  electric)  poorly  with  Delta.  The  poor  performance  of  nuclear 
technologies  with  Delta  II  is  caused  by  high  reactor  mass  and  Delta’s  low  throw  weight. 
Advanced  cryogenic  is  also  a  consistent  performer  across  launch  vehicles,  but  typically  at 
a  lower  level  than  the  bulleted  solar  technologies. 

Figures  5-11  and  5-12  show  the  tradeoff  between  additional  payload  mass  and 
payload  electrical  power  for  Titan  IV  and  Atlas  HAS,  respectively.  The  figures  assume 
zero  additional  AV.  The  baseline  capabilities  from  Table  5-2  are  indicated  with  a  circled 
X.  A  comparison  of  the  two  figures  substantiates  the  earlier  observation  that  nuclear 
technologies  perform  better  relative  to  solar  technologies  on  the  larger  Titan  launch 
vehicle.  The  figures  also  shows  that  no  technology  on  the  Atlas  IIAS  can  match  the  Titan 
baseline. 

5.4.3.2  ORM  2A  (MEO-GPS):  ADDITIONAL  CAPABILITIES  PROVIDED  BY  INNOVATIVE 
TECHNOLOGIES 

Table  5-6  presents  the  additional  payload  mass,  payload  power,  and  maneuver  AV 
results  for  ORM  2a  (MEO-GPS)  for  Atlas  IIAS  and  Delta  II.  Currently  Titan  IV  is  not 
used  to  launch  to  GPS  orbit.  Technology  combinations  are  again  taken  from  Table  4-8. 
Figure  5-13  shows  additional  payload  mass  and  Figure  5-14  shows  additional  payload 
electrical  power.  Again,  additional  AV  is  not  plotted.  With  the  exceptions  of  nuclear 
bimodal  on  the  Atlas  and  advanced  cryogenic  on  Delta,  the  standout  performers  are  the 
solar  technologies.  This  is  further  reinforced  by  Figure  5-15  and  Figure  5-16  which  trade 
payload  mass  and  additional  payload  electrical  power  for  zero  additional  AV. 
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Baseline 


Figure  5-9.  ORM  1  (GEO);  maximum  additional  on-orbit  payload  mass  that  can  be  attained 
using  innovative  technologies  launched  on  Atlas  HAS  and  Delta  IL 


Figure  5-10.  ORM  1  (GEO):  maximum  additional  on-orbit  payload  electric  power  that  can  be  attained 
using  innovative  technologies  launched  on  Titan  IV,  Atlas  HAS,  and  Delta  EL 


0009 


using  innovative  technologies  launched  on  Titan  IV. 


Table  5-6.  ORM  2a  (GPS):  Maximum  Additional  Payload  Mass,  Payload  Power, 
and  Maneuver  AV  That  Can  Be  Attained  With  Innovative  Technologies  Launched 

on  Atlas  IIAS  and  Delta  n 


No. 

Technology 

P/L  Mass 

%  Fairing 

P/L  Power 
(kW) 

%  Fairing 

Maneuver 
Av  (m/s) 

%  Fairing 

ATLAS  IIAS:  Baseline  Values 

2-1 

1  Baseline  Chemical 

1  1262 

44 

1 _ Lo _ 

44 

1 _ 81 _ 

44 

Maximum  Additional  P/L  Mass,  P/L  Power,  and  Maneuver  AV 

2-2 

Advanced  Ciyo 

+350 

53 

+1.7 

53 

+467 

53 

2-3 

Nuclear  Bimodal 

+901 

165 

6.0 

165 

+514 

165 

2-4 

Solar  Bimodal 

+980 

168 

+7.0 

171 

+591 

168 

2-5 

Solar  Thermal 

+1395 

159 

+7.2 

159 

+1146 

159 

2-6 

Nuclear  NHs  Arcjet 

-436 

96 

a 

■■ 

a 

■■ 

2-7 

Nuclear  H2  Arcjet 

-100 

150 

a 

-51 

2-8 

Nuclear  XeSPT 

+62 

115 

+0.8 

+29 

mKM 

2-9 

Nuclear  Xe  Ion 

+351 

138 

+5.0 

+152 

Ba 

Solar  NH3  Arcjet 

+702 

78 

+4.8 

78 

78 

Ml 

Solar  H2  Arcjet 

129 

+7.4 

129 

129 

2-12 

Solar  XeSPT 

91 

+8.9 

91 

91 

2-13 

Solar  Xe  Ion 

101 

+11.1 

101 

+760 

101 

DELTA  II:  Baseline  Values 

2-1 

Baseline 

387 

47 

1.0 

47 

81 

47 

Maximum  Additional  P/L  Mass,  P/L  Power,  and  Maneuver  AV 

2-2 

Advanced  Ciyo 

+772 

90 

+4.1 

90 

+1613 

90 

2-3 

Nuclear  Bimodal 

a 

a 

a 

8 

a 

a 

2-4 

Solar  Bimodal 

+707 

210 

+4.3 

197 

+773 

210 

2-5 

Solar  Thermal 

+891 

197 

+4.7 

197 

+1407 

197 

2-6 

Nuclear  NH3  Arqet 

-348 

145 

a 

a 

a 

a 

2-7 

Nuclear  Arcjet 

-210 

216 

a 

a 

a 

a 

2-8 

Nuclear  XeSPT 

-158 

165 

a 

a 

a 

a 

2-9 

Nuclear  Xe  Ion 

-59 

184 

-0.8 

184 

^1 

184 

2-10 

Solar  NH3  Arcjet 

+607 

103 

+4.2 

103 

+713 

103 

2-11 

Solar  H2  Arcjet 

+793 

171 

+5.6 

171 

+994 

171 

2-12 

Solar  XeSPT 

+956 

119 

+6.8 

119 

+920 

119 

2-13 

Solar  Xe  Ion 

+1134 

135 

+8.2 

135 

+966 

135 

*Launch  vehicle  capabilities  exceeded;  technology  cannot  support  requirements.  For  Max  P/L  Mass,  the  payload  power, 
moves,  and  MMD  must  equal  that  of  the  baseline;  for  Max  P/L  Power  {or  Moves\  the  payload  mass,  MMD  and  moves 
(or  payload  power)  must  equal  that  of  the  baseline  (see  discussion  in  MOP  methodology). 
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Figure  5-13.  ORM  2a  (GPS):  maxitnum  additional  on-orbit  payload  mass  that  can  be  attained 
using  innovative  technologies  launched  on  Atlas  UAS  and  Delta  IL 
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Figure  5-14.  ORM  2a  (GPS):  maximum  additional  on-orbit  payload  electric  power  that  can  be 
using  innovative  technologies  launched  on  Atlas  IIAS  and  Delta  n. 
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Payload  Power  (kW) 

Figure  5-15.  ORM  2a  (GPS):  payload  mass  and  payload  electrical  power  for  fixed  maneuver  AV 

using  innovative  technologies  launched  on  Atlas  IIAS. 


using  innovative  technologies  launched  on  Delta  IL 


5.4.3.3  ORM  3A  (LEO-POLAR):  ADDITIONAL  CAPABILITIES  PROVIDED  BY  INNOVATIVE 
TECHNOLOGIES 

Table  5-7  show  the  results  of  the  additional  capability  for  ORM  3a  (LEO-polar) 
using  the  Atlas  HAS,  Delta  E,  and  Lockheed  Launch  Vehicle  3  (LLV3).  We  have 
included  LLV3  because  it  has  a  known  baseline  technology  capability  and  is  considered 
later  in  this  chapter  as  a  step-down  option  for  Delta.  The  innovative  technologies  have 
little  opportunity  to  take  advantage  of  their  higher  I,p  values  because  of  the  small  AV 
requirements  for  ORM  3a  to  raise  the  orbit  a  few  hundred  kilometers.  Thus  improvements 
in  on-oibit  payload  mass,  payload  electrical  power,  and  AV  are  minimal  except  for 
advanced  cryogenic  with  Delta.  The  improvement  for  advanced  cryogenic  with  Delta 
comes  from  substituting  the  cryogenic  upper  stage  for  the  second-stage  and  upper-stage 
PAM.  Because  the  additional  capabilities  for  ORM  3a  are  generally  minimal  and  the 
technologies  few,  we  have  not  plotted  the  results. 

5.4.3.4  ORM  4  (HEO):  ADDITIONAL  CAPABILITIES  PROVIDED  BY  INNOVATIVE 
TECHNOLOGIES 

The  semimajor  axes,  hence  energies,  of  ORM  4  (HEO)  and  ORM  2a  (MEO-GPS) 
are  nearly  identical.  Thus  it  is  to  be  expected  that  the  same  technologies  will  show 
comparable  results  for  the  two  ORMs.  The  results  of  the  additional  capability  for  HEO 
are  presented  in  Table  5-8.  Ewe  compare  Table  5-6  and  Table  5-8,  we  see  the  same 
technologies  do  have  essentially  comparable  results.  Because  of  the  similar  increases  in 
performance  and  the  limited  number  of  technologies  for  ORM  4  (HEO),  we  have  not 
plotted  the  results  from  Table  5-8.  There  are  fewer  technologies  for  ORM  4  (HEO) 
because  the  electric  technologies  are  not  well  suited  for  transfers  to  HEO  with  its  large 
orbital  eccentricity. 

5.4.3.5  SUMMARY  OF  ADDITIONAL  CAPABILITIES  PROVIDED  BY  INNOVATIVE 
TECHNOLOGIES 

Figures  5-17  and  5-18  summarize  by  ORM  and  technology  the  additional  payload 
mass  and  electrical  power  that  can  be  placed  in  mission  orbit  using  the  innovative 
technologies.  The  ORMs  are  organized  by  launch  vehicle  at  the  top  of  each  figure. 

The  baseline  capability  from  Table  5-2  is  shown  for  reference  below  each  ORM.  The 
technologies  are  identified  on  the  left  of  each  figure.  All  the  innovative  lift  technologies 
are  represented,  but  only  the  best  performing  of  the  subtechnologies  are  shown.  The 
summary  results  consist  of  the  multipliers  of  the  baseline  values  corresponding  to  each 
ORM-technology  pair.  For  example,  for  a  5  kW  power  payload  (see  Table  5.2),  Titan  IV 
can  lift  a  baseline  payload  mass  of  2254  kg  to  GEO.  In  contrast,  if  the  solar  thermal 
innovative  technology  were  used.  Titan  IV  could  lift  approximately  2.3  x  2254  kg  (as 
indicated  by  the  2.3  appearing  in  the  solar  thermal/Titan  IV/GEO  box). 

All  multipliers  greater  than  1.0  are  given  numerically,  with  multipliers  greater  than  2.0 
appearing  in  the  more  heavily  shaded  boxes.  Combinations  performing  more  poorly  than 
the  baseline  are  indicated  by  blank,  heavily  shaded  boxes.  The  lighter  shaded  blank  boxes 
indicate  the  technologies  are  unsuitable  for  the  corresponding  ORMs. 
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Table  5-7.  ORM  3a  (LEO-Polar):  Maximum  Additional  Payload  Mass,  Payload 
Power,  and  Maneuver  AV  That  Can  Be  Attained  With  Innovative  Technologies 
Launched  on  Atlas  HAS,  Delta  U,  and  LLV3 


Technology 


Baseline  Chemical 


P/LMass  %  Fairing  P/L  Power  %  Fairing  Maneuver 
(kg)  (kW)  Av(ni/s) 


ATLAS  HAS:  Baseline  Values 


3-2 

Direct 

3-3 

Ciyo 

3-5 

Solar  H2  Arcjet 

3-6 

Solar  NHsArcjet 

3-7 

Solar  N2H4  Arcjet 

3-8 

Solar  SPT 

3-9 

Solar  Xe  Ion 

Maximum  Additional  P/L  Mass,  P/L  Power,  and  Maneuver  AV 


-1.3 

107 

+1.2 

126 

-0.6 

118 

-6.4 

-6.6 

-0.4 

115 

-6.5 

115 

DELTA  II:  Baseline  Values 


Baseline  Chemical 


Maximum  Additional  P/L  Mass,  P/L  Power,  and  Maneuver  AV 


3-2 

Direct 

-38 

3-3 

Ciyo 

+1978 

3-5 

Solar  H2  Arcjet 

+32 

3-6 

Solar  NH3  Arcjet 

+98 

3-7 

Solar  N2lli  Arcjet 

+52 

3-8 

Solar  SPT 

+102 

3-9 

Solar  Xe  Ion 

+76 

129 

135 

135 


LLV3:  Baseline  Values 


Baseline  Chemical 


3-2 

Direct 

3-3 

Ciyo 

3-5 

Solar  H2  Arcjet 

3-6 

Solar  NH3  Arcjet 

3.7 

Solar  N2H4  Arcjet 

3-8 

Solar  SPT 

3-9 

Solar  Xe  Ion 

Maximum  Additional  P/L  Mass,  P/L  Power,  and  Maneuver  AV 


%  Fairing 


232 

+1169 

239 

+25 

+75 

H 

129 

+40 

129 

132 

+77 

135 

135 

+56 

135 

launch  vehicle  capabilities  exceeded;  technology  cannot  support  requirements.  For  Max  P/L  Mass,  the  payload 
power,  moves,  and  MMD  must  equal  that  of  the  baseline;  for  Max  P/L  Power  (or  Moves),  the  payload  mass,  MMD 
and  moves  (or  payload  power)  must  equal  that  of  the  baseline  (see  discussion  in  MOP  methodology). 

*’OECS  has  no  LLV3  lift  propulsion  design  for  comparison. 
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Table  5-8.  ORM  4  (HEO):  Maximum  Additional  Payload  Mass,  Payload  Power,  and 
Maneuver  AV  That  Can  Be  Attained  With  Innovative  Technologies  Launched  on 
Titan  IV,  Atlas  DAS,  and  Delta  n 


No. 

Technology 

P/L  Mass 
(kg) 

%  Fairing 

P/L  Power 
(kW) 

%  Fairing 

Maneuver 

AV(in/s) 

%  Fairing 

1  TITAN  IV:  Baseline  Values 

[±1 

Baseline  Direct* 

1665 

14 

2.8 

14 

190 

1  Maximum  Additional  P/L  Mass, 

P/L  Power,  and  Maneuver  AV 

la 

Direct 

+65 

14 

+0.3 

14 

+130 

14 

m 

Ciyo 

b 

b 

b 

b 

b 

b 

la 

Nuclear  Bimodal 

+4556 

83 

+35.3 

83 

+3567 

83 

la 

Solar  Bimodal 

+3828 

76 

+27.2 

70 

+2867 

76 

ESI 

Solar  Thermal 

+4726 

72 

+28.7 

72 

+4695 

72 

1  ATLAS  HAS:  Baseline  Values 

Ui 

Direct 

852 

49 

2.8 

49 

190 

49 

1  Maximum  Additional  P/L  Mass, 

P/L  Power,  and  Maneuver  AV 

la 

Direct 

+77 

50 

+0.4 

50 

+221 

50 

la 

Cryo 

+367 

57 

+2.0 

57 

+964 

57 

la 

Nuclear  Bimodal 

+787 

154 

+5.7 

154 

+1239 

154 

la 

Solar  Bimodal 

+998 

157 

+6.5 

159 

+1682 

157 

m 

Solar  Thermal 

+1194 

149 

+6.9 

149 

+2527 

149 

1  DELTA  II:  Baseline  Values 

Direct  |  365 

48 

1.0 

48 

95 

48  1 

1  Maximum  Additional  P/L  Mass, 

P/L  Power,  and  Maneuver  AV 

la 

Direct 

-5 

48 

0.0 

48 

-31 

48 

la 

Cryo 

+663 

90 

+3.8 

90 

+2777 

90 

la 

Nuclear  Bimodal 

C 

C 

c 

C 

C 

C 

la 

Solar  Bimodal 

+646 

197 

+4.2 

184 

+1892 

197 

la 

Solar  Thermal 

+794 

184 

+4.6 

184 

+3134 

184 

*ritan  rV  does  not  go  directly  into  HEO,  but  into  an  orbit  with  a  slightly  lower  perigee  which  is  raised  using  an  integral 
bipropellant  system.  Atlas  and  Delta  go  directly  into  HEO. 
cryo  stage  is  not  used  with  the  Titan  IV  (see  note  a). 


T^aunch  vehicle  capabilities  exceeded:  technology  cannot  support  requirements.  Yox  Max  P/L  Mass,  the  payload  power, 
moves,  and  MMD  must  equal  that  of  the  baseline;  for  Max  P/L  Power  {or  Moves),  the  payload  mass,  MMD  and  moves 
(or  payload  power)  must  equal  that  of  the  baseline  (see  discussion  in  MOP  methodology). 
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Titan  IV  Atlas  MAS  Delta  II  LLV3 


ne  payload  mass  that  can  be  placed  in  mission  orbit 
'e  technologies. 


Figure  5-18.  Summary  of  the  multiple  of  the  baseline  payload  electric  power  that  can  be  placed  in  mission  orbit 

using  innovative  technologies. 


In  a  pattern  evident  throughout  the  efTectiveness  summaries,  the  solar  technologies 
perform  well  across  all  ORMs  and  launch  vehicles,  while  nuclear  bimodal  and  nuclear 
electric  perform  competitively  on  Titan  and  Atlas.  Solar  ion  is  generally  the  best 
performer.  As  mentioned  earlier,  advanced  cryogenic  performs  very  well  on  the  Delta 
because  it  is  replacing  the  second  stage  and  the  relatively  small  PAM  chemical  upper 
stage. 

5.4.3.6  MOP  2-3:  IMPACTS  OF  PROPULSION  AND  POWER  SUBSYSTEMS  ON  THE 
SATELLITE 

Figure  3-1  in  Chapter  3  identified  which  DECS  technologies  remain  with  the  satellite 
after  lift  and  which  separate.  The  baseline  chemical  and  advanced  cryogenic  upper  stages 
separate.  The  same  is  true  for  solar  thermal  stages,  and  at  least  some  of  the  arrays  in  the 
solar  electric  stage  are  likely  to  be  discarded.  However,  the  nuclear  and  solar  bimodal  and 
nuclear  electric  stages  are  integral  with  the  satellite  and  do  not  separate. 

In  light  of  these  differences,  the  innovative  technologies  are  sure  to  have  some  impact, 
perhaps  substantial,  on  both  satellite  and  payload  designs.  While  it  was  not  within  the  scope 
of  the  OECS  to  examine  these  impacts.  Table  5-9  summarizes  some  possibilities.  An  X 
indicates  a  potential  impact,  but  in  no  way  implies  that  a  serious  problem  exists.  Only 
detailed  engineering  and  testing  can  provide  reliable  assessments  of  impact. 


Table  5-9.  Potential  Impacts  of  Innovative  Technologies  on  Selected  Areas 


Innovative  Technology 

Impact 

Advanced 

Cryogenic 

Nuclear 

Bimodal 

Solar 

Bimodal 

Solar 

Thermal 

Nuclear 

Electric 

Solar 

Electric 

Payload  Prelaunch 
Handling 

X 

X 

X 

Payload  Placement 
on  Satellite 

X 

X 

X 

Satellite  Radiation 
Environment 

X 

X 

Satellite  Thermal 
Environment 

X 

X 

X 

Payload 

Design 

X 

X 

X 

X 

Satellite  On-Orbit 
Dynamics 

X 

X 

X 

120 


5.5  MOE  3:  ALTERNATIVE  LAUNCH  APPROACHES 

5.5.1  Background  and  MOPs 

MOE  3  examines  the  potential  of  the  innovative  technologies  to  off-load 
payloads  from  the  baseline-technology  launch  vehicles  to  smaller  launch  vehicles. 

This  is  known  as  step-down.  Step-down  is  desirable  because  launch  vehicle  cost 
decreases  rapidly  with  decreasing  capability  (see  Table  6.2).  We  examine  the 
following  specific  step-downs:  Titan  to  Atlas,  Titan  to  Delta,  Atlas  to  Delta,  and 
Delta  to  LLV3.  Additionally,  we  make  point  estimates  of  the  capability  needed  by 
hypothetical  new  launch  vehicles  using  innovative  upper  stages  to  replace  the 
existing  baseline  capability. 

We  have  defined  three  MOPs  to  support  MOE  3: 

•  MOP  3-1 :  Potential  for  payload  step-down 

•  MOP  3-2:  Sizing  of  hypothetical  future  launch  vehicles 

•  MOP  3-3:  Impact  of  step-down  on  launch  vehicles 

The  first  MOP  determines  what  fraction  of  a  given  representative  payload  can  be 
stepped  down.  The  second  indicates  what  capabilities  might  be  reasonable  in  new  launch 
vehicles  using  innovative  technologies.  The  third  determines  the  approximate  fairing 
volumes  associated  with  each  step-down. 

5.5.2  Methodology  and  Results 

MOP  3-1  and  MOP  3-2  are  discussed  separately  below.  Our  data  on  MOP  3-3  are 
integrated  into  both  discussions.  The  discussion  of  how  we  estimated  the  required  fairing 
volumes  was  presented  earlier  in  this  chapter  (Section  5.3.3. 1). 

5.5.2. 1  MOP  3-1 :  STEP-DOWN  POTENTIAL  OF  INNOVATIVE  TECHNOLOGIES 

We  define  step-down  potential  as  “the  percentage  of  the  payload  mass  defined 
in  Table  5-2  that  can  be  stepped  down  to  a  smaller  launch  vehicle.”  For  example, 
the  Titan-Centaur  can  place  2254  kg  of  payload  mass  into  ORM  1  (GEO).  If  an 
innovative  upper  stage  technology  atop  Atlas  could  deliver  2000  kg  of  payload 
mass  with  identical  payload  electrical  power  and  maneuver  AV,  the  corresponding 
step-down  potential  would  be  89%.  We  assume  that  payload  electrical  power, 

MMD,  and  maneuver  AV  from  Table  5-2  are  unchanged  when  determining  the 
percentage  payload  mass  that  can  be  stepped  down.  This  definition  is  one  of 
several  step-down  measures  that  were  considered  for  MOP  3-1.  It  was  selected 
because  it  is  straightforward  and  easily  understood. 

Step-down  potential  is  calculated  with  the  OCEM  model  in  bottom-up  mode. 
Percentages  below  100%  indicate  complete  payload  step-down  is  not  possible. 
Percentages  greater  than  100%  indicate  that  more  than  complete  step-down  is  possible. 
Tables  5-10 — 5-13  present  the  step-down  results  for  ORMs  1,  2a,  3a,  and  4. 
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Table  5-10.  ORM  1  (GEO):  Percent  of  Baseline  Payload  That 
Can  Be  Stepped  Down  Using  Innovative  Technologies 

Titan  IV  Baseline  I  Atlas  IIAS  Baseline  i  Delta  n  Baseline 


*l^ercent  of  target  vehicle’s  largest  fairing  volume. 

*^OECS  has  no  LLV3  lift  propulsion  designs  for  comparison. 
**Nuclear  bimodal  does  not  fit  on  a  Delta. 


Table  5-11.  ORM  2a  (GPS-MEO):  Percent  of  Baseline  Payload  That 
Can  Be  Stepped  Down  Using  Innovative  Technologies 


Atlas  nAS  Baseline 

Delta  n  Baseline 

Payload 

Payload  Power 
AV 

MMD 

1262  kg 
l.OkWEOL 
80.6  m/s 

10  yr 

Payload 

Payload  Power 
AV 

MMD 

387  kg 
l.OkWEOL 
80.6  m/s 

10  yr 

Atlas  DAS  to  Delta  n 

Delta  n  to  LLV3 

No. 

Technology 

%  Step- 
down* 

%  Fairing" 

%  Step- 
down* 

%  Fairing" 

2-2 

Advanced  Cryo 

91 

90 

c 

c 

2-3 

Nuclear  Bimodal 

51 

234 

d 

d 

2-4 

Solar  Bimodal 

87 

210 

159 

96 

2-5 

Solar  Thermal 

100 

197 

212 

83 

2-6 

Nuclear  NH3  Arcjet 

3 

146 

0 

0 

2-7 

Nuclear  H2  Arcjet 

14 

216 

0 

0 

2-8 

Nuclear  Xe  SPT 

18 

165 

0 

0 

2-9 

Nuclear  Xe  Ion 

26 

185 

0 

0 

2-10 

Solar  NH3  Arcjet 

78 

102 

109 

34 

2-11 

Solar  H2  Arcjet 

93 

172 

129 

58 

2-12 

Solar  Xe  SPT 

106 

120 

159 

40 

2-13 

Solar  Xe  Ion 

.i7 _ -1 _ » _ _ 1 

120 

134 

189 

45 

unchanged. 

4^ercent  of  target  vehicle’s  largest  fairing  volume. 

®OECS  has  no  LLV3  lift  propulsion  designs  for  comparison. 
‘^Nuclear  bimodal  does  not  fit  on  a  Delta. 


power,  maneuver  AV,  and  MMD 


The  nature  of  the  step-down  is  indicated  at  the  top  of  each  table  along  with  a 
description  of  the  nominal  payload  characteristics  from  Table  5-2.  Only  the  best  performing 
technology  combination  for  each  lift  technology  is  represented.  Estimated  combined  upper 
stage  and  satellite  volumes  are  compared  with  the  smaller  launch  vehicle’s  largest  fairing 
volumes. 

ORM  1  (GEO) 

From  Table  5-10  we  find  the  following: 

•  While  we  cannot  completely  replace  Titan  IV  with  Atlas  for  any  innovative 
technology  (84%  step-down  for  solar  Xe  ion),  several  technologies  can  step 
down  more  than  50%  of  the  mass  of  a  Titan  IV  payload. 
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Table  5-12.  ORM  3a  (LEO-Polar):  Percent  of  Baseline  Payload  That 
Can  Be  Stepped  Down  Using  Innovative  Technologies 


Atlas  nAS  Baseline 

Delta  n  Baseline 

Payload 

3843  kg 

Payload 

1890  kg 

Payload  Power 

lOkWEOL 

Payload  Power 

1.3kWEOL 

AV 

120  m/s 

AV 

20  m/s 

MMD 

7yr 

MMD 

5.5  yr 

Atlas  HAS  to  Delta  n 

Delta  n  to  LLV3 

No. 

Technology 

%  Step-down 

%  Fairing* 

%  Step-down 

%  Fairing* 

Direct 

39 

127 

61 

51 

Ciyo 

89 

234 

b 

b 

Solar  NHsArcjet 

MM 

MM 

74 

57 

3-6 

Solar  H2  Arcjet 

MM 

mm 

70 

59 

3-7 

Solar  N2H4  Arcjet 

47 

130 

72 

56 

3-8 

Solar  SPT 

48 

134 

75 

56 

3-9 

Solar  Xe  Ion 

47 

134 

74 

58 

*Percent  of  target  vehicle’s  fairing  volume. 

'’OECS  had  no  LLV3  lift  propulsion  design  for  comparison. 


•  A  number  of  innovative  technologies  can  provide  complete  step-down  from 
Atlas  HAS  to  Delta  II  and  Delta  II  to  LLV3. 

•  The  Delta  fairing  appears  too  small  to  accommodate  Atlas  HAS  to  Delta  step- 
down. 

•  The  LLV3  has  a  large  fairing  and  appears  to  accommodate  the  technologies 
required  for  step-down  from  Delta  II. 

•  The  most  promising  technologies  are  solar  bimodal,  solar  thermal,  and  solar 
electric  (although  all  have  potential  fairing  volume  problems). 

•  Nuclear  technologies  are  not  suited  to  step  down  to  the  smaller  launch  vehicles. 

ORM  2a  (GPS-MEO) 

From  ORM  2a  (GPS-MEO)  in  Table  5-1 1,  we  see  only  Atlas  to  Delta  and  Delta  to 
LLV3  step-downs  are  of  interest.  (Titan  is  not  required  for  any  of  the  OECS  parametric 
payloads.)  In  both  instances  there  are  innovative  technologies  that  appear  capable  of 
complete  step-down,  although  fairing  volumes  are  a  potential  issue  in  the  Atlas  to  Delta 
case.  The  solar  technologies  are  again  the  most  promising. 

ORM  3a  (LEO-Polar) 

The  results  of  Table  5-12  show  some  step-down  potential,  but  no  innovative 
technology  can  provide  complete  step-down.  The  relatively  low  AV  required  to  place  the 
payload  into  a  LEO  polar  orbit  from  parking  orbit  severely  reduces  the  advantage  of  the 
higher  Itp’,  of  the  innovative  technologies. 
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0RM4(HE0) 

Table  5-13  shows  several  of  the  innovative  technologies  can  provide  Titan  IV  with 
complete  step-down  for  ORM  4  (HEO),  unlike  the  situation  for  ORM  1  (GEO).  This 
occurs  because  Titan  does  not  employ  Centaur  in  transferring  to  HEO,  whereas  Atlas 
does.  This  narrows  the  performance  gap  between  the  two  launchers  and  enables  the  step- 
down.  Solar  bimodal  and  solar  thermal  realize  almost  50%  step-down  to  Delta  from  Titan 
and  over  100%  from  Delta  to  LLV3. 

5.5.2.2  SUMMARY  OF  STEP-DOWN  POTENTIAL  OF  INNOVATIVE  TECHNOLOGIES 

Figure  5-19  summarizes  the  step-down  potential  shown  in  Table  5-10  through  Table 
5-13.  The  format  of  the  figure  is  similar  to  that  used  to  summarize  additional  payload  mass 
and  electrical  power  in  Section  5.4.  The  step-down  is  identified  at  the  top  of  the  Figure  5- 
19  (e.g..  Titan  to  Atlas).  Titan  to  Delta  is  omitted  due  to  lack  of  significant  step-down 
potential.  The  relevant  ORMs  are  indicated  below  the  step-down.  The  abbreviations  for 
the  ORMs — GEO,  MEO,  LEO,  and  HEO — correspond  to  ORMs  1  (GEO),  2a  (MEO- 
GPS),  3a  (LEO-Polar),  and  4  (HEO).  Immediately  below  the  ORM  designations  are  the 
payload  masses  of  the  representative  baseline  technology,  which  are  repeated  from  Table 
5-2.  These  are  the  masses  on  which  the  results  are  based.  The  lift  technologies  are  listed 
on  the  left.  Only  the  top-performing  nuclear  electric  technology  and  the  three  top¬ 
performing  solar  electric  technologies  are  included  in  the  summary. 

A  summary  box  is  located  at  the  intersection  of  each  technology  row  and  ORM 
column.  Boxes  containing  numbers  indicate  the  step-down  potential  as  the  ratio 

step  -  down  payload  mass 
baseline  -  technology  payload  mass 

where  the  appropriate  step-down  payload  mass  from  the  aforementioned  tables  represents 
the  best  result  for  each  technology.  Ratios  less  than  one  indicate  partial  payload  step- 
down;  ratios  greater  than  one  indicate  complete  step-down  with  remaining  vehicle  lift 
margin  or,  alternatively,  greater  payload  mass  in  the  indicated  ratio.  Darkly  shaded  blank 
boxes  indicate  no  step-down  is  possible;  lighter-shaded  blank  boxes  indicate  the 
technology  is  not  suitable  for  the  indicated  combination. 

Looking  across  all  possible  step-downs  and  ORMs,  the  solar  technologies  appear  to 
be  the  best  performers.  Nuclear  bimodal  is  competitive  for  Titan  to  Atlas  step-down  only. 
The  good  performance  of  advanced  cryogenic  for  Atlas  HAS  to  Delta  step-down  is  worth 
noting. 
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Titan  to  Atlas  Atlas  to  Delta  Delta  to  LLV3 

GEO  HEO  GEO  MEO  LEO  HEO  GEO  MEO  LEO  HEO 


Figure  5-19.  Summary  of  the  multiple  of  the  baseline  payload  mass  that  can  be  stepped  down  to  a  smaller  launch  vehicle. 


5.5.2.3  MOP  3-2:  CAPABILITY  OF  HYPOTHETICAL  NEW  LAUNCH  VEHICLE 

Step-down  potential  assesses  the  capabilities  of  the  innovative  technologies  when 
used  in  conjunction  with  existing  launch  vehicles.  MOP  3-2  addresses  an  equally 
interesting  question;  If  hypothetical  launch  vehicles  were  combined  with  the  innovative 
technologies,  what  lift  capabilities  would  they  need  to  duplicate  the  existing  baseline  lift? 

OCEM  generates  the  results  for  this  MOP  using  a  top-down  approach.  Based 
on  the  satellite  characteristics  of  Table  5-2  and  the  innovative  propulsion  and 
electrical  power  technologies,  OCEM  determines  the  launch  vehicle  drop-off  mass 
for  a  specific  drop-off  orbit  needed  to  place  the  complete  representative  payload 
into  mission  orbit.  This  is  the  mass  a  future  launch  vehicle  would  need  to  lift  into 
the  drop-off  orbit  assuming  the  innovative  technology  is  used  for  the  upper  stage. 
Estimates  of  payload  fairing  requirements  are  shown  on  the  table  as  well.  The 
results  from  this  analysis  are  presented  in  Table  5-14  through  Table  5-17  for 
ORM  1  (GEO),  ORM  2a  (MEO-GPS),  ORM  3a  (LEO-Polar),  and  ORM  4 
(HEO),  respectively. 

The  step-down  is  indicated  at  the  top  of  Tables  5-14-5-17,  as  is  the  definition 
of  the  representative  payload  and  maneuver  characteristics  from  Table  5-2.  Below 
this  information  are  other  types  of  data:  the  throw  weight  in  kilograms  of  the 
hypothetical  new  launch  vehicle  needed  to  duplicate  the  baseline  performance;  the 
corresponding  capability  of  the  current  launch  vehicle  to  deliver  mass  to  the  same 
drop-off  conditions;  the  fairing  volume  estimate  for  the  innovative  technology 
based  on  the  largest  current  fairings;  and  the  relevant  perigee-by-apogee  altitudes 
of  the  drop-off  orbit  (inclination  is  chosen  to  minimize  plane  change  with  the 
innovative  lift  technology  [see  Section  4.9]). 

Results  are  presented  for  the  best  instance  of  each  lift  technology.  As 
anticipated  from  the  step-down  potential  results,  the  throw  weight  of  the 
hypothetical  new  launch  vehicle  typically  is  less — often  substantially  less — ^than 
the  corresponding  baseline  throw  weight.  Exceptions  occur  for  the  nuclear  electric 
and  advanced  cryogenic  technologies.  The  difficulties  of  the  nuclear  electric 
technologies  are  directly  related  to  the  mass  of  the  reactor.  The  explanation  for 
the  advanced  cryogenic  is  given  in  the  next  paragraph.  With  the  exception  of  the 
advanced  cryogenic,  the  throw  weight  of  the  hypothetical  new  launch  vehicle 
corresponds  to  a  zero  margin  for  the  launch  vehicle. 

We  have  a  unique  situation  with  the  advanced  cryogenic  resulting  from  the 
replacement  of  one  cryogenic  upper  stage  with  another  cryogenic  upper  stage.  For 
example,  in  Table  5-14  the  advanced  cryogenic  upper  stage  directly  replaces  the 
current  Titan  or  Atlas  Centaur  cryogenic  stage  and  uses  the  same  orbital  transfer 
strategy.  Since  the  drop-off  conditions  are  the  same  for  both  upper  stages  and 
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Table  5-14.  ORM  1  (GEO);  Throw  Weights  Required  of  Hypothetical  Launch  Vehicle  to  Allow  100%  Step-down 

from  Baseline  Launch  Vehicles 


I  1-27  I  Solar  Xe  Ion  |  8776  j  17883  |  75  j  370x370  |  3266  |  7839  |  27  370x370 

‘Volume  based  on  original  launch  vehicle  fairing. 


Table  S-14.  (concluded) 


Step-down  from  Delta  n 

Payload 

Payload  Power 

AV 

MMD 

2254  kg 
5.0kWEOL 
51.6  m/s 

10  yr 

No. 

Technology 

Throw 

Weight 

(kg) 

Delta 

Throw 

Weight 

(kg) 

Fairing 

Volume* 

(m*) 

Perigee  x 
Apogee 
(km) 

1-3 

Advanced  Ciyo 

1819 

1819 

12 

OxGTO 

1-5 

Nuclear  Bimodal 

b 

b 

b 

b 

1-8 

Solar  Bimodal 

3626 

4991 

46 

185x185 

1-11 

Solar  Thermal 

2411 

4991 

31 

185x185 

1-13 

Nuclear  NH3  Arcjet 

8972 

4787 

65 

370x370 

1-15 

Nuclear  H2Arcjet 

7375 

4787 

104 

370x370 

1-17 

Nuclear  Xe  SPT 

5993 

4787 

57 

370x370 

1-19 

Nuclear  Xe  Ion 

4910 

4787 

58 

370x370 

■Bl 

Solar  NHj  Arcjet 

3432 

4787 

18 

370x370 

1-23 

SoalrH2  Arcjet 

2938 

4787 

35 

370x370 

1-25 

Solar  Xe  SPT 

2286 

4787 

15 

370x370 

1-27 

Solar  Xe  Ion 

1 _ A _  _  •  •  11  1 

1898 

4787 

15 

370x370 

'Volume  based  on  original  launch  vehicle  fairing. 
'Nuclear  bimodal  does  not  fit  on  Delta  n. 


since  the  Centaur  places  exactly  the  representative  payload  into  mission  orbit,  the 
advanced  cryogenic  upper  stage  need  only  duplicate  the  Centaur  performance.  However, 
because  the  advanced  cryogenic  is  more  capable  than  Centaur,  it  could  place  more  payload 
mass  in  mission  orbit — something  not  being  measured  in  this  MOP.  This  is  equivalent  to 
saying  there  is  a  launch  vehicle  margin  for  these  cases. 

The  results  shown  in  Table  5-14  for  step-down  from  Titan  for  ORM  1  (GEO)  are 
possibly  the  most  interesting,  as  the  results  for  MOP  3-2  indicated  that  none  of  the 
innovative  technologies  allowed  complete  step-down  to  Atlas.  Significant  throw  weight 
reductions  are  achievable  for  all  the  electric  technologies,  and  the  nuclear  bimodal  and 
nuclear  Xe  technologies.  This  is  a  clear  indication  that  while  Titan  to  GEO  cannot  be 
replaced  using  any  of  the  OECS  innovative  technologies  on  Atlas,  these  same  technologies 
can  substantially  reduce  the  size  of  any  new  heavy  launch  vehicle  designed  to  perform  like 
today’s  Titan  FV. 
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Table  5-15.  ORM  2a  (GPS);  Throw  Weights  Required  of  Hypothetical  Launch  Vehicle  to  Allow  100%  Step-down 

from  Baseline  Launch  Vehicles 
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Table  5-16.  ORM  3a  (LEO-Polar):  Throw  Weights  Required  of  Hypothetical  Launch  Vehicle  to  Allow  100%  Step-down 

from  Baseline  Launch  Vehicles 
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Table  5-17.  ORM  4  (HEO):  Throw  Weights  Required  of  Hypothetical  Launch  Vehicle  to  Allow  100%  Step-down 

from  Baseline  Launch  Vehicles 


Table  5-17.  (concluded) 


Step-down  from  Delta  n 

Payload  365  kg 

Payload  Power  l.OkWEOL 

AV  95  m/s 

MMD  5  yr 

No. 

Technology 

Throw 

Weight 

(kg) 

Delta  n 
Throw 
Weight 
(kg) 

Fairing 

Volume* 

(m") 

Perigee  x 
Apogee 
(km) 

Direct 

1261 

1254 

15 

1000x39,464 

la 

Ciyo 

1261 

2890 

15 

1000x39,464 

IB 

Nuclear  Bimodal 

C 

C 

C 

C 

am 

Solar  Bimodal 

2858 

4447 

40 

185x185 

la 

Solar  Thermal 

2398 

4447 

31 

185x185 

•Volume  based  on  original  launch  vehicle  fairing. 

**Cryo  is  not  used  with  Titan  IV;  step-down  with  this  technology  is  not  applicable. 
^Nuclear  bimodal  does  not  fit  on  Delta  n 


5.5.2.4  SUMMARY  OF  REQUIREMENTS  FOR  HYPOTHETICAL  NEW  LAUNCH  VEHICLE 

The  results  of  Table  5-14  through  Table  5-17  are  summarized  in  Figure  5-20.  The 
format  of  this  summary  is  again  similar  to  previous  effectiveness  summaries.  The  baseline 
launch  vehicles  and  ORMs  are  given  at  the  top  of  the  figure  with  technologies  at  the  left. 
Again,  only  the  best  nuclear  electric  technology  and  the  three  best  solar  electric 
technologies  appear  in  the  summary. 

Numbers  in  the  boxes  again  indicate  MOP  effectiveness,  this  time  giving  the  ratio 

required  throw  weight  of  hypothetical  new  launch  vehicle 
comparable  throw  weight  of  baseline  vehicle 

For  this  ratio,  smaller  numbers  represent  better  performance,  which  is  a  change  from 
previous  summaries.  One  caution  is  required  when  interpreting  the  above  ratios:  each 
comparison  represents  only  one  point  of  comparison  and  therefore  is  only  suggestive 
of  an  achievable  reduction  in  throw  weight. 

Empty,  darkly  shaded  boxes  indicate  the  need  for  greater  throw  weight  than  the 
baseline  provides.  The  empty,  lighter-shaded  boxes  once  again  indicate  unsuitable 
technologies.  The  advanced  cryogenic  ratio  is  everywhere  1.0  in  accordance  with  the 
explanation  given  above. 
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As  would  be  expected  from  all  previous  results,  the  solar  technologies  are  consistently 
the  best  performers  regardless  of  baseline  launch  vehicle  or  ORM.  Nuclear  bimodal  does 
well  with  respect  to  Titan  and  adequately  with  respect  to  Atlas.  No  innovative  technology 
provides  a  significant  advantage  for  the  OECS  LEO-Polar  ORM. 
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6.  COST  ANALYSIS 


6.1  INTRODUCTION 

Analyzing  the  cost  of  developing  a  technology  and  incorporating  it  into  a  system  is 
not  easy.  While  it  is  partly  a  matter  of  extrapolating  from  past  cost  data  and  using  hard¬ 
core  engineering  cost  figures,  it  is  largely  a  matter  of  judgment  based  on  experience. 
Single-system  point  estimates  of  the  cost  of  future  systems  tend  to  be  unreliable.  Relative 
point  estimates  of  competing  concepts  are  more  credible  for  a  number  of  reasons.  First, 
since  competing  concepts  typically  share  many  elements  in  common,  the  estimation  errors 
in  those  elements  are  shared  as  well,  thereby  diminishing  their  importance.  Second,  if  the 
costs  of  ail  the  concepts  are  determined  under  the  same  ground  rules,  then  the 
methodology  will  be  consistent.  Bias — ^be  it  optimistic,  pessimistic,  or  neutral — ^tends  to 
affect  all  concepts  similarly.  DECS  cost  estimates  are  relative  estimates.  They  were 
produced  by  a  single  cost  group  under  one  set  of  operating  rules.  Because  operations  and 
support  (O&S)  costs  of  the  satellite  payload  and  bus  are  not  included,  OECS  cost 
estimates  are  not  life  cycle  cost  (LCC)  estimates.  Instead,  OECS  costs  are  expressed  as 
acquisition  costs,  a  category  that  includes  all  development  and  procurement  costs.  The 
decision  not  to  include  O&S  costs  was  made  for  two  reasons: 

•  O&S  costs  associated  with  the  central  issues  of  the  study,  on-orbit  power  and 
propulsion,  are  small  and  approximately  equal  for  all  OECS  technologies 
because  the  missions  are  similar 

•  Payload  O&S  costs  are  highly  dependent  on  satellite  mission,  and  the  nature  of 
a  particular  mission  is  not  relevant  to  OECS  cost  comparisons 

In  this  chapter,  we  discuss  the  OECS  cost-estimating  process  and  present  a  summary 
of  results  from  15  reference  cases  representing  a  comprehensive  cross-section  of  OECS 
technologies.  The  total  cost  of  each  reference  case  is  dependent  upon  the  cost  of  several 
different  technology  development  processes  and  the  cost  of  implementing  propulsion  and 
electrical  power  for  the  relevant  technology.  Elements  common  to  each  technology  are 
launch  vehicles,  remaining  subsystems  of  the  spacecraft,  and  payloads.  Additionally  we 
will  estimate  total  costs  for  each  ORM  for  technology  combinations  covering  a  wide  range 
of  values  for  payload  mass,  payload  EOL  electrical  power,  and  number  of  satellites 
launched.  These  are  the  basic  data  on  which  the  cost-effectiveness  analysis  is  based. 

6.2  COST  METHODOLOGY 

Estimates  of  technology  development  and  theoretical  first  unit  (TFU)  costs  constitute 
the  core  of  the  cost  analysis.  Cost  models  for  each  are  composed  of  cost  estimating 
relationships  (CERs)  for  each  design  component  (i.e.,  for  each  work  breakdown  structure 
[WBS]  element).  There  are  approximately  45  CERs  each  for  development  and  TFU  costs. 
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The  Rocketdyne  Division  of  Rockwell  International  pro\dded  most  of  the  CERs  for  these 
models,  with  some  specialized  contributions  from  The  Aerospace  Corporation.  The 
individual  CERs  and  their  sources  appear  as  Appendix  F,  “OECS  Cost  Estimating 
Relationships,”  which  is  available  on  computer  disk  to  eligible  users. 

Figure  6-1  summarizes  the  OECS  cost  methodology.  The  left  side  of  the  figure  shows 
technologies  as  inputs.  The  right  side  of  the  figure  identifies  principal  cost  outputs; 
estimates  of  the  total  acquisition  cost  of  each  technology  to  feed  the  cost-effectiveness 
analysis  and  estimates  of  cost  uncertdnty  to  allow  cost-risk  assessment. 

A  key  task  in  the  methodology  is  characterizing  the  elements  of  the  WBS  using  size 
and/or  complexity  descriptors  (e.g.,  mass,  volume,  electrical  power  [see  Section  6.2.5]) 
that  can  serve  as  a  basis  for  developing  CERs.  This  is  accompanied  by  methodology 
development  to  transform  the  WBS  into  a  cost  breakdown  structure  (CBS).  Combining 
the  results  of  these  tasks  with  the  costing  ground  rules  and  assumptions  (Section  6.2.3) 
makes  it  possible  to  estimate  development  costs,  production  costs,  and  other  acquisition 
costs.  The  makeup  of  these  categories  is  described  below. 

Fifteen,  detiuled  cost-reference  cases  were  developed  to  represent  all  the  relevant 
combinations  of  power  and  propulsion  technology.  Table  6-1  summarizes  the  combina¬ 
tions  used  for  the  reference  cases.  Each  case  corresponds  to  a  combination  of  technologies 
for  prime  electrical  power,  orbital  transfer,  and  major  station  keeping  AV  expenditures. 
Inexpensive,  state-of-the-art  hydrazine  thrusters  are  included  for  minor  station  keeping 
requirements,  such  as  east-west  station  keeping  for  GEO  satellites.  The  information  in  the 
spreadsheets  allows  development  of  cost  models  for  any  OECS  technology  combination. 

6.2.1  COST  CATEGORIES 

OECS  costs  can  be  classified  as  development,  production,  or  related  costs. 
Development  costs  are  “non-recurring  (one-time)  costs  that  move  the  technology  from 
its  current  state  to  initial  operational  capability  (IOC).”  Production  costs  are  “recurring 
manufacturing  costs.”  Related  costs  include  “anything  that  cannot  easily  fit  into 
development  or  production,  such  as  costs  of  facilities  needed  to  support  a  given 
technology.”  The  following  section  briefly  describes  relevant  costs  in  each  of  these  three 
categories. 

6.2.1. 1  DEVELOPMENT  COSTS 

Technology  Acquisition  Cost 

Technology  acquisition  cost  accounts  for  activities  preceding  design,  development, 
test  &  evaluation  (DDT&E)  activities.  It  represents  the  cost  incurred  to  bring  power  and 
propulsion  technologies  to  the  NASA  technology  readiness  level  (TRL)  assumed  by  the 
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Table  6-1.  Technology  Combinations  Used  in  the  Cost  Spreadsheets 


Reference 

Case 

Number 

Orbital  Transfer 
Technology 

Station-keeping 

Technology 

1 

Chemical  Baseline 

N2H4  Arcjet 

2 

Solar  Electric  (H2 
Arget) 

N2H4  Arcjet 

3 

Solar  Electric  (NH3 
Arcjet) 

NH3  Arcjet 

4 

Solar  Electric  (Xenon 
Ion) 

Xenon  Ion 

5 

Solar  Electric  (Xenon 
SPT-100) 

SPT-100 

6 

Solar  Thermal  (H2) 

Photovoltaic  N2H4 

Arcjet 

7 

Solar  Bimodal  (H2) 

N2H4  Arcjet 

8 

Nuclear  Electric  (H2 
Arcjet) 

SPT-100 

9 

Nuclear  Electric  (NH3 
Arcjet) 

NH3  Arcjet 

10 

Nuclear  Electric 
(Xenon  Ion) 

Xenon  Ion 

11 

Nuclear  Electric 
(Xenon  SPT-100) 

SPT-100 

12 

Nuclear  Bimodal 
(Concept  3)  (H2) 

N2II1  Arcjet 

13 

Chemical  w/new  Delta 
7925  Cryo  Stage 

N2II)  Arcjet 

14 

Chemical  w/new  Atlas 
HAS  Ciyo  Stage 

N2H4  Arcjet 

15 

Chemical  w/new  Titan 
IV  Cryo  Stage 

N2H4  Arcjet 

Electric  Power 

Photovoltaic 

Photovoltaic 

Photovoltaic 

Photovoltaic 

Photovoltaic 

Photovoltaic 

Solar  Thermionic 

Nuclear  Incore 
Thermionic 

Nuclear  Incore 
Thermionic 

Nuclear  Incore 
Thermionic 

Nuclear  Incore 
Thermionic 

Excore  Thermoelectric 

Photovoltaic 

Photovoltaic 

Photovoltaic 


CER,  typically  between  TRL  5  and  TRL  6.  The  NASA  TRL  scale  is  described 
in  Figure  6-2.  Technology  acquisition  cost  includes  ground  testing  but  not  flight 
demonstration  cost.  Estimated  acquisition  costs  for  the  proposed  OECS  technology 
options  are  as  follows: 

Power  Technology 

•  Photovoltaic:  $29M 

•  Solar  bimodal  (SEBA  2):  $  1 6M 

•  Nuclear  static  electric:  $35M 

•  Nuclear  bimodal  (NEBA  1):  $37M 

Propulsion  Technology 

•  Biprop  (chemical)  or  mono-prop:  $0 

•  Cryo:  $0 

•  Cryo,  IME  stage:  $50M 

•  Solar  thermal:  cost  included  in  solar  bimodal  power  technology  (see  above) 

•  Arcjets:  $10M 

•  Advanced  SPT:  $10M 

•  Ion:  $10M 

The  rationale  for  these  estimates  is  based  on  Rocketdyne  development  schedules, 
Phillips  Lab  estimates,  and  design  and  testing  of  critical  components. 

Design,  Development,  Test,  and  Engineering  (DDT&E)  Cost 

DDT&E  cost  is  frequently  referred  to  as  development  cost.  It  represents  the  cost 
incurred  to  bring  power  and  propulsion  concepts  from  TRL  6  to  initial  operational 
capability  (IOC)  at  TRL  9.  Formerly  referred  to  as  full  scale  development  (FSD),  the 
phase  represented  by  this  cost  is  now  named  engineering  and  manufacturing  development 

DDT&E  cost  encompasses  system  design,  prototype  production,  aerospace  safety, 
ground  testing,  and  qualification  testing  of  the  systems.  It  excludes  flight  demonstration 
costs.  Aerospace  safety  cost  (some  reactor  components,  mockup  hardware  and 
nonnuclear  test  articles)  is  included  in  DDT&E  for  nuclear  cases.  Representative  DDT&E 
costs  range  from  approximately  $  1 OOM  to  $900M. 

Flight  Demonstration  Cost 

Flight  demonstration  cost  is  the  cost  of  demonstrating  the  technology  in  space.  For 
the  solar  bimodal,  solar  thermal,  and  solar  electric  designs,  we  use  one  half  of  a  two- 
module  flight  prototype  and  fly  on  the  smallest  capable  launch  vehicle.  For  all  other 
concepts,  we  have  assumed  a  full-up  flight  prototype  flown  on  the  smallest  capable  launch 
vehicle.  In  all  cases,  flight  demonstrations  are  assumed  flown  without  payloads.  Total 
flight  demonstration  cost  consists  of  the  costs  of  the  following  elements: 
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Actual  system  “flight  proven”  through 
successful  mission  operations 

Actual  system  completed  and  “flight  qualified” 
through  test  and  demonstration 

System  prototype  demonstration  in  a  space 
environment 

System/sub^stem  model  or  prototype  demo  in 
a  relevant  environment  (ground  or  space) 


Component  and/or  breadboard  validation  in 
a  relevant  environment 

Component  and/or  breadboard  validation  in 
a  laboratory 

Analytical  and  experimental  critical  function 
and/or  characteristic  proof-of-concept 

Technology  concept  and/or  application 
formulated 

Basic  principles  observed  and  reported 


Figure  6-2.  NASA  technology-readiness-level  (TRL)  scale. 


•  Flight  prototype  unit 

•  Launch  vehicle 

•  Flight  support 

•  Ground  software 


For  most  designs,  the  most  expensive  part  of  a  flight  demonstration  is  launch  cost. 
OECS  flight  demonstration  cost  estimates  range  from  $34M  to  $239M.  Details  are  given 
in  Table  6-6  in  Section  6.2.6. 

6.2.1. 2  PRODUCTION  COSTS 

Production  costs  are  expressed  in  terms  of  subassembly  TFU  costs.  TFU  production 
cost  of  the  lowest  CER-level  subassembly  (eg.  thruster,  battery,  etc.),  includes 
manufacturing  engineering  support.  TFU  costs  for  the  15  spreadsheets  range  from  $30M 
to  $86M. 
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The  term  spacecraft  is  used  here  to  mean  “the  bus  but  not  the  payload.”  Figure  6-3 
shows  the  spacecraft  bus  WBS  used  to  develop  hardware  CERs.  Spacecraft  subsystems 
are  discussed  in  more  detail  in  Section  6.2.4. 

Some  OECS  upper-stage  concepts  use  high  I,p,  low-thrust  propulsion  leading  to  long 
orbital  transfer  times.  To  ensure  a  given  constellation  availability  when  faced  with  long 
transfer  times,  on-orbit  spare  satellites  must  be  maintained,  i.e.,  more  satellites  must  be 
launched  if  these  concepts  are  used  than  in  the  case  of  short  transfer  times  (see  Sections 
4.2.1  and  4.3.1).  Because  the  number  of  satellites  required  for  different  concepts  varies, 
payload  costs  must  be  considered  in  addition  to  upper-stage  costs  to  assure  a  fair  cost 
comparison.  OECS  payload  costs  of  various  generic  types  are  determined  from  payload 
CERs  used  in  the  Aerospace  Satellite  Cost  Model  (Hovden  and  Dickey).  Separate  CERs 
for  surveillance,  communications,  and  weather/navigation  payloads  are  each  evaluated 
based  on  payload  weight. 

6.2.1. 3  OTHER  ACQUISITION  COSTS 

Facility  costs  are  incurred  for  new  test  facilities,  modification  of  existing  test  facilities, 
and  new  or  modified  major  ground  support  equipment  (e.g.,  a  shipping  cask  for  reactors). 
Also  included  in  this  category  are  new  or  modified  production  facilities  if  they  are  required 
for  government  spacecraft  (e.g.,  photovoltaic  cell  production)  and  new  or  modified  launch 
facilities.  Facility  costs  vary  from  a  low  of  $25M  to  a  high  of  $225M  depending  upon 
technology. 

The  cost  of  nuclear  technology  facilities  may  be  reduced  by  eliminating  full-power 
ground  testing.  Initially  the  SP-100  program  (the  predecessor  of  NEBA-3)  called  for  a 
full-power  ground  test,  but  this  test  was  dropped  in  favor  of  a  space-based  full-power  test. 
Very-low-power  ground  tests  of  the  reactor  and  fiill-power  nonnuclear  tests  of  the 
hardware  were  used  to  qualify  the  components.  Full-power  ground  testing  drives  some  of 
the  nuclear  facility  costs  and  the  aerospace  safety  costs.  Some  ground  power  testing  at  full 
or  reduced  power  appears  to  be  needed  for  the  following  reasons: 

•  Upper  stages  with  very  high  reliability  requirements  (those  that  require  ground 
testing  at  higher  than  operating  power  to  demonstrate  adequate  margins) 

•  Complexity  of  the  system  (especially  nuclear  bimodal  systems) 

•  Potential  for  future  work  on  anomaly  resolution  and  performance  upgrades 

•  Long-life  testing  of  the  entire  power  system 

However  we  assume  the  development  program  of  a  nuclear  system  requires  only  two, 
equivalent,  complete  power/propulsion  systems  for  system  and  component  ground  testing 
and  qualification.  This  differs  from  nonnuclear  systems,  where  more  than  two  equivalent 
systems  are  often  ground  tested  prior  to  first  flight.  The  ground  testing  of  nuclear  bimodal 
systems  primarily  supports  qualification  and  certification  of  power  life.  This  is  why  we 
retained  fiill-power  ground  testing  of  nuclear  technologies. 
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The  nuclear  bimodal  costs  (Case  12)  are  based  on  NEBA 1.  Martin  Marietta  (Brown) 
and  DOE  gave  us  an  alternate  design — NEBA-3 — and  cost  estimates  based  on  the  SP-100 
after  the  contract  for  cost  analysis  had  expired.  It  is  not  clear  at  this  point  whether 
NEBA  3  would  provide  significant  savings  over  NEBA  1. 

Launch  costs  are  also  included  in  the  category  of  other  acquisition  costs.  The  study 
assumes  launch  on  an  IXV3,  Delta  7920/7925,  Atlas  HAS,  or  Titan  IV.  The  OCEM  sizing 
model  determines  the  smallest  vehicle  on  which  the  payload  and  upper  stage  can  be 
launched  based  on  the  combined  satellite  and  upper-stage  masses  (see  Chapter  4).  The 
Aerospace  Corporation  has  assigned  launch  costs  to  all  the  launch  vehicles.  One  launch 
vehicle  is  required  for  each  satellite  launched.  Table  6-2  summarizes  per  launch  costs. 


Table  6-2.  OECS  Costs  per  Launch  (FY95  SM) 


Launch  Vehicle 

Cost  per 
Launch* 

Upper 

Stage/Payload/ 

Booster 

Integration 

LLV3 

$26 

$5 

Delta  7925 

$58 

$10 

Delta  7925  with  new  cryogenic  stage 

$67 

$10 

Atlas  HAS 

$104 

$10 

Atlas  HAS  with  new  cryogenic  stage 

$95 

$10 

Titan  IV  NUS  (No  upper  stage) 

$224 

$10 

Titan  IV  Centaur 

$293 

$10 

Titan  IV  with  new  cryogenic  stage 

$242 

$10 

*Includes  launch  vehicle  hardware,  launch  support,  range  operations,  and  other  government  costs. 


All  Titan  IV  configurations  are  assumed  to  use  two  Titan  Solid  Rocket  Motors- 
Upgraded  (SRMUs).  Except  for  the  LLV3,  cost  estimates  for  the  above  configurations  are 
projections  from  actual  program  offices  costs.  Cryogenic  upper-stage  cost  estimates  are 
based  upon  several  models  and  sources,  including: 

•  Air  Force  Launch  Vehicle  Cost  Model  developed  by  Tecolote,  Inc.,  in  1989 

•  NASCOM  Model  developed  by  NASA  Marshall  Space  Flight  Center  in  1993 

•  PRICE-H  Cost  Model 

•  Centaur  actual  stage  costs 

•  ICBM  actual  avionics  costs  modified  for  space  launch 

•  Operational  Integrated  Modular  Engine  Contract  Final  Report  (Rockwell 
International,  1992) 
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Facility  costs,  which  include  ground  testing,  fuel  fabrication,  storage  and  integration 
facilities,  etc.,  were  estimated  by  analyzing  the  requirements  for  development,  production 
and  launch  operations.  Cost  estimates  are  based  on  Rocketdyne  experience,  NASA  Lewis 
Research  Center  histoiy,  and  Phillips  Laboratoiy  predictions.  Facility  costs  are  fairly  soft 
estimates,  since  they  depend  on  availability  of  existing  assets,  type  of  testing  required, 
amount  of  use  of  non-US  facilities,  allocation  schemes,  and  other  factors.  Ground  support 
equipment  (GSE)  and  special  test  equipment  (STE)  are  included  in  facility  costs.  GSE  and 
STE  costs  are  normally  separate  cost  items,  but  they  are  included  here  with  facility  costs 
for  convenience. 

The  largest  facility  costs  are  for  the  nuclear  electric  and  nuclear  bimodal  technologies. 
The  cost  estimate  of  $225M  for  nuclear  electric  facilities  includes: 

•  $  1 OOM  for  nuclear  ground-testing  facility  modification 

•  $40M  for  shipping  cask  development,  production,  and  test  and  qualification 

•  $  1 OM  for  launch-site  storage  and  payload-integration  facility 

.  $75M  for  GSE  and  STE 

The  cost  estimate  of  $  1  SOM  for  bimodal  reactor  facilities  includes: 

•  $20M  for  a  closed-loop  engine  stand 

•  $10M  for  modifying  the  fuel  lab 

•  $  1  OM  for  an  electrical  fiimace 

•  $40M  for  a  shipping  cask 

•  $10M  for  refurbishing  the  criticality  facility 

•  $10M  for  refurbishing  the  launch-site  storage  facility 

.  $5M  for  modifying  the  payload-integration  facility 

.  $75M  for  GSE  and  STE 

The  cost  estimates  for  other  technology  facilities  are: 

•  $6M  for  a  new  photovoltaic  production  facility  (paid  for  by  the  ManTech 
program) 

•  $25M  for  photovoltaic  GSE  and  STE 

•  $60M  for  solar  thermal  and  solar  bimodal 

•  $75M  for  the  advanced  cryogenic  stage 

The  rationale  for  the  dollar  values  of  GSE  and  STE  is  as  follows.  A  recent  detailed 
logistics  and  support  analysis  for  a  generic  single-stage-to-orbit  (SSTO)  booster  engine 
identified  32  types  of  handling  equipment,  test  equipment,  maintenance  equipment,  and 
protection  equipment  for  rocket  engines.  Engineering  experts  estimated  the  design  hours, 
support  hours,  and  material  costs  at  about  $25M.  The  following  subjective  cost  factors 
were  applied  to  the  original  $25M:  1 .0  for  photovoltaic  power/propulsion  systems;  2.0  for 
solar  thermal  and  solar  bimodal  power/propulsion  systems;  and  3.0  for  advanced 
cryogenic  propulsion  systems  and  nuclear  and  nuclear  bimodal  power/propulsion  systems. 
These  factors  were  based  on  the  complexities  of  the  systems  (stage  versus  a  stand-alone 
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cluster  of  booster  engines);  propulsion  and  power  functions  of  the  bimodal  concept; 
number  of  test,  production  and  launch  sites  where  equipment  will  be  needed;  and 
modularity  of  the  systems. 

“Other  costs”  also  include  the  estimated  cost  of  launch- vehicle  fairing  modification. 
While  fairing  modifications  may  not  be  required,  the  fairing  may  occasionally  need  to  be 
lengthened  to  accommodate  the  cryogenic  hydrogen  tank.  This  could  be  the  case  for  any 
of  the  thermal  technologies  (nuclear  bimodal,  solar  bimodal,  and  solar  thermal)  and 
nuclear  and  solar  electric  designs  using  H2.  The  need  for  fairing  modification  will  depend 
on  mission  requirements.  Fairing  volume  constraints  are  discussed  in  Chapter  5.  For 
simplicity,  fairing  modification  costs  have  not  been  included  in  any  OECS  total  costs. 
However,  CERs  for  these  modifications  are  given  in  Appendix  F. 

6.2.2  Program  Spending  Profile 

Figure  6-4  displays  the  notional  program  spending  profile  used  in  the  analysis.  The 
profile  is  tied  to  milestones  beginning  with  authority  to  proceed  (ATP)  and  ending  with 
full  operational  capability  (FOC). 

6.2.3  Cost  Ground  Rules  and  Assumptions 

The  cost  panel  developed  the  following  cost  ground  rules  and  assumptions: 

1 .  Only  system  acquisition  and  launch  costs  are  considered  (i.e., operations  and 
support  costs  are  not  considered). 

2.  All  costs  are  presented  in  constant  FY  1995  dollars. 

3.  All  costs  are  contractor  costs,  including  general  and  administrative  (G&A)  and 
procurement  costs  and  subcontractor  fees  but  excluding  any  integrating 
contractor  fee. 

4.  No  cost  estimates  are  provided  for  government  support  for  contingencies; 
however,  launch  costs  are  all  inclusive 

5.  System  production  costs  (upper-stage  and  satellite)  are  expressed  as  the  cost 
of  the  TFU.  No  cost  improvement  is  included  for  fewer  than  1 1  satellites. 
Ninety  percent  learning  is  applied  to  the  entire  production  cost  of  N  items 
when  more  than  10  items  are  produced,  that  is,  production  cost  =  TFU  x  [9 
+  (N-9)®*'‘'*]. 

6.  Costs  are  determined  as  “most  likely  values.”  Seventy  percent  (high)  and  30% 
(low)  costs  for  the  15  representative  cases  are  determined  for  cost  risk  analysis. 

7.  All  systems  are  unmanned. 

8.  New-ways-of-doing-business  factors  are  considered  implicitly  or  explicitly. 

9.  A  development  cost  factor  assigns  credit  for  past  or  ongoing  development 
efforts. 

10.  The  endpoint  of  the  technology  advancement  phase  is  TRL  5. 

11.  CERs  for  developmental  cost  cover  NASA  technology  readiness  levels  TRL  6 
through  9,  but  exclude  flight  demonstration  costs.  Flight  demonstration  costs 
are  accounted  for  separately. 
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Figure  6-4.  Notional  spending  profile  for  OECS  program. 


12.  Pre-planned  program  improvement  (P^I)  is  not  considered  due  to  insufficient 
planning. 

13.  All  technologies  and  launch  vehicles  are  assumed  to  have  the  same  reliability — 
which  is  a  study  ground  rule  as  well.  (Impact  of  reliability  on  cost  is  considered 
in  the  cost-effectiveness  analysis.) 

14.  Cost  of  satellite  disposal  is  included  in  propulsion  propellant  requirements. 

6.2.4  Elements  of  the  Spacecraft  Subsystems 

Figure  6-3  shows  the  hardware  WBS  used  for  CERs.  The  spacecraft,  often  called  the 
bus  or  platform,  consists  of  six  subsystems.  (Fairing  modification,  which  is  also  shown  in 
Figure  6-3,  is  not  a  subsystem.)  This  section  describes  the  principal  functions  of  the  six 
subsystems  and  indicates  typical  hardware  components.  Table  6-3  summarizes  OECS 
independent  parameters  and  sources. 

6.2.4.1  ATTITUDE  DETERMINATION  AND  CONTROL  SYSTEM  (ADCS) 

The  attitude-determination-and-control  system  encompasses  all  components  used  in 
sensing  and  determining  the  proper  orbit  and  attitude  for  the  space-vehicle.  Sensor 
components  include  gyroscopes,  electronics,  magnetometers,  earth  sensors,  sun  sensors, 
and  star  trackers.  The  control  system  consists  of  components  (i.e.,  magnetic  torque’s  and 
reaction  wheels)  that  restore  or  maintain  proper  attitude  and  orbit.  The  primary  cost  driver 
is  mass.  ADACS  costs  are  similar  for  all  cases.  ADACS  CERs  are  taken  from  the  Air 
Force  Unmanned  Space  Vehicle  Cost  Model,  Version  7  (Nguyen) 

6.2.4.2  TELEMETRY,  TRACKING,  AND  COMMANDING  PLUS  COMMAND  AND  DATA 
HANDLING  (TT&C  +  C&DH) 

The  TT&C  and  C&DH  subsystem  measures  space  vehicle  platform  conditions, 
processes  them  along  with  mission  data,  stores  the  data,  transmits  them  to  the  ground, 
receives  and  processes  commands  from  the  ground,  initiates  their  execution,  and  provides 
a  tracking  capability.  Typical  subsystem  equipment  includes  analog-to-digital  converters, 
coders,  digital  electronics,  signal  conditioners,  transmitters,  format  control  units,  antennas, 
receivers,  and  decoders.  The  primary  cost  driver  is  mass.  TT&C  +  C&DH  costs  are 
similar  for  all  cases  and  are  based  on  USCM  7  CERs. 

6.2.4.3  THERMAL  CONTROL 

Thermal  control  maintains  the  temperature  of  the  spacecraft  and  mission  equipment 
by  modifying  heat  transfer  to  and  from  each  element  so  temperature  remains  within 
allowable  ranges  throughout  the  mission.  In  general,  unmanned  space  vehicles  use  passive 
temperature  control.  The  primary  cost  driver  for  the  thermal  control  subsystem  is  mass. 
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Table  6*3.  Typical  CER  Characteristics 


Subsystem/ 

Component 

Independent 

Parameters 

Comments 

CER  Source 

ADACS 

Mass 

Similar  for  all  cases 

USCM7 

TT&C 

Mass 

Similar  for  all  cases 

USCM7 

C&DH 

Mass 

Similar  for  all  cases 

USCM7 

STRUCTURE 

Primary 

Mass 

Complex,  mechanisms 
separately  included 

USCM7 

Radiation  shielding 

— 

Included  in  PMAD 

USCM7 

PROPULSION 

Propellant  tanks 

Volume,  fluid  ^pe 

T17,  vendor  data 

Pressurant  tanks 

Volume 

T17,  vendor  data 

Thrusters 

Chemical 

Resistojet 

Arcjet 

Ion 

Thrust,  complexity 

Thrust,  complexity 

Thrust,  complexity 

Thrust,  complexity 

T17,  RD  data 

RD  data 

RD  data,  vendor  data 

RD  data 

Solar 

Thrust,  complexity 

Analogy  with  chemical 

Solar  Thermal 

Propulsion  Transfer 
Stage  Study  (STPTS) 

Thrust  power  condition 

kWe 

T21 

Plumbing 

— 

Factor  on  propulsion 

Propulsion  engineering 

subsystem 

estimate 

POWER 


Photovoltaic 

Solar  cells 

BOL  kWe,  solar  cell 

T21 

type 

Batteries 

kW  hr,  battery  type 

T21 

Radiator 

Hex  area 

T21 

Thermal  control 

kWe 

T21 

PMAD 

kWe,  type 

T21 

Table  6-3.  (concluded) 


Subsystem/ 

Component 

Independent 

Parameters 

Comments 

CER  Source 

POWER  (concluded) 

Solar  thermal 

Collector 

kWth 

Scaled  from  reflectors 

T21,  vendor 

Absorber 

kWe 

T21 

PMAD 

kWe,  ^pe 

T21 

Nuclear 

Nuclear  reactor 

kWth,  reactor  type 

proper  with 
converter 

Static  (incore 
thermionic) 

kWth,  reactor  type 

T17 

Static  (excore 

kWth,  reactor  type 

T17 

thermionic) 

Shielding 

Mass 

Expert  input 

Boom/structure 

Mass 

T17 

Heat  rejection 

kWth,  cycle,  max  temp. 

T17 

PMAD 

kWe,  type 

T17 

Propellant  supply 

Mass,  complexity 

T17 

Controls/sensors/ 

software 

Constant/source  lines  of 
code/platform 

T17 

STRUCTURE,  PROPULSION  &  POWER  SYSTEM  FAC 

TORS 

System  assembly 

Factor 

T17,  T21 

System  acceptance 

Factor 

T17,  T21 

Production  management 

Factor 

TI7,  T21 
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6.2.4.4  STRUCTURE 

Structure  (primary)  serves  as  the  central  frame  of  the  space  vehicle,  which  provides 
support  and  mounting  surfaces  for  all  equipment.  The  USCM  7  definition  of  structure  also 
includes  mechanisms,  interstage,  and  all  mechanical  assemblies.  Structure  mass  is  the 
principal  cost  driver  for  this  subsystem.  For  solar  thermal  and  solar  bimodal  concepts, 
structure  mass  is  divided  into  80%  static  and  20%  complex  dynamic.  (An  example  of 
complex  dynamic  is  high  precision  bearings  with  2  degrees  of  freedom.)  The  cost  of 
complex  dynamic  structures  was  taken  as  two  times  the  cost  of  fixed  structures. 

6.2.4.5  PROPULSION 

The  propulsion  subsystem  provides  reaction  force  for  maneuvers  into  orbit  and  for 
on-orbit  changes.  Typically,  it  consists  of  liquid  rocket  engines  along  with  tankage, 
plumbing,  thrusters,  and  power  conditioners.  Primary  cost  drivers  are  tank  volume,  thrust 
level,  thruster  complexity  (integration,  assembly  and  testing),  and  electrical  power  in 
kilowatts  for  thruster  power  conditioners.  The  OECS  propulsion  CERs  (more  than  50  of 
them)  are  taken  from  Rocketdyne’s  T17  (Meisl,  March  1993)  and  T21  (Meisl,  November 
1993)  documents. 

6.2.4.6  ELECTRICAL  POWER 

The  electrical  power  subsystem  generates,  converts,  regulates  stores  and  distributes 
all  electrical  energy  to  and  between  space  vehicle  components.  Typical  equipment  includes 
solar  cells  or  nuclear  reactors,  regulators,  converters,  power  management  and  distribution 
(PMAD)  units,  batteries  and  wire  harnesses.  Primary  cost  drivers  are  mass,  beginning  of 
life  power,  and  battery  capacity.  OECS  power  CERs  are  taken  from  Rocketdyne’s  T17 
(Meisl,  March  1993)  and  T21  (Meisl,  November  1993)  documents. 

6.2.5  Cost  Models  and  Sources 

Rocketdyne  Division  of  Rockwell  International  Corporation  had  primary 
responsibility  for  selecting  and  implementing  the  CERs  and  cost  data  bases  for  this  study. 
Rocketdyne  used  several  cost  models  and  cost  sources.  The  Aerospace  Corporation 
provided  cost  projections  and  CERs  for  some  items  where  Rocketdyne’s  information  was 
incomplete,  notably  for  launch  vehicles  and  payloads.  The  Aerospace  Corporation  also 
performed  spot  cross-checks  on  Rocketdyne’s  estimates  of  spacecraft  and  cryogenic  upper 
stages  utilizing  Aerospace  Corporation’s  Satellite  Cost  Model  and  Launch  Vehicle  Cost 
Model,  respectively. 

The  contractor’s  cost-estimating  spreadsheets  were  linked  to  The  Aerospace 
Corporation’s  OCEM  model,  creating  an  automated  tool  for  analysis  of  the  many 
technology/mission  combinations  addressed  by  the  study.  A  variety  of  cost  models  and 
other  sources  were  utilized  to  estimate  costs  of  space  segment  hardware.  The  CERs  and 
supporting  references  are  contained  in  Appendix  F. 
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The  OECS  cost  model  uses  CERs  to  estimate  TFU  and  DDT&E  costs.  Each 
configuration  is  broken  down  into  a  set  of  subsystems  and  components.  The  CERs 
estimate  TFU  and  DDT&E  costs  for  each  of  the  components.  These  costs  are  totaled  to 
produce  overaU  TFU  and  DDT&E  estimates  of  the  configuration  costs. 

The  simplest  CERs  are  constants.  A  constant  CER  implies  that  the  cost  for  this 
component  is  not  a  function  of  any  size  attribute,  at  least  within  the  precision  of  our  cost 
model  for  the  size  range  used  in  the  designs.  The  form  of  the  CER  would  then  be: 

Cost  =  Constant  (6-1) 

The  most  common  form  for  the  CERs  used  in  the  cost  models  is: 

Cost  =  ax'"  +  c  (6-2) 

where  a,  b,  and  c  are  constant  coefficients  and  X  is  a  size  variable.  The  size  variable 
describes  dimensions,  weight,  power,  thrust,  or  other  determining  characteristics  of  the 
subsystem  or  component.  The  valid  range  of  the  size  variable  for  TFU  cost  is  specified 
by  the  data  used  to  create  the  CER.  While  no  corrective  action  is  taken  if  the  CER  range 
is  exceeded  in  the  OCEM  model,  the  fact  is  noted  for  review.  In  general,  CERs  for 
production  cost  have  two  major  parameters:  size  and  complexity.  For  nuclear  reactors,  the 
size  parameter  is  a  minor  cost  driver  up  to  a  thermal  power  level  of  about  1  MW  due  to 
minimum  size  considerations  for  criticality.  The  production-cost  CER  assumes  size 
independence  of  nuclear  reactors  up  to  1  MW  and  minor  size  dependence  (exponent  of  0.2 
on  thermal  power)  up  to  power  levels  of  about  2000  MW.  (Beyond  that,  the  CER  uses 
gas-cooled  reactor  data  with  a  power  exponent  of  0.6). 

A  more  general  CER  can  be  derived  from  this  equation  by  multiplying  it  by  one  or 
more  additional  factors,  yj,  making  the  form  of  the  CER 


Cost  =  F(aX''  +  c)  (6-3) 

where  F  =  fj^ . . and  n  is  the  number  of  applicable  factors.  The /  are  explained  in 
Table  6-4. 

A  few  CERs  have  more  than  one  form,  based  on  the  value  of  the  size  variable.  These 
CERs  typically  have  the  more  complicated  form  of  Equation  6-3  for  the  high  end  of  their 
valid  range  and  the  simple  form  of  a  constant  at  the  low  end. 

The  CERs  for  the  development  cost  generally  assume  the  relevant  technologies  are 
already  advanced  to  approximately  TRL  6.  In  other  words,  the  data  on  which  the  CERs 
are  based  come  from  programs  of  similar  efforts  with  already  proven  technology  that  must 
be  developed  into  a  system  and  fielded.  To  use  these  data  in  estimating  development  costs 
where  technologies  are  at  different  readiness  levels,  we  have  applied  a  multiplicative 
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Table  6-4.  Explicit  or  Implicit  Cost  Factors  in  the  Spreadsheets 


Factor 

Explanation 

Application 

Development  cost 

Adjusts  development  costs  downward  if 
technology  readiness  level  (TRL)  is 
initially  greater  than  6 

fi  in  Equation  3.  Applied  to 
design,  analysis,  and 
engineering  part  of 
development  costs  (but  not 
hardware) 

Escalation 

NASA  inflation  index  for  escalation  to 

FY 1995$ 

fi  in  Equation  3 

Material  procurement 
expense  (MPE) 

&ctor 

E}q}licitly  given  as  a  CER  modification, 
but  implicitly  incorporated  in  most 

CERs  (unless  stated  otherwise) 

fi  in  Equation  3 

Platform 

Accounts  for  conversion  of  man-rated  to 
unmanned  where  CER  was  derived 
fi-om  man-rated  data  (ssO.S) 

fi  in  Equation  3 

Complexity 

Accoimts  for  complexities  not  contained 
in  CERs 

fi  in  Equation  3 

Miscellaneous 

hardware 

Accounts  for  items  (e.g.,  plumbing, 
valves,  etc.)  whose  cost  can  be 
estimated  as  a  fraction  of  another  cost 
(generally  10%) 

Spacecraft  integration 

Accounts  for  total  ^stem  integration  of 
all  subsystems.  Covers  work  typically 
performed  by  systems  integration 
contractor.  Includes  total  system 
integration,  assembly  and  checkout; 
acceptance  or  ground  test;  production 
management;  SE  &  I;  DDT&E 
management,  integrated  contractor 

G&A.  Excludes  contractor  fee. 

Adjusted  for  new  ways  of  doing 
business. 

“Bottom  line”  systems  cost 
factor.  In  OECS  cost  analysis, 
a  factor  was  applied  separately 
to  the  total  cost  of  each  sub¬ 
system,  since  the  factor  was 
different  for  difierent  CER 
sources. 

factor  to  the  CER  (see  Ground  Rule  9).  The  factor  is  less  than  1 .0  if  the  systems  are 
already  well  knoAvn  or  commercially  available  and  1.0  otherwise  (assumes  TRL  6).  The 
rationale  for  the  development  factor  and  the  factor  values  are  given  in  Table  6-5. 

An  escalation  factor,  the  second  factor  in  Table  6-4,  inflates  the  CER  result  to 
FY1995  dollars,  correcting  for  the  different  base  year  used  in  the  formulation  of  the 
CER.  NASA  escalation  factors  were  used  instead  of  lower  DOD  factors  because  the 
technologies  considered  in  OECS  were  developed  mostly  under  NASA  contracts  or  were 
extrapolations  of  NASA-developed  hardware.  The  PRICE-H  model  used  in  some  of  the 
cases  has  an  escalation  factor  that  is  quite  close  to  the  NASA  factors. 
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Table  6-5.  Rationale  for  Development  Cost  Factors 


Subsystem/Component 

D 

Rationale 

Radiator  (heat  pipes) 

0.5 

Considerable  technology  work  has  already  been  done 

CTRL  7-8) 

PMAD  (power  management  and 
distribution) 

0.8 

Components  are  at  TRL  7-8,  and  power  levels  are 
comparable  to  ISSA  components,  but  ISS  has  not  flown 
yet 

Power  converter 

Power  systems 
control/sensor/software 

0.8 

Some  of  work  performed  during  SP-100  reactor  program  is 
assumed  to  be  applicable  (TRL  7) 

Propellant  tanks 

Electric  thrusters 

0.8 

Similar  subsystems  are  already  flying,  but  substantial 
modifications  are  required 

Structures 

0.8 

Similar  structures  are  already  flying,  but  adaptations  and 
new  interfaces  need  to  be  addressed 

NiHj  battery 

0.1 

Developed  product,  but  requires  technology  improvements 
to  obtain  lower  weights 

The  third  factor  in  Table  6-4  accounts  for  material  procurement  expense  (MPE) 
included  in  some  CERs  but  not  in  others.  CERs  whose  formulation  does  not  include  MPE 
are  multiplied  by  an  MPE  factor  of  1.12  (i.e.,  12%  material  procurement  expense)  in  all 
cases.  Twelve  percent  is  a  significant  reduction  from  historical  MPEs  of  25%  or  more. 
Savings  are  based  on  an  assumed  streamlining  through  a  “new  way  of  doing  business” 
(NWODB).  MPE  factors  reflect  Rocketd5me  experience. 

The  platform  or  unmanned  factor  adjusts  CERs  based  on  data  for  manned  space 
programs  since  this  project  involves  only  unmaimed  systems.  Unmanned  adjustment 
factors  range  from  a  high  of  1 .0  (meaning  that  the  data  are,  in  fact,  based  on  unmanned 
programs)  to  a  low  of  0.45  (Price-H  models).  The  unmanned  adjustment  factor  estimates 
cost  savings  to  be  realized  if  reliability  and  safety  considerations  of  manned  programs 
were  not  levied  on  the  program. 

The  complexity  factor  typically  corrects  the  CER  for  complexity  when  the  CER  is 
based  on  data  that  may  be  closely  related  to  the  subsystem  or  component  in  the  design,  but 
are  not  identical  in  scope  or  complexity. 

A  few  component  costs  are  estimated  as  a  percentage  of  some  specified  subtotal.  For 
example,  we  estimate  costs  of  plumbing,  valves,  and  miscellaneous  hardware  in  the 
propulsion  subsystem  as  10%  of  the  subtotal  for  all  other  components  in  the  propulsion 
subsystem  after  multiplying  by  all  other  factors.  We  also  add  an  integration,  assembly,  and 
check-out  component  to  both  the  propulsion  and  power  subsystems.  We  estimate  this 
integration,  assembly,  and  check-out  component  as  10%  of  the  subtotal  of  all  components 
in  these  subsystems,  including  the  plumbing,  valves,  and  miscellaneous  line  item. 
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One  final  factor,  the  integration  factor,  multiplies  the  costs  of  each  major  subsystem 
before  the  subsystems  costs  are  totaled  to  produce  the  final  cost  for  the  configuration. 

This  factor  includes  the  followng: 

1.  Total  Spacecraft  Integration,  Assembly  and  Checkout  (lA&T):  The  first 
grouping,  called  subi^stem  lA&T,  addresses  costs  of  integrating  and  assembling  individual 
components  into  a  subsystem.  In  USCM  7,  subsystem  lA&T  costs  are  embedded  in 
subsystem  CER  values.  Rocketdyne  CERs  exclude  subsystem  lA&T  costs,  but  include 
lA&T  costs  as  a  factor,  usually  10%  of  production  and  DDT&E  costs. 

The  10  %  factor  derived  from  Rocketdyne’s  experience  is  applied  to  all  subsystem 
development  costs,  including  full-power  nuclear  ground  tests,  subsystem  tests  and 
subsystem  nonhardware  design  and  analysis  activities.  All  these  activities  have  to  be 
integrated.  The  integration  “charge”  is  not  only  for  flight  hardware,  but  also  for 
development  hardware  and  for  nonhardware  systems  engineering  activities  (e.g., 
configuration  control,  interface  consistency,  reliability  and  safety  engineering  at  the 
subsystem  level). 

2.  Acceptance  Test/Ground  Test:  This  category  includes  ground  support 
equipment  (electrical  and  mechanical)  required  to  support  the  space  vehicle  during  ground 
test  and  preparation  for  flight  operations.  It  is  usually  10%  of  production  and  DDT&E 
costs. 


3.  Production  Management:  This  category,  usually  5%  of  production  costs, 
includes  all  efforts  associated  with  defining,  planning,  and  directing  to  accomplish 
production  objectives. 

4.  Systems  Engineering  and  Integration  (SE&I)  and  DDT&E  Management:  This 
includes  all  efforts  associated  with  the  engineering  organization.  Also  included  are  costs 
associated  with  controlling  system-level  documents.  It  is  usually  25%  of  DDT&E  costs. 

5.  Integrating  Contractor  General  and  Administrative  (G&A):  This  is  usually  10% 
of  production  and  DDT&E.  The  integrating  contractor  fee  is  excluded  for  USCM  7  and 
the  Rocketdyne  CERs. 

The  total  spacecraft  integration  factor  is  a  “tax”  levied  on  the  aggregated  system  cost 
for  the  total  integration  of  all  subsystems  into  a  combined  power/propulsion  system,  also 
known  as  “bus.”  It  includes  telemetry,  attitude  control,  the  structure  holding  all  the 
subsystems  together,  etc.  This  factor,  which  incorporates  the  NWODB  (a  50%  reduction 
in  all  factors  except  G&A),  is  0.89  for  production  and  0.84  for  DDT&E  for  the  USCM  7 
CERs;  and  1.25  for  production  and  1.39  for  DDT&E  for  the  Rocketdyne  CERs.  The 
spacecraft  integration  factor  is  applied  at  the  bottom  line  to  sum  all  subsystem  production 
and  development  costs,  respectively. 
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6.2.6  Flight  Demonstration  Costs 

Table  6-6  ^ves  our  cost  estimates  for  full-scale,  on-orbit  flight  demonstrations  for 
each  of  the  IS  major  technology  pairs.  These  estimates  are  primarily  functions  of  the  TFU 
cost  of  the  full-scale  system  and  its  weight.  In  all  but  the  nuclear  cases,  cost  of  flight- 
demonstration  hardware  is  assumed  to  be  one-half  the  TFU  cost  of  the  full-scale  system. 
Due  to  critical  mass  considerations,  it  was  assumed  that  it  was  not  feasible  to  launch  part 
of  the  nuclear  system  (such  as  is  possible  for  nonnuclear  modular  systems).  Although  a 
flight  demonstration  for  a  smaller,  nonnuclear  power  plant  could  be  envisioned,  it  would 
require  separate  flight  qualification  of  the  smaller  power  plant,  which  in  turn  might  cancel 
cost  advantages  due  to  booster  stepdown  for  the  flight  demonstration.  In  addition,  some 
critical  performance  parameters,  such  as  nuclear  and  thermal  transients,  may  not  be 
scalable  by  size.  Because  nuclear  systems  require  a  higher  degree  of  certmnty  in  their 
demonstration,  we  assume  a  full  system  must  be  flown  and  tested  as  a  demonstration 
unless  later,  more  detailed  analyses  come  to  a  different  conclusion.  Thus,  the  cost  of  flight 
hardware  for  nuclear  systems  is  assumed  to  be  equal  to  the  TFU  cost. 

The  cost  of  launching  demonstration  hardware  is  also  a  significant  portion  of  flight- 
demonstration  cost.  We  assume  the  hardware  is  launched  on  the  least  expensive  launch 
vehicle  capable  of  placing  it  in  the  desired  orbit.  Launch  costs  are  driven  by  the  launch 
vehicle  costs,  which  are  determined  by  hardware  mass.  By  reasoning  similar  to  that 
adopted  for  estimating  flight-hardware  cost,  we  have  used  one-half  the  estimated  mass  of 
the  full-scale  system  except  for  the  nuclear  systems.  The  nuclear  system  masses  are 
assumed  equal  to  the  mass  of  the  full-scale  system.  Launch-vehicle  cost  estimates  were 
provided  earlier  in  Table  6-2. 

All  cryogenic  test  flights  are  launched  on  a  Delta.  For  these  upper-stage  tests,  we 
reduce  the  Delta  cost  by  $10  million  to  compensate  for  the  absence  of  the  existing  upper 
stage,  whose  cost  is  included  in  Table  6-2. 

6.2.7  Cost-Estimate  Summary 

Table  6-7  gives  a  summary  of  major  estimated  acquisition  costs  for  each  of  the 
15  detailed  cases.  The  five  nonrecurring  cost  estimates  are  summed  to  give  a  total  of 
nonrecurring  cost.  The  recurring  cost  (TFU)  is  based  on  a  spacecraft  sized  to  provide 
2  kW  electrical  power  to  the  satellite  payload.  This  implies  nonconstant  payload  masses. 
This  summary  does  not  include  estimates  of  launch  cost  except  for  flight  demonstration 
and  does  not  consider  the  operational  effectiveness  of  the  various  systems. 

The  DDT&E  and  TFU  cost  estimates  were  taken  from  the  spreadsheets  provided  in 
Appendix  F. 


Table  6-6.  Summary  of  the  Estimated  Cost  for  Flight  Demonstration  (FY95  SM) 


Case 

No. 

Demonstration 
Hardware  Mass 
(kgdb) 

Launch 

Vehicle 

Launch  Cost 

Demonstra¬ 
tion  Hard¬ 
ware  Cost 

Total  Flight 
Demonstration 
Cost 

1 

1607/3536* 

Taurus 

19 

15* 

34 

2 

2321/5107* 

Delta 

56 

25* 

81 

3 

3220/7085* 

Delta 

56 

24* 

79 

4 

1268/2790* 

Taurus 

19 

23* 

41 

5 

1741/3830* 

1/2  Delta 

27 

23* 

50 

6 

3182/7001* 

Delta 

56 

28* 

83 

7 

3515/7733* 

Delta 

56 

41* 

97 

8 

8179/17,993*’ 

Atlas  HAS 

137 

80** 

217 

9 

11,348/24,965*’ 

Titan  IV 

162 

77“* 

239 

10 

5716/12,575** 

Atlas  1 

81 

00 

Q. 

159 

11 

6835/15,136** 

Atlas  IIA 

99 

76** 

175 

12 

6841/15,051** 

AdasIIA 

99 

VO 

00 

185 

13 

10,654/23,438* 

Delta 

ON 

A 

39* 

85 

14 

10,654/23,438* 

Delta 

46* 

39* 

85 

15 

10,654/23,438* 

Delta 

46* 

39* 

85 

*50%  wet  mass  of  full-scale  design  minus  payload  **100%  TFU  cost  of  full-scale  design 

**100%  wet  mass  of  full-scale  design  minus  payload  *Delta  launch  cost  without  transstage 

®50%  TFTJ  cost  of  full-scale  design 


6.2.8  Cost-Risk  Assessment  Methodology  and  Results 

Cost-risk  analysis  comprises  a  series  of  engineering  assessments  and  mathematical 
techniques,  whose  joint  goal  is  to  measure  the  degree  of  confidence  in  the  “single  best 
estimate”  of  system  cost.  A  three-step  procedure  built  upon  results  of  a  technical-risk 
study  typically  forms  the  cost-risk  analysis.  First,  an  engineering  assessment  of  the  various 
technologies  involved  in  each  subsystem  leads  to  a  triangular  probability  distribution  of 
subsystem  costs.  Second,  these  subsystem  cost  distributions  are  sampled  using  Monte 
Carlo  techniques  to  generate  a  cumulative  distribution  of  total  system  cost.  Finally,  once 
the  cumulative  distribution  has  been  established,  the  50th,  70th,  90th  or  other  cost 
percentiles  can  be  read  from  the  graph. 
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Table  6-7.  Summary  of  the  Estimated  Acquisition  Cost  of  the  15  Technology  Combinations 

in  the  OECS  Cost  Spreadsheets  (FY95  SM) 


Estimated 
TFU  Cost 

o 

_ _ 

_ _ 

\o 

W-1 

00 

r- 

00 

76  1 

1  98 

00 

49 

48 

Non-Recurring  Costs 

Estimated 
Total  Non¬ 
recurring 
Cost 

179 

315 

252 

213 

222 

399 

451 

1472 

1427 

1352 

1367 

1299 

550 

555 

540 

Shroud 

Modifi¬ 

cation 

o 

o 

o 

o 

o 

© 

o 

o 

CN 

o 

CN 

20 

o 

o 

o 

o 

Flight 

Demon¬ 

stration 

34 

00 

79 

41 

50 

83 

97 

217 

239 

159 

175 

185 

85 

00 

85 

DDT&E 

ON 

180 

On 

9^ 

118 

122 

211 

278 

975 

908 

913 

912 

857 

365 

370 

355 

Facilities  & 
Equipment 

25 

25 

25 

25 

25 

09 

09 

225 

225 

225 

225 

081 

75 

75 

75 

Technol¬ 
ogy  Acqui¬ 
sition 

29 

29 

29 

29 

25 

45 

VO 

35 

35 

35 

35 

37 

25 

25 

25 

Case 

No. 

- 

B 

NO 

1 

00 

ON 

O 

pwH 

CN 

The  cost-risk  method  employed  in  the  OECS  study  establishes  a  credible  and 
justifiable  “risk  factor”  that  is  supported  by  engineering  assessments  of  each  subsystem,  as 
well  as  other  factors  such  as  multiplicative  error  band  of  USCM  7  CERs,  CER  data  scatter 
for  various  learning  curves,  alternate  CERs,  uncertainty  in  CER  basis,  alternate  design 
solutions,  different  internal  component  environment,  alternate  manufacturing  methods, 
unknown  design  details,  technology  readiness  uncertainty,  potential  inheritance  fi’om 
similar  technologies,  potential  applicability  of  other  hardware,  and  uncertainty  in  NWODB 
approach.  The  risk  factor  is  then  applied  to  the  best-estimate  cost  as  a  multiplicative  factor 
to  yield  the  low-end  and  high-end  cost.  Monte  Carlo  random  sampling  from  each 
subsystem’s  triangular  distribution  produces  a  sequence  of  realizations  of  total-system  cost 
that  combine  to  define  the  cumulative  distribution  of  total-system  cost. 

We  have  estimated  the  cost  uncertainty  for  all  development  and  TFU  production  CBS 
elements  at  three  uncertainty  levels:  low,  most  likely,  and  high.  The  low  cost  estimate 
generally  specifies  subsystem  cost  under  the  most  optimistic  assumptions  concerning 
development  and  production  capabilities.  The  best-estimate  cost  is  typically  derived  fi'om 
the  output  of  a  cost  model  or  other  appropriate  estimating  procedure  such  as  analogy  or 
engineering  buildup.  The  high-end  cost  encompasses  the  impacts  of  the  many  technical 
risks  faced  in  developing  and  producing  the  subsystem.  The  resulting  triangular  cost 
distributions  defined  by  the  three  parts  are  used  as  inputs  to  the  Monte  Carlo  cost-risk 
analysis.  An  example  of  such  a  triangular  distribution  in  presented  in  Figure  6-5. 


Probability 


6-24  7.08  7.92  8.76  9.60 

Cost  (MS) 

Figure  6-5.  Typical  triangular  cost-distribution  function. 

Figure  6-6  shows  the  resulting  cost  distributions  for  development  costs  for  Reference 
Case  1  based  on  10,000  Monte  Carlo  samplings.  Table  6-8  displays  the  30%,  50%,  and 
70  %  points  for  the  development  and  production  costs  for  all  reference  cases.  The  50% 
confidence  numbers  do  not  agree  with  the  nominal  (most  likely)  values  because  most 
triangular  distributions  are  skewed  to  the  right  due  to  risk  considerations.  In  a  triangular 
distribution  skewed  to  the  high  side,  the  50%  confidence  value  (median)  is  always  higher 
than  the  most  likely  (mode)  value.  Only  in  symmetrical  distribution  do  the  two  values 
coincide.  The  cost-risk  analysis  for  new  technology  concepts,  with  its  bias  to  the  higher 
cost  side,  produces  conservative  cost  estimates. 
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Forecast:  Total  Development  Cost  -  Case  01 

Frequency  Chart  9,982  Trials  Shown 


Figure  6-6.  Example  output  for  Case  1  of  development  cost. 


Table  6-8.  Summary  of  the  Cost-Risk  Estimates  of  the  15  Technology  Combinations 
in  the  OECS  Cost  Spreadsheets  (FY95  $M) 


Spread¬ 

sheet 

No. 

Percentiles  of 
Production  (TFU)  Cost 

Percentiles  of 
Development  Cost 

30% 

50% 

70% 

30% 

50% 

70  % 

1 

33.92 

35.24 

36.50 

103.60 

106.75 

109,90 

2 

50.6 

52.88 

55.47 

204.19 

212.61 

220.04 

3 

47.24 

49.48 

51.83 

139.58 

143.77 

147.98 

4 

47.92 

50.14 

52.34 

134.36 

138.46 

142.64 

5 

50.55 

52.96 

55.21 

139.83 

144.08 

148.56 

6 

57.82 

59.82 

61.83 

227.31 

236.42 

245.13 

7 

88.19 

91.75 

95.54 

318.71 

330.37 

342.07 

8 

84.97 

89.55 

94.91 

964.94 

1069.56 

1180.06 

9 

83.40 

88.01 

93.40 

894.85 

993.78 

1108.94 

10 

83.27 

87.93 

93.33 

899.94 

997.78 

1108.91 

11 

83.33 

88.06 

93.81 

1054.3 

1184.9 

1292.7 

12 

93.17 

98.38 

104.32 

880.15 

949.12 

1019.35 

13 

51.79 

53.99 

56.32 

418.42 

440.40 

464.19 

14 

52.31 

54.46 

56.79 

425.57 

447.94 

471.54 

15 

51.92 

54.09 

56.38 

408.99 

430.84 

453.24 
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Frequency 


The  results  for  constant  power  level  and  variable  payload  mass  allow  us  to  draw  the 
following  qualitative  conclusions; 

•  Development  costs  are  low  for  solar  electric  and  solar  thermal  concepts 

•  Development  costs  are  medium  for  advanced  ciyogenic  stages 

•  Development  costs  are  high  for  nuclear  reactor-based  concepts 

•  Production  costs  are  low  for  solar  electric  and  solar  thermal  concepts 

•  Production  costs  are  high  for  nuclear  and  solar  bimodal  concepts 
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7.  COST/COST-EFFECTIVENESS  RESULTS 


Our  cost-effectiveness  analysis  is  a  simple  comparison  of  the  cost  of  alternatives  that 
perform  equal  tasks.  In  Section  4.3,  we  discuss  the  concept  of  constellation  av^ability  and 
its  use  to  define  equal  constellation  maintenance  tasks  independent  of  our  technologies — 
specifically,  independent  of  the  deployment  times  of  satellites  to  orbit.  In  this  chapter  we 
apply  these  concepts  and  define  equal  tasks  based  on  buying  and  launching  satellites  to 
establish  constellations  and  maintain  them  at  a  given  availability  for  15  years. 

Many  aspects  of  these  constellations  and  their  satellites  are  dependent  on  the  ORM.  In 
Chapter  2  we  define  the  critical  ORM  parameters  as; 

•  Satellite  orbital  parameters,  which  define  lift  AV 

•  Satellite  reliability,  which  defines  hold  AV  through  mean  mission  duration 
(MMD) 

•  Satellite  move  AV 

•  Mass  of  payload  (MPL) 

•  Electrical  power  to  payload  (PPL) 

•  Constellation  size,  which,  with  satellite  reliability  and  other  parameters, 
determines  number  of  satellites  and  launchers  bought 

Using  these  parameters,  we  have  defined  representative  satellite  constellations 
for  comparisons  of  the  relative  cost-effectiveness  of  the  various  technologies.  Actual 
OECS  cost  estimates  are  shown  in  this  chapter  only  for  baseline  technologies.  Extensive 
parametric  cost  estimates  for  all  ORMs  and  technologies  appear  in  Appendix  E.  However, 
be  cautioned  that  these  numbers  should  also  be  used  relative  to  one  another  and  not  as 
stand-alone  estimates. 

As  discussed  in  Chapter  6,  our  cost  is  not  a  life  cycle  cost;  it  is  an  acquisition  cost  that 
excludes  operations  and  support  (O&S)  costs  associated  with  the  satellite  payload  and  bus. 
Our  goal  is  to  identify  the  circumstances  for  which  each  innovative  technology  either  excels 
or  is  competitive  with  other  technologies  based  on  acquisition  costs.  This  requires 
examining  technologies  over  a  range  of  ORM  parameters. 

We  initially  planned  to  rely  on  response-surface-methodology  (RSM)  analysis 
techniques  to  analyze  and  present  the  cost-effectiveness  data.  RSM  can  condense  large 
discrete  data  sets  into  continuous  approximation  equations  through  multiple  linear 
regression.  Unfortunately,  the  launch  cost  component  of  the  cost  data  is  a  step  function, 
changing  significantly  with  launch  vehicle.  Initial  RSM  approximations  resulted  in 
unacceptably  large  residuals  when  compared  to  the  original  data  on  which  they  were 
based.  This  problem  defied  attempts  at  solution,  including  varying  the  underlying 
experimental  design  of  the  RSM  and  reducing  the  number  of  independent  parameters 
fi’om  five  to  three.  The  alternative  of  reducing  the  parameter  ranges  was  not  considered 
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acceptable  given  the  goals  of  the  study,  and  it  was  impractical  to  subdivide  the  parameter 
ranges  because  of  the  corresponding  increase  in  both  input  and  output  data. 

Since  RSM  was  not  an  option,  we  adopted  the  more  usual  but  less  flexible  parametric 
analysis.  Parametric  analysis  typically  requires  comparisons  on  a  case-by-case  basis  or 
by  simple  curves  of  the  dependent  variable  (cost  in  our  case)  as  a  function  of  a  single 
independent  variable  (either  MPL,  PPL,  MMD,  move  AV,  or  number  of  satellites 
required). 

Our  initial  investigations  led  us  to  simplify  our  comparison  process  and  consider  only 
three  independent  variables:  MPL,  PPL,  and  number  of  satellites  launched.  We  showed  that 
MMD  and  move  AV  have  significantly  less  influence  on  cost  and  cost  differences  than  the 
other  three  variables.  Thus,  we  have  set  MMD  and  move  AV  to  nominal  values  while 
exploring  the  effects  of  changes  in  the  MPL,  PPL,  and  number  of  satellites  launched. 

For  the  cost  estimates  in  Appendix  E,  we  assign  each  of  the  three  variables  four 
values,  dividing  their  ranges  into  three  equal  intervals.  Thus,  if  the  range  of  PPL  is  0.5-5.0 
kW,  we  examine  discrete  values  of  0.5,  2.0,  3.5,  and  5.0  kW.  An  exception  is  made  for 
satellites  required,  where  we  have  rounded  to  the  nearest  integer. 

This  format  produces  64  combinations  (4x4x4)  of  MPL,  PPL,  and  number  of 
satellites,  providing  a  comprehensive  picture  of  the  relative  cost  of  each  technology  for 
identical  parameter  values.  However,  these  estimates  are  not  usable  for  cost-effectiveness 
comparisons  because  the  number  of  satellites  bought  for  equal  constellation  maintenance 
tasks  varies  with  satellite  deployment  time — ^i.e.,  with  technology.  This  variation  is 
considered  in  the  cost-effectiveness  tables  of  this  chapter. 

7.1  ORMI(GEO) 

Table  7-1  shows  the  relative  cost  effectiveness  of  the  baseline  and  innovative 
technologies  for  establishing  and  maintaining  a  constellation  of  five  satellites  in  ORM  1 
(GEO)  for  15  years.  Specific  combinations  of  lift,  hold,  and  move  technologies  are  listed  at 
the  top  of  the  table.  These  combinations  were  chosen  as  the  least  costly  representatives  for 
each  category  of  lift  technology  based  on  the  results  in  the  cost  tables  in  Appendix  F.  Table 
7-1  also  gives  the  number  of  satellites  needed  with  each  combination  of  technologies  to 
establish  and  maintain  the  constellation.  These  numbers  are  averages  of  500  replications  of 
the  GAP_PLUS  simulation  and  are  accurate  to  roughly  ±0.2  satellites.  Plus  or  minus  0.2 
satellites  corresponds  roughly  to  ±1%  of  the  total  cost  of  establishing  and  maintaining  the 
constellation — ^not  a  significant  factor  in  the  comparison.  The  numbers  of  satellites  shown 
in  Table  7-1  are  approximately  equal  because  all  technologies  require  one  on-orbit  spare  to 
achieve  the  0.96  availability  for  which  the  table  is  constructed. 

The  left  side  of  Table  7-1  shows  four  MPLs  ranging  from  200  to  2000  kg.  The  MPLs 
are  arranged  in  four  groups  corresponding  to  four  different  values  of  PPLs.  In  terms  of 
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Table  7-1.  ORM  1  (GEO):  Cost-Effectiveness  Results  for  a  Five-Satellite  Constellation 


VO 


standard  moves  (see  Chapter  2),  satellite  MMD  and  maneuver  AV  are  fixed  at  nominal  values 
of  lb  years  and  3.25  moves,  respectively. 

The  second  column  of  Table  7-1  displays  the  OECS  baseline  acquisition  costs  in  billions 
of  FY95  dollars.  All  other  entries  in  the  table  are  relative  to  these  costs.  The  column  also 
identifies  which  baseline-technology  launch  vehicle  (LV)  would  be  required  for  each  of  the 
stipulated  MPLs  (Titan  IV  [T],  Atlas  [A],  Delta  [D],  or  LLV3  [L]). 

The  remainder  of  Table  7-1  is  organized  to  highlight  categories  of  relative  costs.  Four 
categories  are  considered: 

•  Greater  than  1 5%  savings  relative  to  the  baseline  cost 

•  Within  ±1 5%  of  the  baseline  cost 

•  More  than  15%  greater  than  the  baseline  cost 

•  No  comparison  possible,  technology  is  too  heavy  for  launch  vehicle 

Cost  differences  varying  from  the  baseline  by  more  than  ±15%  are  considered 
significant.  Smaller  cost  differences  are  considered  indistinguishable  from  one  another.  This 
decision  acknowledges  the  intrinsic  uncertainty  in  estimating  costs.  While  15%  is  somewhat 
arbitrary,  it  can  be  justified  by  the  fact  that  Table  7-1  (and  the  other  tables  of  this  chapter) 
are  changed  little  if  10%  or  20%  is  substituted  for  15%. 

The  four  categories  are  indicated  in  the  table — and  all  other  tables  in  this  chapter — by 
different  shading.  Unshaded  areas  indicate  combinations  with  greater  than  15%  savings  over 
the  baseline.  Lightly  shaded  areas  indicate  combinations  costing  within  ±15%  of  the 
baseline.  Black  indicates  more  than  15%  greater  cost  than  the  baseline.  Finally,  the 
intermediate  shading  indicates  the  technology  is  too  heavy  for  any  launch  vehicle.  In 
addition  to  the  shading,  the  letters  A,  D,  L,  and  T  identify  the  innovative  technology  launch 
vehicle  whenever  stepdown  from  the  baseline  launch  vehicle  occurs.  Specific  percentage 
savings  are  given  when  greater  than  15%.  Throughout  this  chapter,  the  reader  can  observe 
that  greater  than  15%  savings  are  always  accompanied  by  launch  vehicle  stepdown, 
although  the  converse  is  not  true. 

The  results  in  Table  7-1  assume  the  RDT&E  costs  for  each  innovative  technology  ^e 
amortized  over  the  number  of  satellites  indicated.  Thus,  Table  7-1  indicates  a  very  fast 
payback  on  technology  investment.  Opportunities  for  significant  savings  are  almost 
exclusively  found  among  the  solar  technologies,  especially  Xe  ion,  SPT,  and  solar  thermal. 
Percentage  savings  over  the  baseline  will  increase  if  RDT&E  costs  can  be  amortized  over 
more  launches. 

Table  7-2  is  similar  to  Table  7-1  in  every  way  except  that  a  three-  rather  than  a  five- 
satellite  constellation  is  represented.  Because  the  amortization  of  the  RDT&E  costs  are  over 
a  smaller  number  of  satellites,  there  are  fewer  opportunities  for  significant  savings,  and 
savings  for  any  given  combination  of  technologies  are  less  than  in  the  five-satellite  case. 
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Table  7-2.  ORM  1  (GEO);  Cost-Effectiveness  Results  for  a  Three-Satellite  Constellation 


I  >  15%  additional  cost 
J  technology  too  heavy  for 
launch  vehicle 


7.2  ORM  2A  (GPS) 

Table  7-3  shows  the  cost-eflfectiveness  results  for  ORM  2a  (GPS).  The  format  of  the 
table  is  identical  to  that  of  Tables  7-1  and  7-2,  although  the  technology  combinations  and 
the  values  of  the  independent  parameters  differ.  Table  7-3  is  based  on  a  constellation 
availability  of  0.98.  None  of  the  innovative  technologies  require  augmentation  of  the 
normal  constellation  with  additional  on-orbit  spares  to  achieve  this  availability.  This  results 
in  little  variation  in  the  number  of  satellites  from  technology  to  technology. 

Many  of  the  innovative  technolo^es  are  capable  of  producing  significant  cost  savings 
relative  to  the  baseline  for  ORM  2a  (GPS).  Only  the  nuclear  systems  with  their  large 
RDT&E  costs  are  left  out  entirely,  while  all  the  solar  technologies  are  roughly  equivalent 
in  the  savings  they  produce.  The  equivalency  of  the  solar  technologies  can  be  explained  by 
three  factors:  universal  step-down  from  Delta  or  Atlas  to  LLV3;  similar  numbers  of 
satellites  required;  and  similar  costs  for  technology  RDT&E.  Potential  savings  from  using 
any  of  the  solar  technologies  could  be  several  billion  dollars  over  15  years  from  this  one 
constellation. 

7.3  ORM  3A  (LEO-POLAR) 

A  table  is  not  presented  for  ORM  3  (LEO-Polar).  There  are  no  occurrences  of 
significant  savings  for  this  ORM  and  no  instances  of  step-down.  Lack  of  savings  and  step- 
down  is  attributable  to  the  low  AV  values  associated  with  this  ORM.  This  does  not 
automatically  mean  that  the  innovative  technologies  are  not  useful  for  lower  altitude 
orbital  transfers.  It  does  suggest  that  low  altitude  applications  are  unlikely  to  offer  an 
incentive  for  developing  the  technologies. 

7.4  ORM4(HEO) 

Table  7-4  presents  the  cost-effectiveness  results  for  ORM  4  (HEO).  This  table 
corresponds  to  a  two-satellite  constellation  with  0.97  availability.  The  format  for  this  table 
is  similar  to  that  of  the  previous  tables,  but  the  technology  choices  differ  for  ORM  4. 
Neither  nuclear  electric  nor  solar  electric  technologies  are  suited  to  lift  because  of  the  high 
eccentricity  of  ORM  4.  Therefore,  they  are  not  viable  technology  choices.  Additionally, 
some  of  the  combinations  of  payload  mass  and  power  exceed  the  lift  capability  of  the 
baseline  Titan  IV  (see  Footnote  bin  the  column  on  baseline  cost).  There  is  no  baseline  cost 
estimate  for  these  cases  and  consequently  no  way  of  comparing  relative  costs.  These  rows 
are  left  unshaded  for  the  innovative  technologies  that  can  lift  the  satellite  to  HEO. 

However,  only  their  launch  vehicle  is  indicated. 

Because  the  HEO  constellation  contains  only  two  satellites,  the  number  of  satellites 
required  is  small.  This,  combined  with  a  lift  AV  smaller  than  ORM  1  (GEO),  results  in  few 
instances  of  significant  cost  savings. 
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Table  7-3.  ORM  2a  (GPS):  Cost-Effectiveness  Results 
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Table  7-4.  ORM  4  (HEO):  Cost-Effectiveness  Results 
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7.5  COST-EFFECTIVENESS  SUMMARY 


The  cost-effectiveness  results  are  easily  summarized: 

•  For  equal  tasks,  solar  lift  technologies  are  frequently  less  costly  than  the 
baseline  technologies  despite  longer  satellite  deployment  times.  This  cost 
reduction  is  always  associated  with  launch  vehicle  step-down. 

•  Development  and  use  of  one  or  more  innovative  solar  technologies  for  ORM  1 
(GEO)  and/or  ORM  2a  (GPS)  lift  is  justifiable  based  on  cost  effectiveness. 

•  Use  of  an  innovative  technology  developed  for  GEO  and/or  GPS  is  likely  to  be 
cost  effective  for  ORM  4  (HEO)  lift. 

•  Use  of  an  innovative  technology  developed  for  GEO  and/or  GPS  may  or  may 
not  offer  significant  cost  advantages  when  used  at  LEO. 

The  first  two  conclusions  are  unequivocal  within  the  context  of  the  OECS.  The  real 
world  is  more  complex.  For  example,  payloads  that  might  ideally  go  on  a  Titan  IV  if  cost 
were  not  a  consideration  may  be  pared  down  to  fit  on  an  Atlas  HAS.  The  performance  and 
dollar  costs  associated  with  such  compromises  are  hard  to  quantify  in  either  operational  or 
cost  terms.  Does  this  mean  that  the  above  conclusions  don’t  hold  in  the  real  world?  No. 
There  is  little  doubt  that  the  current  GPS  function  could  be  launched  on  LLV3,  and  many 
payload  functions  going  to  GEO  on  Atlas  or  Titan  could  be  stepped  down. 
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8.  SUMMARY  AND  CONCLUSIONS 

Chemical  upper  stages  are  our  only  current  means  for  moving  satellites  from  booster 
burnout  to  lugh  altitude  orbits.  However  studies  indicate  a  number  of  innovative  upper- 
stage  propulsion  technologies  may  achieve  better  performance  than  chemical  propulsion 
technologies  on  a  given  booster.  Innovative  technologies  also  offer  opportunities  to  move 
payloads  to  smaller  and  less  expensive  boosters,  albeit  often  with  longer  orbital  transfer 
times.  The  development  of  these  technologies  moved  slowly  in  an  environment  in  which 
operational  costs  were  not  a  primary  consideration.  That  situation  has  changed — ^reducing 
operational  cost  is  now  a  priority,  and  interest  in  the  innovative  technologies  is  growing. 

CHven  this  new  cost  consciousness,  it  is  sensible  to  compare  the  innovative 
technologies  to  today’s  baseline.  The  Space  Propulsion  and  Power:  Operational 
Effectiveness  and  Cost  Stucfy  (OECS)  does  that  for  six  innovative  space-propulsion 
technologies  using  a  consistent  methodology  to  examine  effectiveness  and 
cost  effectiveness.  The  baseline  for  comparison  consists  of  appropriate  configurations 
of  the  Delta,  Atlas,  and  Titan  IV  with  Solid  Rocket  Motor  Upgrade. 

The  OECS  focuses  on  upper  stage  propulsion  (lift),  but  it  also  considers  propulsion 
for  on-orbit  stationkeeping  (hold)  and  maneuver  (move).  Electrical  power  generation  is 
an  integral  part  of  the  comparison  because  many  of  the  innovative  lift  technologies  provide 
electrical  power  with  propulsion.  Each  of  the  innovative  technologies  considered  here  is 
estimated  to  be  capable  of  supporting  flight  demonstration  within  seven  years  and  initial 
operational  capability  (IOC)  within  ten  years  if  the  technology  is  adequately  funded. 

The  innovative  technologies  considered  in  this  study  are: 

•  Advanced  cryo  (advanced  cryogenic  propulsion  and  photovoltaic  power) 

•  Nuclear  bimodal  (nuclear  thermal  propulsion  and  thermoelectric  power) 

•  Solar  bimodal  (solar  thermal  propulsion  and  thermionic  power) 

•  Solar  thermal  (solar  thermal  propulsion  and  photovoltaic  power) 

•  Nuclear  electric  (nuclear  electric  propulsion  and  thermionic  power) 

•  Solar  electric  (solar  electric  propulsion  and  photovoltaic  power) 

Because  of  the  diversity  of  electric  propulsion  thrusters,  four  thruster  options  for  lift 
are  considered  for  nuclear  and  solar  electric:  ammonia  arcjets,  hydrogen  arcjets,  xenon 
stationary  plasma  thrusters,  and  xenon  ion  thrusters. 

The  principal  advantage  of  the  innovative  technologies  over  the  baseline  technologies 
is  their  higher  I,p  values.  These  values  translate  to  less  propellant  mass  to  produce  a  given 
change  in  velocity — ^that  is,  more  efficient  use  of  propellant.  The  principal  disadvantages 
of  the  innovative  technologies  are: 

•  Large  propulsion-system  mass  (characteristic  of  nuclear  bimodal  and  nuclear 
electric) 
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•  Low  thrust,  which  results  in  long  transfer  times  (solar  bimodal  and  solar  thermal 
transfer  to  GEO  »  1  mo,  nuclear  and  solar  electric  transfer  to  GEO  »  10  mo) 

•  Reliance  on  cryogenic  hydrogen  as  a  propellant,  which  results  in  large 
propellant  tanks  and,  hence,  large  propulsion  systems  that  may  not  always  fit 
within  existing  launch  fairings  (nuclear  bimodal,  solar  bimodal,  solar  thermal, 
and  nuclear  and  solar  electric  hydrogen  arcjets) 

This  study  uses  four  representative  operational  reference  missions  (ORMs)  as  a 
fi-amework  for  the  effectiveness  and  cost-effectiveness  comparisons: 

•  ORM  1 :  geosynchronous  Earth  orbit  (GEO),  as  typified  by  DSCS 

•  ORM  2:  mid-Earth  orbit  (MEO),  as  typified  by  GPS 

•  ORM  3:  low  Earth  orbit  ^EO),  as  typified  by  DMSP 

•  ORM  4:  highly  eccentric  orbit  (HEO),  as  typified  by  Molniya 

These  ORMs  are  based  primarily  on  current  and  potentially  useful  military  constellations. 

The  effectiveness  analysis  focuses  on  two  factors:  (1)  the  ability  of  all  the  tech¬ 
nologies  to  place  payload  mass  and  payload  electrical  power  in  mission  orbit,  and  (2)  the 
ability  of  the  innovative  technologies  to  step  down  payloads  from  their  baseline  launch 
vehicles  to  less  capable,  less  expensive  launch  vehicles.  A  single  computer  design  model 
was  used  to  incorporate  all  the  innovative  propulsion  and  power  technologies  into  the 
designs  of  the  upper  stages  and  satellite  buses. 

The  cost  model  combines  the  CERs  developed  for  the  innovative  technologies 
with  the  CERs  for  the  existing  upper  stage  and  satellite  components.  This  model  estimates 
system  acquisition  costs  rather  than  life  cycle  costs.  The  acquisition  costs  differ  from  life 
cycle  costs  by  the  omission  of  operation  and  support  (O&S)  costs  for  the  satellite  payload 
and  bus,  both  of  which  should  be  essentially  independent  of  the  technologies  being 
considered.  All  other  costs  associated  with  life  cycle  costs  are  considered,  including 
technology  RDT&E,  launch  vehicle  acquisition  and  launch  support,  and  satellite  bus  and 
payload  acquisition.  The  analysis  compares  the  cost-effectiveness  of  the  technologies  in 
establishing  and  maintaining  equivalent  constellations  for  15  years  in  each  ORM. 

8.1  EFFECTIVENESS  RESULTS 

The  results  of  the  effectiveness  analysis  show  the  following: 

•  Innovative  technologies  can  provide  substantial  increases  in  the  on-orbit 
payload  mass  and  electrical  power  of  satellites  in  high  energy  ORMs  (GEO, 
MEO,  and  HEO).  Thus  the  innovative  technologies  could  eliminate  any  need 
for  a  highly  optimized  booster. 

•  Launch  packaging  for  current  Atlas  and  Delta  fairings  is  a  potentially  serious 
problem  for  all  the  low  thrust  technologies. 
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•  No  innovative  technology  can  enable  complete  payload  step-down  from  a  fully 
loaded  GEO-bound  Titan  IV  to  an  Atlas.  However  a  booster  capable  of  about 
50-60%  of  the  Titan  IV  performance  to  LEO  can  support  complete  step-down 
for  the  payloads  on  all  Titan  IV-class  launch  vehicles. 

•  For  most  other  high  energy  ORMs,  one  or  more  of  the  innovative  technologies 
would  permit  payloads  that  exceed  current  capacities  while  stepping  down  from 
Titan  TV  to  Atlas,  from  Atlas  to  Delta,  or  from  Delta  to  Martin-Lockheed 
Launch  Vehicle  3, 

•  Ifrgh  constellation  availabilities  can  be  mmntained  with  very  low  thrust  electric 
technologies  despite  the  long  trip  times  required,  provided  on-orbit  spare 
satellites  are  used. 

8.2  COST-EFFECTIVENESS  RESULTS 

We  assume  acquisition  costs  for  the  innovative  technologies  are  significantly  different 
from  baseline  costs  if  they  differ  by  more  than  15%.  The  cost-effectiveness  results  show 
the  following: 

•  Solar  lift  technologies  are  frequently  less  costly  than  baseline  technologies  for 
equal  tasks,  despite  longer  satellite-deployment  times  arising  from  the  lower 
thrust. 

•  Launch  vehicle  step-down  is  the  essential  element  in  realizing  cost  savings  from 
the  innovative  technologies. 

•  Developing  and  using  one  or  more  innovative  solar  technologies  for  ORM I 
(GEO)  and  ORM2a  (GPS)  lift  would  be  cost  effective. 

•  No  innovative  technology  provides  significant  cost  savings  for  the  LEO  ORM. 

8.3  GENERAL  TECHNOLOGY  ASSESSMENTS 

The  following  general  technology  assessments  are  based  on  the  results  of  the 
effectiveness  and  the  cost-effectiveness  analyses: 

•  Solar  thermal  and  solar  bimodal  ^sterns  are  the  most  pervasively  cost-effective 
innovative  technologies;  they  have  short  trip  times;  and  they  perform  very  well. 

•  Solar  electric  systems  are  very  competitive  for  all  ORMs  except  HEO,  unless 
the  long  trip  times  they  require  prohibit  their  use  for  a  particular  mission. 

•  Nuclear  bimodal  and  nuclear  electric  systems  perform  effectively  on  Titan  and 
Atlas,  but  their  high  mass  prevents  them  from  performing  effectively  on  Delta. 
However  these  technologies  are  not  typically  cost  effective  because  of  their 
large  development  costs. 

•  Advanced  cryogenic  systems  provide  only  incremental  improvements  in 
performance  except  for  Delta,  where  dramatic  results  could  be  achieved  by 
replacing  the  second  stage  and  the  PAM  II  upper  stage  with  a  cryogenic  stage. 
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8.4  FINAL  THOUGHTS 

The  results  of  the  OECS  could — ^and  probably  should — ^have  a  substantial  impact  on 
any  future  programs  to  develop  launch  vehicles.  In  particular,  the  innovative  technologies 
may  impose  constraints  on  ground  processing  facilities,  on  the  launch  requirements  to 
LEO  orbits,  and  on  fairing  dimensions. 

Will  the  development  of  the  evolved  expendable  launch  vehicle  (EELV)  alter  the 
conclusions  of  the  OECS?  There  will  be  less  savings  from  adopting  an  innovative 
technology  if  the  EELV  provides  a  significant  reduction  in  launch  costs,  especially  if  it 
reduces  the  difference  in  cost  between  adjacent  classes  of  launch  vehicles.  As  it  stands 
today,  there  is  very  roughly  a  difference  of  a  factor  of  two  in  the  cost  of  adjacent  classes 
of  launch  veWcle.  For  example,  there  is  over  $100M  difference  in  cost  between  Atlas  HAS 
and  Titan  IV.  If  the  EELV  reduced  this  difference  to  $10M  instead  of  SIOOM,  it  is 
doubtful  whether  the  improved  cost  effectiveness  of  the  innovative  technologies  would 
be  a  sufficient  incentive  to  develop  them.  However  the  innovative  technologies  would  still 
offer  improved  lift  capability  over  chemical  upper  stages,  and  this  alone  might  justify  their 
development  and  use. 
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APPENDIX  A 


RELATIONSHIP  BETWEEN  MEAN  MISSION  DURATION 
AND  DESIGN  LIFE  IN  THE  OECS 

Satellite  reliability  is  generally  modeled  with  the  two-parameter  Weibull  distribution. 
Weibull  reliability  is  given  by 


R(t)  =  e 


where  t  is  time,  the  parameter  a  is  related  to  the  mean,  and  P  is  the  “shape”  parameter.  However, 
the  OECS  assumes  that  R(t)  goes  to  0  at  the  mean  satellite  design  life  (i.e.,  at  truncation  time),  x. 
By  fixing  satellite  reliability  at  design  life  at  0.6,  we  get  a  fixed  relationship  between  satellite 
mean  mission  duration  (MMD)  and  design  life.  This  reduces  the  number  of  analysis  parameters 
we  must  consider  in  the  OECS  without  any  significant  loss  of  generality. 

Assuming  P  =  1.6  (a  typical  value  for  general  analyses)  and  R(x)  =  0.6,  we  have 

0.6  =  c 

By  taking  logs  of  both  sides  and  rearranging,  we  get 

(-ln0.6)'^6=  0.6572  =  - 

a 


whence 


T  =  0.6572a 


or 


a  =  1.5217T 


Now  the  mean  mission  duration,  MMD  is  given  by 

r  J 

MMD(a,r)  =  je  dt 

0 


or  substituting  for  a 
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t  ['0.6572/ Y* 

MMZ)(T)  =  Je’'‘  "  ^  dt 
0 

We  now  ask  the  question,  what  value  of  t  satisfies  the  equation 


X  /'0.6572/Y‘ 

f(,x)  =  MMD-]e^  "  ^  dt  =  0 


We  solve  for  x  by  writing  k  =  0.6572  and  transforming  the  integral  with  the  substitution 


z 


whence 


T  f  1.6 

-fc""  d:x  =  0.831  It 

k  J 

0 


This  yields  a  linear  equation  in  x 


MMD 

0.8311 

and 


a  =  1J217T  =  1.8309  x  MMD 
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APPENDIX  B 


SIZING  RELATIONSHIPS  IN  THE 
COST/ENGINEERING  MODEL  (OCEM) 

OCEM  is  a  complex  engineering  and  costing  model.  It  performs  a  high-level  design  of 
(that  is,  it  sizes)  a  complete  spacecraft  having  lift,  hold,  move,  and  electrical  power  subsystems 
designed  to  perform  a  specified  mission.  In  one  mode,  OCEM  maximizes  a  performance 
parameter,  such  as  satellite  payload  mass.  In  a  second  mode,  it  minimizes  cost  by  determining  the 
smallest  possible  launch  vehicle  that  will  support  the  mission.  Both  objectives  involve  many 
sizing  iterations  as  the  model  converges  on  a  solution. 

This  appendix  focuses  on  the  OCEM  sizing  process.  It  overviews  methodology  and 
assumptions  and  how  they  are  applied  to  each  of  the  OECS  technologies.  It  also  discusses  the 
sizing  algorithms  used  by  the  model. 

B.1  OVERVIEW  OF  OCEM  SIZING 

The  sizing  portion  of  OCEM  is  based  on  the  spacecraft  sizing  and  launch  vehicle  sizing 
algorithms  developed  by  the  Aerospace  Corporation’s  Vehicle  Design  and  Manufacturing 
Department  and  on  additional  innovative  technology-specific  algorithms  provided  by  the  OECS 
technologists.  The  model  performs  a  preliminary  sizing  of  the  satellite  bus  and  any  integrated 
upper  stage  given  satellite  mission  and  payload  requirements.  These  requirements  are 

•  Mission  orbit  (that  is,  the  ORM) 

•  Lifetime 

•  On-orbit  maneuvers 

•  Payload  mass 

•  Payload  end-of-life  electric  power 

•  Pointing  accuracy 

By  payload  we  refer  to  all  nonbus  hardware  required  to  perform  an  operational  mission 
(see  Section  1.5  of  Chapter  1).  Examples  of  payload  hardware  include  mission  sensors,  antennas, 
amplifiers,  lenses,  and  focal  plane  coolers.  The  bus  includes  structure,  command  and  control, 
power,  thermal  control,  propulsion,  and  other  housekeeping  subsystems. 

Most  of  the  technologies  are  scalable,  that  is,  the  design  can  be  customized  for  a  specific  set 
of  requirements.  However  baseline  chemical,  advanced  cryo,  and  nuclear  bimodal  lift  are  fixed 
designs.  In  addition,  several  technologies  use  an  integral  propulsion  subsystem  for  both  orbit 
transfer  and  on-orbit  propulsion.  Exceptions  are  baseline  chemical,  advanced  cryo,  and  solar 
thermal.  Baseline  and  advanced  cryo  use  a  separate  upper  stage.  When  orbit  transfer  is  complete, 
the  upper  stage  is  abandoned.  Solar  thermal  involves  another  approach:  its  transfer  propulsion  is 
integrated  to  the  spacecraft  (i.e.,  it  uses  spacecraft  resources  such  as  power  and  command  and 
control),  but  the  subsystem  is  separated  from  the  satellite  once  transfer  is  complete.  The  same  is 
true  for  solar  electric-hydrogen  arcjet  lift  because  of  the  large  size  of  the  hydrogen  tank.  Table 
B-1  summarizes  these  approaches. 
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Table  B-1.  Sizing  Approaches 


Technology 

Design  Type 

How  Used 

Baseline  Chemical 

Fixed 

Separate  upper  stage;  one  per  launch  vehicle 

Advanced  Cryo 

Fixed 

Separate  upper  stage;  one  per  launch  vehicle 

Nuclear  Bimodal 

Fixed 

Integral  to  spacecraft 

Solar  Bimodal 

Scalable 

Integral  to  spacecraft 

Solar  Thermal 

Scalable 

Integrated  with  spacecraft  (drops  off) 

Nuclear  Electric 

Scalable 

Integral  to  spacecraft 

Solar  Electric 

Scalable 

Integral  to  spacecraft  (H2  arcjet  lift  pro¬ 
pulsion  drops  off) 

Mission  and  payload  requirements  are  used  to  size  eight  major  spacecraft  subsystems: 
payload,  attitude  determination  and  control  (ADACS),  telemetry  tracking  and  commanding 
(TTi&C),  command  and  data  handling  (C&DH),  thermal,  structure,  power,  and  propulsion.  The 
propulsion  subsystem  provides  transfer  and  on-orbit  propulsion.  Table  B-2  lists  the  general  sizing 
methodology  and  major  assumptions  used  for  each  of  the  major  subsystems.  The  overall  process 
of  sizing  the  spacecraft  is  summarized  in  Figure  4-6  of  Chapter  4.  The  process  involves  several 
iterations  to  converge  on  a  design  because  all  the  subsystems  are  interrelated. 


Table  B-2.  Sizing  Method  and  Assumptions  for  Spacecraft  Subsystems 


Subsystem 

Sizing  Method 

Major  Assumptions 

Payload 

Fixed  mass  and  power  (as  input) 

User  input 

ADACS 

Database  lookup 

0.07°  attitude  knowledge 

0.01°  pointing  accuracy 

TT&C 

Database  lookup 

Standard  Ground  Link  System  (SGLS)- 
based  downlink 

C&DH 

Database  lookup 

Integrate  spacecraft  processor  (also 
performs  ADACS  processing) 

No  data  storage 

Mil-Std-1553B  data  bus 

Thermal 

Historical  spacecraft  properties 

Passive  thermal  control  system  (radiators, 
heat  pipes,  etc.) 

Structure 

Historical  spacecraft  properties 

Aluminum  with  selective  use  of  composites 

Power 

Analytical  relationships 

Technology-specific 

Propulsion 

Analytical  relationships 

Technology-specific 

Spacecraft  Bus 

Sum  of  propulsion,  ADACS,  TT&C, 
C&DH,  thermal,  power,  and  structure 

15%  growth  margin  based  on  dry 
spacecraft  bus 

Launch  Vehicle 
Adapter 

Fixed  mass 

68  kg 
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B.2  COMMON  SIZING  ASSUMPTIONS  FOR  SATELLITE  SUBSYSTEMS 

Many  common  assumptions  about  sizing  can  be  made  that  are  not  dependent  upon  the 
propulsion  and  power  subsystems.  These  assumptions  are  discussed  in  this  section. 

B.2.1  Payload 

The  payload  is  treated  as  a  black  box  by  OCEM;  only  payload  mass  and  payload  electric 
power  need  to  be  specified.  These  parameters  are  input  by  the  user  in  the  case  of  the  cost  analysis 
or  optimized  by  OCEM  when  determining  effectiveness  (see  Figure  4.1  in  Chapter  4).  Payload 
mass  and  power  influence  the  rest  of  the  spacecraft  design. 

B.2.2  Attitude  Determination  and  Controi  System  (ABACS) 

AD  ACS  is  sized  using  a  list  of  currently  available  components  chosen  by  Aerospace 
Corporation.  The  subsystem,  which  is  identical  for  all  satellites,  consists  of  four  fine  digital  sun 
sensors  (2-axis),  two  conical  Earth-scanning  sensors,  two  gyros,  two  reaction  wheel  assemblies, 
and  interface  electronics.  LEO  satellites  require  the  addition  of  a  torque  rod  and  magnetometer, 
and  HEO  satellites  require  the  addition  of  three  rate-measuring  assemblies  to  monitor  changes  in 
pitch  rates. 

B.2.3  Telemetry,  Tracking,  and  Commanding  (TT&C) 

The  TT&C  subsystem  is  sized  using  a  list  of  currently  available  components  chosen  by 
Aerospace  Corporation.  All  satellites  contain  identical  components.  It  is  SGLS-based  and 
consists  of  three  antennas,  two  transponders,  two  radio  frequency  (RF)  diplexers,  and  two 
command/telemetry  units. 

B.2.4  Command  and  Data  Handling  (C&DH) 

C&DH  is  sized  using  a  list  of  currently  available  components  chosen  by  Aerospace 
Corporation.  All  satellites  contain  identical  components.  It  consists  of  two  integrated  computers 
(shared  with  the  ADACS)  and  a  Mil-Std-1553  data  bus. 

B.2.5  Thermal 

The  thermal  subsystem  is  used  to  dissipate  heat  generated  by  the  power  subsystem  and  is 
thus  sized  based  on  end-of-life  (EOL)  power.  Both  subsystem  mass  and  power  requirements  are 
sized  as  a  percentage  of  EOL  power  based  on  historical  satellite  systems. 

B.2.6  Structure 

Structure  is  sized  as  a  percentage  of  the  dry  satellite  mass  and  is  based  on  historical  data.  Dry 
mass  refers  to  the  bus  structure  in  our  case.  Some  of  the  innovative  propulsion  and  power 
technologies  incorporate  their  own  structure,  and  this  mass  is  not  included.  Solar  electrics  use  the 
entire  dry  spacecraft  excluding  the  transfer  hydrogen  arcjets  and  the  hydrogen  tank,  which  are 
dropped  off.  For  nuclear  electrics,  the  nuclear  system  is  excluded  from  the  satellite  mass,  as  is  the 


181 


hydrogen  arcjet  propellant  tank.  The  hydrogen  tank  is  also  excluded  for  the  solar  thermal,  solar 
bimodal,  and  nuclear  bimodal  technologies,  as  are  the  transfer  propulsion  systems.  The  solar 
thenhal  propulsion  system  and  its  propellant  tank  drop  off,  and  solar  bimodal  and  nuclear 
bimodal  incorporate  their  own  structure.  The  separate  upper  stages  used  with  the  baseline 
chemical  and  advanced  cryogenic  systems  are  not  part  of  the  on-orbit  satellite.  These  stages  have 
their  own  structure. 

B.2.7  Bus  Margin 

A  15%  margin  is  applied  to  all  spacecraft  bus  masses  to  account  for  uncertainties  in  the 
technologies  and  for  possible  growth.  Spacecraft  historically  undergo  a  25%  increase  in  their 
mass  from  concept  to  production.  The  15%  spacecraft  margin  is  based  on  the  rationale  there  is 
no  payload  mass  uncertainty  in  the  OECS;  thus,  less  bus  mass  uncertainty  is  reasonable.  A  15% 
margin  is  also  applied  to  the  advanced  cryogenic  upper  stages.  Sandia  Labs’  experience  with 
launch  vehicles  and  the  National  Launch  System  (NLS)  program  indicates  a  growth  rate  of  10%, 
although  the  rate  may  be  somewhat  higher. 

B.2.8  Propellant 

Propellant  sizing  is  based  on  orbit  transfer  and  on-orbit  stationkeeping  and  maneuver 
requirements.  To  minimize  spacecraft  mass,  tanks  are  shared  whenever  possible.  OCEM  uses  the 
rocket  equation.  Transfer  propellant  is  sized  from  the  mass  required  to  be  transferred  to  final 
orbit,  as  appropriate  for  each  technology  and  mission  scenario.  On-orbit  propellant  is  sized  from 
spacecraft  on-orbit  dry  mass  (e.g.,  after  a  separate  upper  stage  has  been  dropped  off). 

Residuals  are  added  to  the  transfer  propellant.  Reflecting  current  practices,  bipropellant 
transfers  have  a  5%  residual  based  on  the  transfer  AV  requirement.  For  electric  propulsion 
transfers,  there  is  a  10%  propellant  residual  for  xenon  (based  on  propeUant  mass),  6%  for 
ammonia,  and  7%  for  hydrogen.  The  hydrogen  for  solar  thermal,  solar  bimodal,  and  nuclear 
bimodal  also  has  a  7%  residual.  The  residual  for  the  advanced  cryogenic  upper  stage  is  calculated 
from  an  Aerospace  Corporation  weight-estimating  relationship  (the  residual  is  about  1%). 

Propellant  tank  volumes  are  also  increased  to  account  for  ullage.  Ullage  is  the  tank  volume 
that  cannot  be  filled  because  of  filler  location,  trapped  air  in  the  tank,  etc.  Ullage  percentages  are 
3%  for  hydrogen,  12%  for  xenon,  and  10%  for  all  other  propellants. 

B.2.9  Launch  Vehicle  Adapter 

The  launch  vehicle  adapter  is  assumed  to  be  68  kg  for  all  spacecraft  and  all  launch  vehicles. 
This  is  a  reasonable  simplifying  assumption. 

B.3  BASELINE  CHEMICAL/DIRECT  SYSTEMS 

The  baseline  chemical  systems  are  comprised  of  two  parts:  an  upper  stage  (which  is  not 
required  by  all  ORMs)  and  the  spacecraft. 


182 


B.3.1  Upper  Stages 

The  upper  stage  is  not  sized  by  OCEM— existing  stages  are  used.  The  need  for  an  upper 
stage  is  detemuned  by  the  ORM  and  launch  vehicle  (Table  B-3).  The  spacecraft  has  a  small, 
integrated  bipropellant-propulsion  subsystem  to  complete  the  orbital  transfer  in  cases  where  the 
launch  vehicle  does  not  place  the  spacecraft  into  its  required  orbit  (that  is,  the  launch  vehicle  only 
goes  to  GEO  transfer  orbit  [GTO]). 


Table  B-3.  Current  Upper  Stages  Used  By  OCEM 


ORM 

Titan  IV 

Atlas  HAS 

Delta  n 

GEO 

Centaur  upper  stage  to 
GEO 

Centaur  to  GTO*" 

PAM-D  upper  stage  to 
GTO 

MEO 

N/A 

Centaur  to  MEO  TO® 

PAM-D  to  MEO  TO 

LEO 

NUS* 

Centaur  to  LEO 

Delta  direct  to  LEO/ 

LEO  TO" 

HEO 

NUS  to  orbit  slightly 
lower  than  HEO 

Centaur  to  HEO 

PAM-D  upper  stage  to 
HEO 

*NUS  =  no  upper  stage  *MEO  TO  =  MEO  transfer  orbit 

'’GTO  =  GEO  transfer  orbit  ‘*LEO  TO  =  LEO  transfer  orbit 


B.3.2  Spacecraft  Sizing 

The  spacecraft  used  with  the  baseline  systems  are  very  conventional.  The  general  subsystems 
are  sized  as  described  above.  The  power  subsystem  uses  advanced  rigid  gallium  arsenide  (GaAs) 
arrays,  and  propulsion  is  provided  by  monopropellant,  bipropellant,  or  hydrazine  (N2H4)  arcjets. 

B.3.2.1  POWER  SUBSYSTEM 

Power  is  provided  by  advanced,  rigid,  multi-junction  GaAs  arrays  with  a  9.1-kg  deployment 
mechanism.  Array  characteristics  include  21%  efficiency  and  245.84  W/m^.  For  HEO,  30-mil 
frontal  cover  glass  is  assumed  (34.87  W/kg);  all  other  ORMs  assume  4-mil  cover  glass  (47.59 
W/kg).  Energy  storage,  sized  for  eclipsing,  is  provided  by  nickel  hydride  (NiH2)  common 
pressure  vessel  (CPV)  batteries  (49  W-hr/kg).  The  remaining  power  component  is  the  power 
management  and  distribution  system  (PMAD),  consisting  of  regulators/converters  and  wiring 
harnesses.  It  is  sized  from  historical  satellite  systems  analyzed  by  Aerospace  Corporation. 

The  solar  cells  are  sized  based  on  satellite  beginning-of-life  (BOL)  power  requirements. 

BOL  power  is  EOL  power  divided  by  solar  cell  degradation,  which  is  determined  from  the  ORM 
and  the  satellite’s  required  (design)  life. 

B.3.2.2  PROPULSION  SUBSYSTEM 

integral  bipropellant  subsystem  provides  on-orbit  transfer  for  those  missions  requiring  an 
additional  boost.  On-orbit  propulsion  options  are  summarized  in  Table  B-4,  and  the  subsystems 
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are  discussed  below.  Tanks  are  shared  as  much  as  possible  to  reduce  spacecraft  mass.  The 
reaction  control  system  (RCS)  plumbing  is  sized  as  a  percentage  of  dry  spacecraft  mass  based 
on  historical  data. 


Table  B-4.  On-Orbit  Thruster  Options  Considered  with  Chemical  Lift 


ORM 

Stationkeeping 

On-orbit  maneuver 

GEO 

8  monoprop  N2H4  for  E-W  and  4  N2H4 
arcjets  for  N-S 

N2H4  arcjet  or 

Biprop  N2H4  +  N2O4 

MEO 

12  monoprop  N2H4 

Monoprop  N2H4 

LEO 

12  monoprop  N2H4  or 

4  N2H4  arcjets  and  8  monoprop  N2H4  or 

4  biprop  N2H4  +  N2O4  and  8  monoprop  N2H4 

Same  as  stationkeeping 

HEO 

4  N2H4  arcjet  and  8  monoprop  N2H4  or 

12  monoprop  N2H4  or 

12  biprop  +  N2O4 

Same  as  stationkeeping 

Bipropellant  Chemical 

The  bipropellant  propulsion  subsystem  uses  N2H4  and  N2O4  if  the  spacecraft  has  N2H4 
already  on  board;  it  uses  MMH  and  N2O4  otherwise.  Propellant  tanks  are  aluminum  and  are  sized 
as  a  percentage  of  propellant  mass  based  on  historical  data.  The  thrusters  are  off  the  shelf  The 
transfer  thrusters  have  an  I,p  of  31 1  s;  those  used  for  stationkeeping  have  an  I,p  of 289  s.  A  helium 
pressurant  is  used  with  the  system.  These  tanks  are  composite  and  are  sized  for  the  system. 

Monopropellant  Chemical 

The  monopropellant  N2H4  used  for  minor  stationkeeping  and  reaction  control  is  a  small 
off-the-shelf  thruster.  The  thruster  has  an  I,p  of 225  s.  The  N2H4  tank  and  associated  plumbing 
comprise  the  rest  of  the  subsystem. 

Hydrazine  Arcjets 

The  N2H4  arcjets  are  also  based  on  an  off-the-shelf  system.  The  thrusters  are  1800  W  and 
have  an  I,p  of  500  s.  Power  conditioning  is  based  on  the  specific  thruster  requirements.  The  tank 
and  plumbing  comprise  the  rest  of  the  subsystem.  The  arcjets  are  run  with  off-duty  cycle  power  so 
they  do  not  add  to  the  spacecraft  power  requirements,  a  common  practice. 

B.4  ADVANCED  CRYOGENIC 

Like  the  baseline  chemical  systems,  the  advanced  cryo  systems  consist  of  two  parts:  an  upper 
stage  (as  required  by  the  ORM  and  launch  vehicle)  and  the  on-orbit  spacecraft. 
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B.4.1  Advanced  Cryo  Upper  Stage 

The  orbits  and  launch  vehicles  using  an  advanced  cryogenic  stage  are  summarized  in 
Table  B-5.  Three  stages  were  developed — one  for  each  launch  vehicle.  The  stages  were  designed 
with  the  following  in  mind: 

•  For  Titan  IV,  the  goal  was  to  have  a  stage  roughly  the  same  height  as  the  current 
Centaur  (9.0  m).  The  new  upper  stage  is  actually  one  meter  taller  due  to  the  size  of 
the  engine. 

•  For  Atlas  HAS,  the  new  stage  replaces  the  Centaur  and  was  sized  to  maximize  the 
Atlas’  performance  to  GTO. 

•  For  Delta  H,  the  new  stage  replaces  the  existing  Delta  second  stage  and  the  PAM 
upper  stage  with  a  total  propellant  mass  of  15,9 10  kg  (35,000  lb).  Such  a  system  is 
similar  to  McDormell  Douglas’  Delta  HI  concept  or  the  Delta  growth  option 
mentioned  in  the  1991  edition  of  the  AIAA  International  Reference  Guide  to  Space 
Launch  Systems  (Isakowitz,  p.  216). 


Table  B-5.  Use  of  Advanced  Cryo  Upper  Stages  for  Orbital  Transfer 


ORM 

Titan  IV 

Atlas 

Delta 

GEO 

Titan  adv  cryo  upper 
stage  to  GEO 

Atlas  adv  cryo  stage  to 

GTO 

Delta  adv  cryo  stage  to 

GTO 

MEO 

N/A 

Atlas  adv  cryo  stage  to 
MEO  TO 

Delta  with  adv  cryo  stage 
to  MEO  TO 

LEO 

NUS 

Atlas  adv  cryo  stage  direct 
to  LEO  or  LEO  TO 

Delta  adv  cryo  stage  to 

LEO  or  LEO  TO 

HEO 

NUS  to  orbit  slightly 
lower  than  HEO 

Atlas  adv  cryo  stage  to 

HEO 

Delta  adv  cryo  stage  to 

HEO 

A  summary  of  each  stage  is  found  in  Table  B-6.  The  prop>ellant  mass  fractions  of  each  stage 
are  certainly  reasonable.  As  a  comparison,  the  Atlas  Centaur  value  is  0.885.  That  of  the  Titan 
Centaur  stage  is  0.852.  (This  stage  is  considered  by  most  sources  to  be  heavier  than  necessary  for 
Titan  application,  since  it  was  originally  designed  for  use  in  the  Space  Shuttle).  Each  stage  has 
the  components  described  below. 
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Table  B-6.  Design  and  Performance  Summary  of  OECS  Advanced  Cryo  Designs 


Titan  IV 

Adas  HAS 

Delta  n 

Masses: 

Dry  Mass 

Propellant  (total) 
PropeUant  (usable) 

Total  Stage  Mass 

2013  kg  (4429  lb) 

20,677  kg  (45,490  lb) 

19,841  kg  (43,650  lb) 

22,691  kg  (49,920  lb) 

2200  kg  (4841  lb) 

23,770  kg  (52,293  Ib) 

23,507  kg  (51,716  lb) 

25,970  kg  (57,134  lb) 

2003  kg  (4408  lb) 

16,089  kg  (35,396  lb) 

15,9090  kg  (35,000  lb) 

18,093  kg  (39,804  lb) 

Propellant  Mass  Fraction 

0.874 

0.905 

0.879 

Performance  to: 

GEO  or  GTO 

GPS  or  GPS  TO 

LEO 

6730  kg  (14,807  lb)  GEO 
N/AtoGPS 

N/AtoLEO 

4679  kg  (10,293  lb)  GEO  TO 

5001  kg  (11,003  lb)  GPS  TO  , 
9621  kg  (21,167  lb) 

3330  kg  (7326  lb)  GEO  TO 

3604  kg  (79281b)  GPS  TO 

7806  kg  (17,174  lb) 

B.4.1.1  PROPULSION  SUBSYSTEM 

The  propulsion  subsystem  is  comprised  of  an  engine  and  plumbing.  The  engine  is  a 
Rocketdyne  45,000  Ibf  IME,  which  contains  nozzles,  thrust  chambers,  injectors,  pumps,  etc.  All 
three  upjier  stages  use  the  same  engine.  The  plumbing  includes  feed  lines  around  engines  to  tank, 
valving,  etc.  They  are  sized  using  Aerospace-developed  weight  estimating  relationships  (WERs). 

The  engine  is  an  advanced  cryogenic  engine  studied  by  Rocketdyne:  it  has  not  been  built. 
Table  B-7  gives  a  comparison  of  this  engine  to  the  RL-lOA-4  used  in  the  Atlas  Centaur  stage  (the 
Titan  Centaur  stage  uses  the  RL-lOA-3)  and  the  Russian  D-57.  The  IME  is  a  reasonable  engine; 
if  it  had  a  thrust-to- weight  ratio  of  50.6: 1,  the  engine  would  be  64  lb  heavier.  Given  that  we  are 
comparing  the  IME  to  a  Russian  engine  and  to  an  engine  based  on  20-year-old  technology,  a 
64-lb  reduction  should  not  be  difficult.  Molded  components  (such  as  turbopumps)  and  other 
advances  can  reduce  the  mass. 

B.4.1.2  STRUCTURE 

The  structure  is  comprised  of  tanks  and  the  thrust  structure  (i.e.,  what  holds  the  engine  to  the 
stage).  The  Atlas  and  Delta  stages  also  have  an  intertank  structure;  the  Titan  stage  uses  common 
bulkhead  tanks  (to  keep  its  height  similar  to  the  current  Centaur).  All  items  are  sized  using 
Aerospace-developed  WERs. 

B.4.1.3  THERMAL  CONTROL 

Thermal  control  includes  blankets,  MLI,  and  foam.  The  Titan  version  contains  more 
insulation  for  boil-off  control  since  it  is  used  to  transfer  from  GTO  to  GEO.  The  subsystem  is 
sized  using  Aerospace-developed  WERs. 


186 


Table  B>7.  Comparison  of  Proposed  Rocketdyne  Cryo  Stage  Engine 

to  Existing  Cryo  Engines 


Rocketdyne 
45,000  IbrlME 

Pratt  &  Whitney 
RL-lOA-4 

Russian 

D-57 

Thrust 

45,000  Ibf 

20,800  Ibf 

88,300  Ibf 

Isp 

467.5  s 

448.9  s 

456.5  s 

Chamber  Pressure 

1 195  psia 

465  psia 

1585  psia 

Expansion  Ration 

160:1 

85:1 

143:1 

Mass 

825  lb„ 

411  lb„ 

1744  lb„ 

Thrust/Weight  Ratio 

55:1 

50.6:1 

50.6:1 

Notes 

Paper  design  for 
National  Launch 
System  (NLS) 

Atlas  Centaur  stage 
uses  2  engines  based 
on  Titan  Centaur 
stage’s  RL-lOA-3 

Extensively  tested  but 
not  flown;  Aerojet 
seeking  to  market  it 

B.4.1.4  AVIONICS 

The  avionics  is  comprised  of  guidance  and  control,  data  handling,  instrumentation, 
communications,  flight  termination,  electrical  power,  and  electrical  harnesses.  The  suite  is  based 
on  a  detailed  Aerospace  upper  stage  design  using  state-of-the-art  avionics  based  on  today’s 
computer  technology.  It  is  significantly  lighter  than  the  avionics  in  current  vehicles. 

B.4.1.5  MISCELLANEOUS 

Additional  miscellaneous  components  are  based  on  Aerospace  WERs. 

B.4.1.6  PROPELLANT 

The  propellant  consists  of  liquid  hydrogen  and  oxygen.  Residual  propellant  is  calculated 
using  Aerospace  WERs  to  determine  bum-out  mass.  In  the  case  of  the  Titan  stage,  boil-off  is  also 
accounted  for.  The  amount  of  usable  propellant— 23,507  kg  (51,716  lb)  for  Adas,  15,909  kg 
(35,000  lb)  for  Delta,  and  20,454  kg  (45,000  lb)  minus  boil-off  for  Titan — ^is  then  added  to 
determine  total  stage  mass. 

B.4.2  Advanced  Cryo  Spacecraft 

The  spacecraft  launched  by  advanced  cryogenic  upper  stages  are  sized  in  the  same  manner 
as  those  of  the  baseline  systems.  Power  is  provided  by  advanced  GaAs  arrays,  and  propulsion  is 
provided  by  chemical  engines  or  hydrazine  arcjets. 

B.5  SOLAR  ELECTRIC 

The  solar  electric  spacecraft  are  also  very  conventional.  The  general  subsystems  are  sized  as 
described  above.  A  3%  additional  shielding  mass  is  added  for  GEO  and  MEO  ORMs  because  of 
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the  long  trip  times  through  the  Van  Allen  belts.  These  long  trip  times  also  force  the  inclusion  of 
propellant  residuals  because  of  the  in-transit  losses  (see  previous  discussion).  Power  is  provided 
by  flexible  GaAs  arrays  that  remain  with  the  spacecraft  throughout  its  life;  the  arrays  power  the 
transfer  propulsion  subsystem,  which  is  comprised  of  arcjets,  stationary  plasma  thrusters  (SPTs), 
or  ion  engines.  Electric  propulsion  orbit  transfer  is  not  used  with  the  IffiO  ORM. 

B.5.1  Power  Subsystem 

The  power  subsystem  is  based  on  advanced  flexible  GaAs  arrays  that  are  21%  efficient  and 
have  245.84  W/m^.  They  produce  61.1  W/kg.  The  arrays  are  an  Advanced  Photovoltaic  Solar 
Array  (APS A)  derivative.  Radiation  protection  is  the  equivalent  of  approximately  12  mil  of  top 
cover  glass  (the  bottom  substrate  provides  the  equivalent  of  approximately  12-mil  cover  glass, 
the  same  as  our  rigid  arrays).  The  deployment  mechanism,  consisting  of  a  canister  and  a  boom, 
has  a  mass  of  50  kg.  The  same  NiHa  CVP  battery,  PMAD,  and  miscellaneous  components  used 
with  the  rigid  arrays  (sized  for  spacecraft  requirements)  round  out  the  subsystem.  The  arrays  are 
not  jettisoned  after  transfer  but  remain  with  the  spacecraft. 

The  power  subsystem  is  sized  according  to  the  required  transfer  power  by  the  iterative 
process  described  in  the  sidebar.  Key  is  a  set  of  curves  derived  from  the  solar  array 
characteristics  and  output  firom  the  EVA  program.  EVA  characterizes  an  “average”  solar  electric 
transfer  system  (since  the  results  vary  slightly  depending  on  the  specific  transfer  technology)  for 
a  300-day  GEO  transfer.  Figure  B-1  shows  trip  time/bum  time,  BOL  thrust/EOL  thrust,  and  EOL 
power/BOL  power  as  a  function  of  starting  altitude. 


Sizing  the  Solar  Electric  Power  Subsystem 

Given  a  fixed  trip  time  (determined  by  the  ORM), 

•  Choose  a  drop-off  altitude 

•  Determine  the  required  transfer  AV  from  the  Edelbaum  approximation  for  low  thrust 
propulsion  systems 

•  Determine  the  required  bum  time  using  the  graph  in  Figure  B-1  and  the  trip  time 

•  Calculate  average  transfer  thrust  from  the  equation 

(Transfer  Propellent  Mass)  ^  Sq  x  /^^^(Bum  Time)  =  Average  Thrust 

•  Determine  beginning-of-life  (BOL)  thrust  from  average  thrust  and  the  graph  in 
Figure  B-1 

•  Calculate  BOL  power  from  the  equation 

{(BOL  Thrust)/[2  x  (Engine  Efficiency)  x  (PPU  Efficiency)]}  x  x  =  BOL  Power 

•  Add  housekeeping  power,  as  determined  from  spacecraft  sizing,  to  get  total  transfer 
power 

Iterate  the  process  by  increasing  payload  requirements  for  the  effectiveness  analysis  or  by 
raising  the  initial  orbit  for  the  cost  analysis  until  there  is  no  more  launch  vehicle  margin 
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Figure  B>1.  Sizing  curves  for  the  solar  electric  system. 


B.5.2  Propulsion  Subsystem 

The  propulsion  subsystem  consists  of  either  ammonia  (NH3)  arcjets,  hydrogen  (H2)  arcjets, 
hydrazine  (N2H4)  arcjets,  xenon  (Xe)  SPTs,  or  Xe  ion  engines  for  orbital  transfer.  On-orbit 
propulsion  is  provided  by  monopropellant  N2H4  and/or  the  transfer  thrusters,  as  summarized  in 
Table  B-8.  Tanks  are  shared  as  much  as  possible  within  the  spacecraft  and,  with  the  exception  of 
the  hydrogen  tanks,  are  sized  as  before.  The  hydrogen  tank  consists  of  the  following: 

•  The  tank  itself,  based  on  propellant  fraction  and  incorporating  3%  ullage 

•  Secondary  structure,  based  on  a  percentage  of  the  hydrogen  tank 

•  Thermal  control  (foam  and  MLI),  whose  thickness  is  based  on  historical  data 
analyzed  by  Aerospace 

•  Plumbing,  which  is  calculated  as  a  percentage  of  the  hydrogen  tank 

•  Separation  system,  a  simple  clamp-based,  spring-activated  device  designed  by 
Aerospace,  which  has  a  constant  mass 

During  the  transfer,  two  electric  propulsion  units  function  at  the  same  time;  power 
conditioning  is  provided  by  a  switching  power  processor  to  conserve  mass.  As  mentioned  before, 
the  hydrogen  arcjets  and  tanks  separate  from  the  spacecraft.  For  GEO,  the  spacecraft  is  brought 
to  an  altitude  300  nmi  above  GEO;  separation  occurs,  and  the  spacecraft  uses  its  on-orbit 
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propulsion  system  to  return  to  GEO.  For  MEO,  the  separation  altitude  is  50  nmi.  A  discussion  of 
each  propulsion  subsystem  option  is  given  below.  The  thrusters  are  either  based  on  existing 
thrusters  chosen  by  Aerospace  or  are  extrapolations  of  existing  thrusters. 


Table  B>8.  On-Orbit  Thruster  Options  Considered  With  Nuclear 
and  Solar  Electric  Lift 


ORM 

Stationkeeping 

On-orbit  Maneuver 

GEO 

8  monoprop  N2H4  for  E-W  and  4  add’l 
transfer-type  thrusters  for  N-S  (N2H4 
instead  of  H2  arcjets) 

Same  electric  thruster  as  S/K  or 
Biprop  N2H4  +  N2O4 

MEO 

12  monoprop  N2H4 

Monoprop  N2H4 

LEO 

12  monoprop  N2H4  or 

12  monoprop  N2H4  and  4  add’]  transfer- 
type  thrusters  (N2H4  not  H2  arcjets) 

Monoprop  N2H4  or 

Same  electric  thruster  as  S/K 

HEO 

N/A 

N/A 

B.5.2.1  AMMONIA  ARCJETS 

For  orbital  transfer,  ammonia  arcjets  come  in  three  sizes:  (1)  power  less  than  3500  W,  (2) 
power  between  3500  and  7000  W,  and  (3)  power  greater  than  7000  W.  These  arcjets  have  been 
extrapolated  from  existing  lower  power  arcjets.  They  have  an  Lp  of  800  s  and  a  life  of  2000  hr 
(83  days),  meaning  that  some  missions  (e.g.,  GEO)  must  carry  multiple  sets  of  arcjets.  The  power 
conditioning  unit  is  sized  for  the  thruster. 

For  on-orbit  propulsion,  the  ammonia  arcjets  are  2600  W  and  have  an  Ijp  of  700  s.  Power 
conditioning  is  sized  for  the  thruster,  and  the  NH3  tank  is  shared  with  the  transfer  arcjets. 
Plumbing  is  sized  as  before. 

B.5.2.2  HYDROGEN  ARCJETS 

For  orbital  transfer,  hydrogen  arcjets  come  in  the  same  three  sizes  as  the  ammonia  arcjets. 
Their  Lp  is  1200  s,  and  they  have  a  life  of  2000  hr  (83  days).  The  power  conditioning  unit  is  sized 
for  the  thruster.  Hydrogen  is  not  used  for  on-orbit  propulsion  due  to  storage  concerns. 

B.5.2.3  HYDRAZINE  ARCJETS 

For  orbital  transfer,  hydrazine  arcjets  come  in  the  same  three  sizes  as  the  ammonia  arcjets. 
Their  Igp  is  550  s,  and  they  have  a  life  of  2000  hr  (83  days).  The  power  conditioning  unit  is  sized 
for  the  thruster.  The  thruster  is  only  used  for  LEO  missions. 

For  on-orbit  propulsion,  the  thrusters  are  identical  to  the  hydrazine  thrusters  of  the  baseline 
chemical  system,  which  have  already  been  discussed.  The  subsystem  is  sized  as  before.  The  tanks 
are  shared  whenever  possible. 
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B.5.2.4  XENON  SPT 


For  orbital  transfer,  the  Xe  SPTs  come  in  the  same  three  sizes  as  the  ammonia  arcjets.  They 
have  an  Isp  of  1600  s  and  a  life  of  10,000  hr  (417  days).  Only  one  set  of  SPTs  are  used  on  the 
spacecraft  (that  is,  there  is  no  redundancy).  Power  conditioning  is  sized  for  the  thruster. 

For  on-oibit  propulsion,  the  thrusters  are  1350  W  and  have  an  Isp  of  1600  s.  Power 
conditioning  is  based  on  the  thruster  requirements,  plumbing  is  sized  as  before,  and  the  Xe  tank 
is  shared  with  the  transfer  thrusters. 

B.5.2.5  XENON  ION  ENGINES 

For  orbital  transfer,  the  Xe  ion  engines  come  in  the  same  three  sizes  as  the  ammonia  arcjets. 
Isp  is  3200  s,  and  life  is  10,000  hr  (417  days).  Only  one  set  of  ion  engines  is  carried  on  the 
spacecraft  for  transfer.  Power  conditioning  is  sized  for  the  specific  thruster. 

For  on-orbit  propulsion,  the  thrusters  are  based  on  NASA-Lewis  Research  Center’s  (LeRC) 
500-W,  30-cm  engines  with  an  Isp  of  3200  s.  Power  conditioning  is  based  on  thruster 
requirements,  plumbing  is  as  before,  and  the  Xe  tank  is  shared  with  the  transfer  thrusters. 

B.6  NUCLEAR  ELECTRIC 

The  nuclear  electric  spacecraft  is  similar  to  the  solar  electric  spacecraft  except  the  transfer 
and  on-orbit  power  is  provided  by  a  nuclear  reactor  rather  than  solar  arrays.  The  general 
subsystems  are  sized  as  described  above.  A  3%  shielding  mass  is  added  to  the  normal  structural 
mass  for  the  GEO  and  MEO  ORMs  due  to  long  trip  times  through  the  Van  Allen  belts.  The 
propulsion  subsystems  are  identical  to  those  of  the  solar  electric  systems  described  above. 

The  characteristics  of  the  nuclear  power  subsystem  are  based  on  historical  information 
(SP-100,  S-Prime,  Topaz)  analyzed  by  Rocketdyne.  Reactor  power  is  sized  from  transfer  power 
requirements.  The  methodology  is  similar  to  that  used  with  solar  electric  except 

•  Bum  time  equal  trip  time  (since  solar  eclipsing  is  not  a  factor) 

•  Thrust  is  constant 

•  Thrust  drives  power  requirements 

Given  power  requirements,  the  mass  of  the  nuclear  subsystem  is  determined  from  the  curve 
in  Figure  B-2.  Using  relationships  from  typical  systems,  the  various  components  are  then  broken 
out  as  a  percentage  of  the  total.  Components  include 

•  Reactor 

•  Radiation  shielding 

•  Boom  and  structure 

•  Heat  rejection 

•  Power  conditioning  and  control  (for  the  reactor) 
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Figure  B-2.  Nuclear  electric  reactor  performance. 

The  PMAD  system  is  sized  as  before  with  the  photovoltaic  power  systems.  The  system 
does  not  have  a  battery  since  eclipsing  is  not  a  concern  for  nuclear  systems.  Also,  all  thrusters 
and  tanks  remain  with  the  spacecraft  (i.e.,  hydrogen  arcjets  do  not  separate). 

B.7  NUCLEAR  BIMODAL 

Nuclear  bimodal  spacecraft  derive  their  power  and  primary  propulsion  from  a  single  nuclear 
reactor.  Propulsion  is  provided  by  passing  a  gas  (hydrogen  or  ammonia)  through  channels  in  the 
reactor.  The  system  is  also  designed  to  convert  reactor  heat  into  electricity  for  the  spacecraft.  The 
general  subsystems  of  the  spacecraft  are  sized  as  before.  The  reactor  and  hydrogen  tank  remain 
with  the  spacecraft  through  its  hfe.  The  bimodal  system  used  in  the  OECS  is  based  on  Phillips 
Lab  and  DOE’s  NEBA-1  Concept  3  design. 

B.7.1  Power  Subsystem 

The  power  subsystem  centers  around  the  nuclear  bimodal  system.  The  NEBA-1  Concept  3 
is  a  fixed  design  consisting  of  reactor,  radiation  shield,  heat  transport,  heat  rejection,  power 
conversion,  wiring  harness  (near  the  reactor),  boom  and  other  structure,  and  power  conversion 
(multicouple  thermoelectric  diodes).  Certain  elements  of  the  design  are  scaled  by  OCEM  based 
on  specific  spacecraft  power  requirements  (e.g.,  power  conversion  and  wiring  harnesses). 

The  remaining  elements  of  the  spacecraft  power  subsystem  are  batteries,  P&PS  controller, 
and  spacecraft  power  cabling.  These  items  are  sized  as  they  were  sized  for  photovoltaics. 

B.7.2  Propulsion  Subsystem 

Orbital  transfer  propulsion  is  provided  by  the  nuclear  bimodal  system  using  hydrogen  as  the 
propellant.  The  single  reactor  design  of  the  NEBA-1  Concept  3  produces  2200  N  thrust  with  an 
Lp  of  820  s.  Unlike  the  electric  propulsion  and  solar  thermal/bimodal  systems,  where  thrust  is 
determined  by  the  trip  time,  the  fixed  thrust  determines  the  trip  time.  The  actual  trip  time  and 
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required  AV  for  a  given  drop-off  altitude  and  launch  vehicle  was  determined  hy  Rocketdyne.  The 
hydrogien  tank,  which  is  sized  in  the  manner  described  above  for  solar  electric  hydrogen  arcjets, 
does  not  separate  from  the  system  upon  reaching  final  orbit. 

On-orbit  propulsion  options  are  summarized  in  Table  B-9.  If  monopropellant  hydrazine  and 
hydrazine  arcjets  are  used,  they  are  sized  as  described  before.  When  the  nuclear  bimodal  system 
is  also  used  (for  high  power  GEO  maneuvers),  ammonia  is  used  as  the  propellant.  An  ammonia 
tank  is  sized  with  the  system  using  the  same  method  applied  with  solar  electric  ammonia  arcjets. 

Table  B-9.0n-0rbit  Thruster  Options  Considered  With  Nuclear  Bimodal  Lift 


ORM 

Stationkeeping 

On-orbit  maneuver 

GEO 

8  monoprop  N2H4  for  E-W  and  4  N2H4  arcjets  for 
N-S 

N2H4  arcjct  or 

Monoprop  N2H4  or 

NH3  nuclear  bimodal 

MEO 

12  monoprop  N2H4 

Monoprop  N2H4 

LEO 

NH3  nuclear  bimodal  and  8  monoprop  N2H4 

Same  as  stationkeeping 

HEO 

4  N2H4  arcjets  and  8  monoprop  N2H4  or 

12  monoprop  N2H4 

Same  as  stationkeeping 

B.8  SOLAR  THERMAL 

The  spacecraft  using  solar  thermal  technologies  is  very  similar  to  the  baseline  chemical 
spacecraft.  The  general  subsystems  are  sized  as  previously  described,  and  power  is  provided  by 
the  same  rigid  GaAs  photovoltaic  solar  arrays  (sized  to  meet  requirements).  Transfer  propulsion, 
however,  is  provided  by  a  solar  thermal  system,  which  concentrates  sunlight  onto  a  receiver 
through  which  hydrogen  propellant  passes.  The  solar  thermal  system  separates  from  the 
spacecraft  upon  reaching  final  orbit.  GEO  and  MEO  are  handled  the  same  way  as  the  solar 
electric  hydrogen  arcjets;  HEO  is  dropped  off  in  its  orbit. 

Orbital  transfer  propulsion  is  provided  by  the  solar  thermal  systems,  which  consist  of  two 
inflatable  mirrors  on  a  rigid  structure  (the  reflectors),  the  inflation  mechanism,  turntables  and 
junctures  (for  mirror  control),  and  one  thruster/receiver.  A  hydrogen  tank  and  separation  system 
round  out  the  transfer  propulsion  system.  Guidance  and  control  is  provided  by  the  spacecraft.  The 
sizing  relationships  for  the  solar  thermal  components  were  provided  by  Phillips  Lab  (PL/RK). 
Hydrogen  tank  sizing  is  as  before,  and  the  separation  system  is  the  previously  mentioned 
Aerospace-designed  component. 

Sizing  the  orbit  transfer  system  involves  an  iterative  process.  The  trip  time  is  fixed  by  the 
ORM.  Given  an  initial  drop-off  altitude,  the  transfer  AV  and  Lp  are  determined  from 
Rocketdyne’s  analysis  described  in  Section  4.3.9.  Since  the  initial  thrust-to-weight  ratio  is 
constant  for  all  cases  (an  OECS  simplifying  assumption),  the  thrust  is  derived  from  the  initial 
sizing  mass,  which  also  determines  BOL  power.  The  thruster  and  reflector  mass  is  then  read  off  a 
curve  as  a  function  of  power  based  on  PL/RK  data.  The  process  is  repeated,  either  raising  initial 


193 


altitude  (for  the  cost  analysis)  or  increasing  payload  requirements  (for  the  effectiveness  analysis), 
until  the  selected  launch  vehicle  has  zero  launch  margin. 

On-oihit  propulsion  options  are  summarized  in  Table  B-10.  These  contain  the  same  thrusters 
previously  discussed. 

Table  B-10.  On-Orbit  Thruster  Options  Considered  With  Solar  Thermal  Lift 


ORM 

Stationkeeping 

On-orbit  maneuver 

GEO 

8  monoprop  N2H4  for  E-W  and  4  N2H4 

N2H4  arcjet  or 

arcjets  for  N-S 

Monoprop  N2H4 

MEO 

12  monoprop  N2H4 

Monoprop  N2H4 

LEO 

12  monoprop  N2H4  or 

4  NH3  arcjet,  N2H4  arcjet,  Xe  SPT,  or  Xe 
ion  and  8  monoprop  N2H4 

Same  as  stationkeeping 

HEO 

4  N2H4  arcjet  and  8  monoprop  N2H4  or 

12  monoprop  N2H4 

Same  as  stationkeeping 

B.9  SOLAR  BIMODAL 

Like  nuclear  bimodal,  solar  bimodal  provides  both  power  and  propulsion  to  the  spacecraft. 
All  other  aspects  of  the  spacecraft  are  identical  to  the  systems  previously  discussed. 

B.9.1  Power  Subsystem 

The  power  subsystem  centers  around  the  solar  bimodal  system.  This  system  consists  of 

•  Two  rigid  collectors  (mirrors) 

•  A  receiver,  which  contains  graphite  for  thermal  energy  storage,  the  thruster,  the 
cavity  to  heat  the  propellant,  room  for  thermal  energy  conversion  diodes,  and  heat 
rejection 

•  Diodes  for  thermal  energy  conversion 

The  collectors  and  receiver  are  sized  for  the  maximum  of  power  or  propulsion  energy 
requirements  (propulsion  requirements  typically  drive  the  system).  The  diodes  are  sized  based  on 
power  requirements  only.  The  power  subsystem  also  contains  a  rigid  1-m^  GaAs  solar  array  and  a 
battery  (both  are  identical  to  those  used  before).  The  PMAD,  as  discussed  before,  rounds  out  the 
spacecraft’s  power  subsystem. 

B.9.2  Propulsion  Subsystem 

Orbital  transfer  is  provided  by  the  bimodal  system.  Transfer  requirements  typically  size  the 
collectors  and  receiver  of  the  system.  The  process  is  iterative:  the  trip  time  is  fixed  based  on  the 
ORM.  Transfer  AV,  Lp,  initial  thrust-to-weight,  and  solar  bimodal  power  are  determined  from 
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Rocketdyne’s  analysis  once  an  initial  orbit  is  selected  (Section  4.3.9).  The  rest  of  the  spacecraft  is 
sized  and  the  process  iterated  until  there  is  no  launch  vehicle  margin. 

Hydrogen  is  used  as  the  transfer  propellant.  The  tank  is  sized  as  previously  discussed.  The 
tank  remains  with  the  spacecraft  throughout  its  life. 

Table  B-1 1  summarizes  the  solar  bimodal  spacecraft  on-orbit  propulsion  options.  Most 
options  are  identical  to  those  previously  discussed.  Like  nuclear  bimodal,  when  solar  bimodal 
is  an  on-orbit  option,  ammonia  is  used  as  the  propellant. 

Table  B-11.  On-Orbit  Thruster  Options  Considered  With  Solar  Bimodal  Lift 


ORM 

Stationkeeping 

On-orbit  Maneuver 

GEO 

8  monoprop  N2H4  for  E-W  and  4  N2H4  arcjets 
forN-S 

N2H4  arcjet  or 

Monoprop  N2H4  or 

NH3  solar  bimodal 

MEO 

12  monoprop  N2H4 

Monoprop  N2H4 

LEO 

NH3  solar  bimodal  and  8  monoprop  N2H4 

Same  as  stationkeeping 

HEO 

NH3  solar  bimodal  and  8  monoprop  N2H4  or 

12  monoprop  N2H4 

Same  as  stationkeeping 

195 


196 


APPENDIX  C 

RSM  EQUATIONS  FOR  AVAIUBILITY  AND  NUMBER  OF  SATELLITES  BOUGHT 


This  appendix  contains  the  response  surface  methodology  (RSM)  coefficients  for  maximum 
constellation  availability  and  corresponding  number  of  satellites  bought  for  each  ORM.  Data  for 
all  ORMs  except  ORM  2a  (MEO-GPS)  was  fit  using  five-factor,  central  composite,  face- 
centered  designs  consisting  of  32  points:  10  face-centered  points,  16  comer  points,  and  6  center 
points.  ORM  2a  (GPS)  was  fit  wi&  a  five-factor  D-optimal  design. 

In  each  case  the  five  factors  were: 

•  Number  of  satellites  (Ns) 

•  Satellite  mean  mission  duration  (Mmd) 

•  Satellite  deployment  time  (To) 

•  Launch  reliability  (Rl) 

•  Minimum  time  between  launches  (Tb) 

Table  C-1  lists  the  ranges  for  each  ORM  over  which  the  five  parameters  were  fit.  The 
equations  should  not  be  used  outside  these  ranges.  Table  C-2  through  Table  C-5  contain  the 
coefficients  for  ORM  1  (GEO),  ORM  2a  (MEO-GPS),  ORM  3a  (LEO-polar),  and  ORM  4 
(HEO),  respectively.  In  each  table  the  first  column  specifies  the  term  and  the  second  column  the 
transformed  term  to  which  the  coefficients  apply.  The  remaining  columns  contain  the  coefficients 
of  the  equations  for  availability  and  number  of  satellites  bought  for  either  one  or  two  values  of 
on-orbit  spares.  Missing  coefficients  correspond  to  terms  eliminated  in  the  multiple  linear 
regression  fitting  process.  The  R-squared-adjusted  and  the  RSM  fit  error  are  given  at  the  bottom 
of  each  table. 


Table  C-1.  Applicable  Parameter  Ranges  for  the  RSM  Approximations 


Parameter 

ORM  1  (GEO) 

ORM  2a  (GPS) 

ORM  3a  (LEO- 
polar) 

ORM  4  (HEO) 

Ns- 

3-5 

12-21 

1-3 

1-3 

MMD(yr) 

5-14 

8-14 

3-8 

5-14 

Tofday) 

60-360 

6(^270 

60-90 

60-120 

Rl 

0.87-0.98 

0.87-0.98 

0.87-0.98 

0.87-0.98 

Tsfyr) 

0.125-0.333 

0.125-0.25 

0.125-0.333 

0.125-0.333 

^Constellation  size  is  without  active  spares 
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_ _ Table  C-2.  RSM  Availability  CoefBcients  for  ORM 1  (GEO) _ 

Term  Transformed  Term  Availability  Availability  No.  Bought  No.  Bought 

WithO  Withl  WithO  Withl 

Spares  Spare  Spares  Spare 


r- 

0\ 

o\ 

fN 

cn 

o^ 

ON 

8 

o 

O 

d 

d 

1 

d 

d 

1 

R-sq-adj _ 0.9918 _ 0.9695 _ 0.9998 _ 0.9974 

RMS  Error  |  0.006853 _ 0.00349  0.01084  0.00344 


Table  C-3.  RSM  Availability  Coefficients  for  ORM  2a  (GPS) 

Term  Transformed  Term  Availability  No.  Bought 

With  3  With  3 


R-sq-adj _ 0.9712 _ 0.9993 

RMS  Error  |  0.0188  0.1574 


Table  C-4.  RSM  Availability  Coefficients  for  ORM  3a  (LEO-Polar) _ 

Transformed  Term  Availability  Availability  No.  Bought  No.  Bought 

WithO  Withl  WithO  With  1 


00  ON 
VO  SO  NO 
m  00  tn  ^ 
ro  Os  NO 
00  »r>  r* 

NO  in  p 

r4  d  d  d 


^oO'^voroinQQ 

mNor>i^r«*Nooo 

§^8888888 


^  Q  in  in  cn  o 

00  o  ^  ra  m  in 

m  in  m  o  ^ 


8  8  8  8  8  8  8 


00090000 


000  00  00  do 


Ri.xTb  I  (R,.-0.925)/0.055x(Tr-0.229)/0.104  |  0.006599  |  0,001384  |  _ 

R-sq-adj _ 0.9917 _ 0.9580  0.9978  0.9991  ~ 

RMS  Error  | _  I  0.004516  |  0.000819  0.02877  0.02202 


Term  Transformed  Term  Availability  Availability  No.  Bought  No.  Bought 

WithO  Withl  WithO  Withl 

Spares  Spare  Spares  Spare 


RMS  Error  0.001958  0.000286  0.1006  0.001016 


Deployment 
Time  (days) 


MMD  (years) 

Figure  C-1.  ORM  2a  (GPS);  Availability  and  number  of  satellites  required 
to  maintain  a  21*satellite  constellation  with  3  spares. 


ORM  2  (GPS)  represents  a  different  situation  from  ORM  1  (GEO)  in  that  the  constellation 
was  designed  with  three  active  on-orbit  spares.  We  see  from  Figure  C-1  that,  with  the  three 
active  spares,  high  availabilities  are  still  achieved  when  electric  propulsion  is  used  despite  the 
long  deployment  times.  No  cases  using  additional  spares  were  examined  for  ORM  2  (GPS). 
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APPENDIX  D 

INNOVATIVE  TECHNOLOGY  VOLUME  CALCULATIONS 

D.1  INTRODUCTION 

This  appendix  provides  a  description  of  the  methodologies  used  to  estimate  the  volumes  of 
the  satellite  payload  and  bus,  the  lift  propulsion  propellant  tank,  and  other  innovative  lift 
propulsion  elements  in  the  OCEM  design  and  sizing  model.  The  effectiveness  analysis  (Chapter 
5)  compares  the  resulting  integrated  volumes  against  current  launch- vehicle  fairing  volumes  to 
identify  potential  technology-  and  launch  vehicle-specific  volumetric  constraints. 

All  payload  and  bus  volumes  are  estimated  based  on  a  constant  wet  density  of  79  kg/m^ 
(Larsen  and  Wertz,  p.  292)  except  the  following  lift  propulsion-specific  items,  which  cannot  be 
considered  standard  bus  hardware: 

•  Nuclear  bimodal:  lift  propellant  tank  and  nuclear  bimodal  system  (including  nozzle) 

•  Solar  bimodal:  lift  propellant  tank,  collectors,  and  receiver/absorber/converter 
(including  thruster) 

•  Solar  thermal:  lift  propellant  tank,  collectors,  and  thruster 

•  Nuclear  electric:  lift  propellant  tank  and  nuclear  power  system 

•  Solar  electric:  lift  propellant  tank  and  lift  propulsion  solar  arrays 

The  volume  of  the  lift  propellant  tanks  is  calculated  by  OCEM  based  on  propellant  needs 
(see  Appendix  B).  The  methodologies  for  the  other  elements  are  presented  below.  We  have 
determined  that  an  unusable  volume  is  associated  with  all  of  the  above  nontank  elements.  This 
unusable  volume  is  space  surrounding  the  component  that  is  not  needed  for  lift  propulsion 
hardware.  The  space  is  located  too  far  from  the  payload  and  bus  to  provide  them  with  additional 
unusable  volume.  For  each  of  these  elements,  except  the  solar  arrays,  we  estimate  its  unusable 
volume  and  combine  it  with  the  actual  volume  to  arrive  at  an  effective  volume.  The  unusable 
volume  associated  with  solar  arrays  is  believed  to  be  small  and  is  ignored.  Volume  implications 
of  the  advanced  cryogenic  upper  stages  are  also  discussed  below.  A  summary  of  the 
methodologies  appears  in  Table  D-1. 

D.2  ADVANCED  CYROGENIC 

Except  for  Titan  IV,  the  advanced  cryogenic  upper  stages  do  not  intrude  into  the  fairing 
volume.  The  advanced  cryogenic  stage  for  Delta  n  replaces  the  current  Delta  second  stage.  For 
Atlas  HAS,  the  advanced  cryogenic  stage  replaces  the  Centaur.  However,  because  the  advanced 
cryogenic  stage  design  for  Titan  IV  is  larger  than  the  Titan  Centaur  it  replaces,  an  additional  1  m 
at  the  bottom  of  the  Titan  fairing  is  occupied  by  the  advanced  stage. 
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Table  D-1.  Suminary  of  the  Assumptions  Used  to  Calculate  Required  Fairing  Voiumes 

Innovative  Payload  Bus  Propellant  Tank  Volume  Lift  Technoloey  Volume 

Technology  (kg/m®)  (kg/m^) 


Solar  Electric  79  79  Case  specific.  H2  tank  Solar  array  volume  based  on  15  kW/m^  of  BOL  power. 

diameter  =  diameter  of  fairing 
dynamic  envelope.  NH3  and 
Xe  tanks  treated  only  as 
volumes. 


D.3  NUCLEAR  BIMODAL  AND  NUCLEAR  ELECTRIC 

For  the  nuclear  bimodal  and  nuclear  electric  systems,  we  must  determine  not  only  the 
system’s  volume  (reactor,  reactor  shield,  thermal  radiator,  and  the  telescoping  boom)  but  any 
associated  unusable  volume.  We  have  assumed  the  nuclear  system  is  placed  at  the  top  of  the 
fairing  above  the  hydrogen  tank.  (For  NH3  and  Xe,  the  propellant  tanks  are  much  smaller  and 
their  volumes  are  simply  combined  with  the  other  volumes.)  Thus  the  payload  and  remaining 
satellite  bus  are  at  the  bottom  of  the  fairing.  We  further  assume  that  the  nuclear  system, 
which  has  an  approximately  cylindrical  shape,  is  oriented  as  shown  in  Figure  D-1.  All 
nonreactor  space  around  the  system’s  longitudinal  axis  is  regarded  as  unusable  and  part  of  the 
reactor’s  effective  volume. 


pteactorvobane 

Ibetotdvcittme 

dashed 


Unusable 

volume 


Fairing 

dynamic 

envelope 


Figure  D-1.  Assumed  placement  of  the  nuclear  system  for  determining 

required  fairing  volume. 

The  length  and  diameter  of  the  bimodal  reactor  cylinder  are  a  constant  4.74  m  and  1.26  m, 
respectively,  based  on  the  NEBA  1  design  (Vanek).  In  the  nuclear  electric  case,  length  and 
diameter  are  functions  of  the  electric  power  as  shown  in  Table  D-2  (Determan).  Since  each 
launch  vehicle’s  fairing  is  a  different  size  and  shape,  effective  nuclear  system  volume  as  a 
function  of  electric  power  is  different  for  each.  Estimated  effective  volumes  as  a  function  of 
power  are  shown  in  Table  D-3.  The  linear  least  square  fits  of  effective  volume  in  m^  for  each 
launch  vehicle  are: 

•  Delta  H:  20.29 +  0.43x 

•  Atlas  HAS:  12.68 +  0.75x 

•  Titan  IV:  39.72 +1.23X 

where  x  is  specific  power  in  kWe.  Standard  errors  of  the  fits  are  in  the  range  of  1-5%  of  the 
total  fairing  volumes. 
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Table  D-2.  Maximum  Length  and  Diameter 
of  a  Nuclear  System 


Electric  Power 

Length 

Diameter 

(kW) 

(m) 

(m) 

5.5 

4.3 

1.67 

20 

5.60 

2.17 

40 

6.78 

2.63 

Table  D-3.  Estimated  Required  Volume  for  a  Nuclear  Electric  System 


Electric  Power 

Delta  n 

Atlas  DAS 

Titan  I 

(kw) 

(m^) 

(m") 

(m") 

5.5 

22 

16 

45 

20 

30 

29 

67 

40 

37 

42 

88 

0.4  SOLAR  BIMODAL 

For  the  solar  bimodal  case,  we  must  consider  the  effective  volume  occupied  by  the 
collectors  and  the  receiver/absorber/converter.  The  tabular  data  appearing  in  this  section  were 
provided  for  the  OECS  by  Phillips  Laboratory  VTP  (Malloy).  We  assume  that  the  solar 
bimodal  propulsion  is  at  the  bottom  of  the  fairing  below  the  hydrogen  tank.  The  collectors  are 
stored  in  an  annulus  between  the  hydrogen  tank  and  the  fairing  as  depicted  in  Figure  D-2.  The 
formula  for  the  cross-sectional  area  of  the  annulus  is  indicated  in  the  figure.  The  volume  of 
annulus  is  found  by  multiplying  this  area  by  the  stowed  collector  length.  The  thickness  of  the 
annulus  is  given  in  Table  D-4  for  each  launch  vehicle  as  a  function  of  the  system’s  maximum 
achievable  electrical  power.  The  stowed  collector  length  is  found  in  Table  D-4  as  well.  Note 
that  because  of  changes  in  the  way  the  collectors  are  hinged,  neither  annular  thickness  nor 
collector  length  increase  monotonically  with  power. 


Goss  Section  Through  Fairing, 
Collectors,  and  H2  Tank 


Figure  D-2.  Cross-section  of  the  annular  area  used  to  store  the  collector 

in  a  solar  bimodal  system. 


Table  D-4.  Collector  Length  and  Annular  Thickness 
for  a  Solar  Bimodal  System”’** 


Maximum 
Achievable 
Electric  Power 
(kW) 

Stowed  Length 
(m) 

Thickness  (m) 

Delta  n 

Atlas  nAS 

Titan  IV 

1.0 

4.2 

0.08 

0.06 

0.04 

2.0 

2.9 

0.16 

0.12 

0.09 

3.0 

3.6 

0.25 

0.19 

0.13 

5.0 

4.5 

0.14 

0.10 

0.07 

7.5 

5.8 

0.22 

0.16 

0.11 

10.0 

6.5 

0.30 

0.22 

0.15 

“Four  hinge  lines  used  on  5kW  and  larger  collectors. 

^Optional  horizontal  hinge  line  used  on  2  kW  and  larger  collectors. 


The  solar  bimodal  receiver/absorber/converter  sits  at  the  bottom  of  the  stack  beneath 
the  H2  tank  (see  Figure  D-3).  We  have  assumed  that,  because  of  its  location,  the  volume 
around  it  is  unusable.  Therefore  the  effective  volume  of  this  element  is  the  product  of  its 
height  and  the  area  of  the  inner  circle  defined  by  the  stowed  collectors.  The  height  of  the 
receiver/absorber/collector  as  a  function  of  rated  electric  power  is  given  in  Table  D-5. 
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Figure  D*3.  Longitudinal  cross  section  of  fairing  showing  placement 
of  the  propulsion  elements  in  a  solar  bimodal  system. 


Table  D-5.  Height  of  Solar  Bimodal 
Receiver/Absorber/Converter 


Rated  Electrical 
Power 
(kW) 

Receiver/Absorber/ 
Converter  Height 
(m) 

1.0 

0.59 

2.0 

0.77 

3.0 

0.81 

5.0 

0.92 

7.5 

1.43 

10.0 

1.54 

D.5  SOLAR  THERMAL 

Solar  thermal  packaging  places  the  collectors  and  thruster  in  a  cylindrical  volume  of 
height,  h,  and  diameter  equal  to  the  fairing  diameter  (Perkins).  The  arrangement  is  shown  in 
two  views  in  Figure  D-4.  The  estimated  values  of  h  are  given  in  Table  D-6  (Perkins).  Because 
of  the  location  of  these  elements  at  the  bottom  of  the  hydrogen  tank,  the  volume  around  the 
collectors  and  thruster  are  regarded  as  unusable.  Thus  the  effective  volume  of  these  elements 
is  the  entire  volume  of  the  cylindrical  wafer  (Tir^h ).  For  NH^  and  Xe,  the  propellant  tanks  are 
much  smaller  and  their  volumes  are  simply  combined  with  the  other  volumes. 
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Figure  D>4.  Plan  and  longitudinal  cross  sections  of  fairing  showing  the 
solar  thermal  propulsion  elements  of  a  solar  thermal  system. 


Table  D-6.  Additional  Length  of  H2  Tank,  A,  in  the 
Solar  Thermal  System 


Power 

(kW) 

Delta  n 
(m) 

Atlas  DAS 
(m) 

Titan  IV 
(m) 

20 

0.25 

0.18 

0.15 

50 

0.38 

0.28 

0.23 

100 

0.56 

0.41 

0.33 

200 

0.81 

0.58 

0.46 

400 

1.17 

0.84 

0.66 

500 

1.32 

0.94 

0.74 

1  MW 

2.01 

1.40 

1.07 

2 

3.15 

2.13 

1.60 

4 

N/A* 

3.40 

2.49 

8 

N/A‘ 

N/A* 

4.01 

Greater  than  fairing  length. 
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D.6  SOLAR  ELECTRIC 

The  volume  of  the  solar  panels  for  the  solar  electric  lift  propulsion,  including 
deployment  mechanisms,  is  based  on  a  power  density  of  15  kW/m^.  This  estimate  is  based  on 
an  Advanced  Photovoltaic  Solar  Array  (APS A)  derivative  power  density  of  13.9  kW/m^  for 
similar  but  3%  less  efficient  arrays  (Gledhill  and  Marvin). 
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APPENDIX  E 

ACQUISITION  COST  ESTIMATES 


We  dealt  with  relative  costs  of  the  innovative  technologies  in  the  cost-effectiveness 
discussions  in  Chapter  7  to  provide  the  most  appropriate  cost  comparisons  within  the  context 
of  our  CERs.  In  this  appendix,  we  provide  the  actual  cost  estimates  of  establishing  and 
maintaining  constellations  for  15  years  in  ORM  1  (GEO),  ORM  2a  (GPS),  ORM  3a  (LEO), 
andORM4(HEO). 
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